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PREFACE

The Sixteenth Space Simulation Conference was held at the Marriott Hotel, Albuquerque, New Mexi-
co, November 5 to 8, 1990. This conference is hosted by the Institute of Environmental Sciences
(IES) and supported by the American Institute of Aeronautics and Astronautics (AIAA) and the
American Society for Testing and Materials (ASTM). National Aeronautics and Space Administration
(NASA) supports the conference by publication of these proceedings.

Confirming Spaceworthiness into the Next Millennium, the theme for this year’s conference addressed
subjects of continuing interest such as spacecraft testing, dynamic testing, materials, and thermal test-
ing.

Dr. Al Narath, President Sandia National Laboratories, was the guest speaker for the luncheon. There
was an informative tour of the Sandia Laboratories which included points of interest such as the Na-
tional Atomic Museum.

I wish to thank the committee members that made these proceedings possible. My thanks go to
Dr. Raymond D. Rempt, Technical Chairman, and the people on his technical committee, Joseph L.
Stecher I1I, Publication Chairman—NASA Goddard Space Flight center, John D. Campbell, IES Meet-
ing Manager, and last but not least, thanks to Janet A. Ehmann, IFS Program Coordinator and her
staff for handling all of the details which produced this successful conference.

Richard Hartenbaum
General Chairman
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SOLAR THERMAL VACUUM TESTS OF MAGELLAN SPACECRAFT*

James C. Neuman ) &fQ
Martin Marietta Astronautics Group /f oY
o

ABSTRACT M

The Magellan solar/thermal/vacuum test involved a number of
unique requirements and approaches. Because of the need to operate
in orbit around Venus, the solar intensity requir<gget ranged up
to 2.3 "suns" or Earth-equivalent solar constants. Extensive
modifications to the solar simulator portion of the test facility
were required to achieve this solar intensity. Venus albedo and
infrared emission were simulated using temperature-controlled
movable louver panels to allow the spacecraft to a view either a
selectable-temperature black heat source with closed 1louvers, or
the chamber coldwall behind open louvers. The spacecraft was
mounted on an insulated hydraulically-actuated turntable/tilt-beam
gimbal fixture to accommodate several positions relative to the
solar beam and albedo simulator. Innovative methods were used to
tilt both the gimbal fixture and the solar simulator mirror to
maximize spacecraft illumination coverage in the solar beam.

The test conditions included widely varying solar intensi-
ties, multiple sun angles to the spacecraft, alternate (redundant)
hardware configurations, steady-state and transient cases, and
cruise and orbital power profiles. "Margin" testing was also
performed, wherein supplemental heaters were mounted to internal
thermal blankets to verify spacecraft performance at higher-than-
expected temperatures. The test was highly successful, uncovering
some spacecraft anomalies and verifying the thermal design. The
test support equipment experienced some anomalous behavior and a
significant failure during the test. Analytical temperature pre-
dictions compared favorably with test results with a few notable
exceptions.

INTRODUCTION

The Magellan spacecraft is a three axis stabilized, fine
pointing, fully redundant radar carrier using stellar inertial
references and reaction wheel torquing. The overall dimensions of
the spacecraft are 6.3m by 9.1lm. The spacecraft was provided by
Martin Marietta under contract to the Jet Propulsion Laboratory.

* This report was prepared for the Jet Propulsion Laboratory,
California Institute of Technology, sponsored by the
National Aeronautics and Space Administration.



The 3.7-meter dianeter parabolic high gain antenna (HGA)
dominates the forward end of the spacecraft, used for radar data
taking at S-Band and for playback to Earth at X-band. Medium gain
and low gain links are also provided.

The radar electronics, telecommunications equipment, batter-
ies and attitude control system are housed in the forward equip-
ment module adjacent to the antenna. The command and data system,
power system and attitude control electronics are located in the
decagonal Voyager bus structure,

The power system is a direct energy transfer type which
provides 28 Vdc and 2.4 kHz inverted power using 2 each 3 by 3
meter solar panels and two NiCad batteries. The solar panels (not
used in STV test) are partially populated with optical solar
reflectors to reduce panel temperatures. The command and data
system is a multi-processor design which is a modification to the
Galileo spare unit. The propulsion system includes a solid rocket
motor for Venus orbit insertion (not used in STV test) and a mono-
propellant system (dry for STV test) for midcourse corrections,
thrust vector control and reaction wheel desaturation. The
spacecraft test configuration is shown in Figure 1.

The Magellan mission launched a single spacecraft to Venus in
May 1989. The mission design includes the use of a Type IV Earth-
Venus transfer trajectory. This results in the spacecraft
traversing a heliocentric angle of slightly greater than 540°
during cruise. This particular trajectory was selected because of
the timing of its availability, its relatively low Earth escape
energy requirement and its moderate approach velocity at Venus,
which made the mission possible with the Space Shuttle Atlantis
and the Inertial Upper Stage (IUS).

Magellan will be placed in a near polar elliptical orbit with
a periapsis altitude of 250 km. The spacecraft will map 25 km
swaths from the North Pole to 74° South latitude. The orbit period
of 3.15 hours will result in an East West displacement of each
successive swath, due to Venus rotation, of about 18 km, thus
assuring continuity of the coverage. Coverage of the planet above
74° South latitude is achieved in one Venus rotation of 243 Earth
days.

Mapping begins over the North Pole, continues through
periapsis, and lasts for 37.2 minutes. During mapping and data
recording, the spacecraft points the HGA to the left, looking in
the direction of orbital motion. The look-angle (the angle between
the local vertical and the HGA boresight direction) is varied with
altitude in the elliptical orbit, to optimize the radar per-
formance. After each mapping pass, the spacecraft turns and points
the HGA at Earth for playback of the recorded mapping data.



The playback is accomplished in two intervals separated by a
star calibration (STARCALS) near apoapsis. During the STARCAL,
the spacecraft gyros are recalibrated with reference to the star
scanner to assure that the HGA pointing during the next mapping

swath will meet the radar pointing requirements.1

Several of these mission scenarios were simulated in the STV
test. This paper contains a description of the test objectives,
the facility and configuration (including the modifications
required to accommodate the spacecraft), the timeline, the test
execution and the test results, concluding with some lessons
learned.

IEST OBJECTIVES

The objectives of the Magellan Solar Thermal Vacuum (STV)
Test were as follows:

1. a. Provide data for the validation of the Magellan
thermal math models.

b. Verify thermal subsystem performance.

2. Demonstrate integrated system performance at cold and
hot ("margin") temperature levels.

In addition to the formal objectives, the following special
requirements were to be implemented:

1. Provide an appropriate thermal environment for character-
ization of spacecraft systems such as radar performance
testing, articulation mechanism functional testing, and
radio performance testing.

2. Provide for shunted power adjustments to validate shunt
radiator thermal design and workmanship and provide
testing to satisfy protoflight testing criteria.

No system-level thermal cycling tests were explicitly
required. However, the cycling which occurred as a result of
varying test conditions, margin testing and mapping orbital
simulations provided system-level workmanship confidence to sup-
plement component- and subsystem-level thermal cycling tests.



TEST FACILITY? 3.4

The test facility was located in the Space Simulation Labora-
tory, Martin Marietta Astronautics Group, near Denver, Colorado.
The Magellan test used the 8.8m dia X 19.8m high (29'X65') chamber
configuration, the solar simulator modified to produce 2.3 suns
intensity, and portions of the thermal environment simulator to
form the albedo simulator.

IEST CONFIGURATION

The Magellan (MGN) spacecraft is a protoflight vehicle and
therefore actual flight hardware was used in the test configu-
ration, with the following exceptions:

1. No solar array panels. Simulated by temperature-controlled
aluminum structure supporting the sun sensor units.

2. The hydrazine tank was dry with pad pressure to maximize
response rates.

3. Test batteries installed (identical to flight batteries).

Magellan's size and the requirement to illuminate both its
long axis and its transverse axis with the solar beam introduced
the need to tilt both the gimbal and the solar mirror. The gimbal
tilt was constant throughout the test and was accomplished by
constructing an adapter with the required tilt. The adapter picked
up three of the four mounting hardpoints in the chamber floor and
accommodated the gimbal's four mounting legs. Stress and dynamic
analysis verified the capability of the tilted gimbal structure to
withstand the off-nominal loading. The gimbal tilt and spacecraft
position envelopes are shown in Figure 2.

The solar mirror tilt was accomplished by installing longer
suspension turnbuckles in the secondary support structure. Since
the mirror was supported primarily by a single-axis beam which
could be rotated, turnbuckle adjustments could be used to tilt the
mirror. The solar mirror tilt was not constant during the test,
requiring a -2° mechanical tilt (-4° solar incidence angle) for
cases 1 and 2 where sun directly along the MGN +2 axis was
required, and +2° (mechanical) for the remaining cases when sun
perpendicular to the +Z axis was required. The mirror could not be
repositioned while under vacuum, thereby necessitating a return to
ambient conditions between cases 2 and 3. Figure 3 shows the
unusual resulting geometries for the various test cases. The net
result of the gimbal and mirror tilts was a nearly complete illum-
ination of the entire spacecraft, with only a small crescent-



shaped portion of the HGA plus two Rocket Engine Modules (REM) and
a sun sensor outside the beam in cases 1 and 2, and only the
extreme tip of the HGA outside the beam in cases 4-13.

Venus albedo (reflected sunlight) is as high as 78%. When
combined with a 2-"sun" solar intensity, over 1.5 "suns" of addi-
tional sunlight can be expected in the Magellan mission. This
energy could not be applied to the test configuration in the solar
spectrum since only one sun source was available. An albedo simu-
lator was therefore constructed to provide additional energy to
the spacecraft. The albedo simulator used 18 existing tempera-
ture-controlled 1.8m X 1.8m louver panels, each with eight louver
plades, mounted in a new frame to provide a known infrared (IR)
heat source. The louvers could be opened to allow the spacecraft
to view liquid-nitrogen-cooled shrouds, or closed and heated to
simulate Venus albedo and planetary IR emissions. The location was
chosen as representative since Venus albedo can be incident from
virtually any angle in the actual mission. The albedo simulator
was also available for emergency safing (warming of the chamber
environment) in case of a long-term solar simulator failure. The
albedo simulator is depicted in Figure 4.

Redundant guard heaters were used to null heat loss to the
gimbal and cable bundle. Heaters were also used to simulate the
presence of the solar panels, which were omitted due to their pro-
hibitive size, for sun sensor and solar array drive motor conduc-
tive environments. Cabling was routed through the insulated aft
end of the spacecraft, and was insulated and guard-heated. Guard
heaters totalled 630 Watts in seven zones (1260 Watts for both
redundant sets).

An additional set of test heaters was installed within the
spacecraft to provide artificial heating for higher-than-expected
temperature testing of the complete spacecraft. This testing was
referred to as "margin" testing since its purpose was to evaluate
system performance at elevated temperatures, thereby demonstrating
"margin" above expected levels. The non-redundant margin heaters
were attached to large interior insulation blankets such that
blanket emittance was not compromised, and were controlled with
dedicated thermocouples including an autonomous overtemperature
kill capability. A total of 5500 Watts were provided in eight
zones.

Test instrumentation consisted of 372 type E thermocouples
placed to provide information for component temperature require-
ments compliance, thermostat function, external heat flux level,
and thermal math model correlation. Each thermocouple was bonded
to its substrate material. Additionally, 84 flight temperature
sensors (platinum resistors) were available for comparison to and
supplementation of the test thermocouples. A further 26 flight
sensors became available when the spacecraft's radar was active.
The data were displayed, printed, and plotted realtime and were
stored on magnetic tape for post-test processing.



IIMELINE

The test timeline was established after consideration of a
number of factors, primarily driven by the desire to maximize the
variety of conditions and to envelope the extreme conditions.
Since the spacecraft 1is designed to operate under continuous
motion while mapping Venus, consideration was given to duplicating
this motion on the gimbal structure while operating the radar in
synchronization. However, because of constraints due to physical
envelope in the chamber, and in an attempt to minimize unnecessary
test complexity, a series of fixed attitudes was chosen instead.
The criteria used to select the test cases were as follows:

1. Include at lease one situation where two successive cases
are identical with the exception of a substantial change
in solar intensity (used to determine sensitivity to solar
absorptivity).

2. Provide several "pure" transients to correlate thermal
capacitance of the spacecraft; "pure" transients are those
where a minimum of step changes are made to the
environment or the spacecraft power state (preferably only
one) .

3. Provide six days vacuum before radar power-up as requested
by Hughes Aircraft (HAC), the radar contractor.

4. Include at lease one transient eclipse case.

5. Place the sun on. the spacecraft faces containing the most
thermally sensitive equipment.

6. Provide for integrated system performance testing at hot
and cold conditions.

7. Provide for special component performance testing of tape
recorders, radios, star scanner, and shunt radiators.

Thirteen planned test cases resulted from these criteria and
the test objectives. Figure 3 depicts the various spacecraft
attitudes for each of the 13 test cases. Each case is described in
the following paragraphs:

Case 1 The intent of this case was to simulate the cold
thermal design point for the majority of the space-
craft heaters and thermostats. Since the HGA effec-
tively shadows most of the spacecraft, a near-Earth
(1.0 solar constant) HGA-to-sun attitude presents
the coldest possible cruise conditions for most
components and therefore, the cold thermal design



Case 2

case. In order to establish the acceptability of
heater sizes and thermostat setpoints, 1t was
important to achieve thermal stabilization under
these cold conditions.

During this case the albedo simulator was in 1its
cold configuration, with louvers open and heaters
inactive. The chamber solar mirror position for this
case was at -2° tilt to provide a true HGA-to-sun
attitude due to the off-center positioning of the
gimbal. Initially, all thermal components were
enabled such that heater activity occurred on the
primary string. After stabilization, the primary
string was disabled such that heater activity
occurred on the secondary string. Since the
secondary string of heaters operates at a lower
temperature setpoint than the primary string, the
disabling of the primary string, combined with a
duty cycle evaluation, could be used to infer heater
design margin. A maximum duty cycle of 80% on the
secondary string was required. The power state of
the spacecraft during the stabilization was the
nominal cruise state on "A" side components.

Since this case represented the cold case for many
components, it also provided appropriate conditions
for verification of integrated system performance at
minimum expected temperatures. During cases 1 and 2,
identification of any required thermal design
changes was a high priority. This was necessary SO
that any changes could be implemented during chamber
return to ambient after case 2.

The intent of this case was to provide a steady
state hot case for the HGA area. This case verified
that solar focusing by the parabolic HGA onto the
subreflector was thermally acceptable. In attitude,
in albedo simulator configuration, and in power
state, case 2 was identical to the stabilization
portion of case 1. Primary heaters were enabled to
minimize warmup time in anticipation of return to
ambient conditions. The solar intensity, however,
was increased to 2.3 suns to provide maximum heating
to the HGA. Due to relatively low mass/area ratios
in the HGA componentry, stabilization would be
reached sooner than in the remainder of the space-
craft, so this case was a transient case (meaning
lack of stabilization at equilibrium for the
majority of the components).

At this point, the chamber was returned to ambient
conditions, the 1lid removed and solar mirror recon-



Case 3

Case 4

figured to +2° mechanical tilt for the remainder of
the test. Inspection of the spacecraft was per-
formed. The spacecraft was also repositioned as
discussed in case 3. The 1lid was replaced and the
chamber returned to vacuum conditions. This time-
point started the 6-day clock while the radar was to
remain powered off. All thermal components were
enabled for the remainder of the solar thermal
vacuum testing.

The intent of this case was to simulate worst-case
solar exposure to the bay 3 and 4 area. This
condition is prevalent during the playback portion
of some mapping orbits. The reason for the 20° off-
point from true +Y-to-sun was to avoid pointing the
star scanner boresight directly at the sun. Full
near-Venus solar intensity of 2.3 suns (1.94 suns
expected plus 20% margin) was selected. The albedo
simulator was in its hot configuration with louvers
closed and heaters active (temperature controlled to
-59°C) to simulate Venus albedo (239 mW/cm2s 199
expected +20% margin) considering appropriate wave-
length conversions.

The vehicle power state was: radar turned com-
pletely off, radios in playback mode as if radar
data were being transmitted and tape recorders in
standby mode. Case 3 was a steady state case, where
stabilization was required for math model cor-
relation purposes. Time was allocated after
stabilization for system performance evaluation,
during which time the battery reconditioning
circuits were tested.

At this point, the spacecraft was repositioned to
point the +X face towards the sun. The reposi-
tioning was performed under vacuum conditions and
involved a 20° pitch-down rotation and a 90° roll.
During the repositioning, the sun was dowsed to
prevent the possibility of excessive solar loading
on the low gain antenna as it passed through the
concentrated beam above the solar snout. The albedo
simulator remained active (louvers closed, -59°C).

The intent- of this case was to begin a series of
solar exposures to the radar area for math model
correlation purposes. The solar intensity was set at
1.0 equivalent sun, the albedo simulator was active
with its louvers closed and its temperature set to
-59°C. This was a stabilization case for correlation
purposes and to establish a known initial condition



Case 5

Case ©

Case 7

Case 8

Case 9

for later transient exposure. System performance
evaluation time was not allocated here as it would
invalidate the equilibrium condition established.

This case was intended to provide a "pure” transient
condition for math model correlation purposes. The
case was identical to case 4 except for a step
increase of solar intensity from 1.0 to 1.6 suns.
This case established thermal control subsystem
response to infer sensitivity to surface solar:
absorptivity.

The intent of case 6 was toO establish a known
equilibrium condition with the radar powered in
standby mode, in order to reach approximate mapping
temperatures prior to the first mapping segquence in
case 7. The radar could now be powered up because
six days had elapsed since pump down. Therefore,
this case was essentially a continuation of case 5,
except for radar power up.

This case represented a hot mapping transient orbit
at Venus. An orbital component power profile was
simulated with the radar cycling from map to standby
to map, tape recorders cycling from record to
playback to record, and radios cycling on and off in
mapping mode. Repetitive orbital simulations of 3.15
hours each, back-to-back, were conducted until a
pseudo-steady state condition was established. The
vehicle attitude did not change; the sun was
constantly positioned normal to the +X side of the
spacecraft. The solar intensity remained at 1.6 suns
and the albedo simulator remained active (louvers
closed, heated to -59°C).

This case was intended to drive +X side components
above flight allowable levels by activating supple-
mental test heaters. The case was identical to case
7, except the power to the internal supplemental
margin heaters was increased until the first
component in each of eight zones reached approxi-
mately its previous test level less 5°C at the
hottest point in the orbital cycle. At this point,
system performance was evaluated at elevated temper-—
atures. The goal was that a minimum of four
simulated orbits (12.6 hours) be spent at elevated
temperatures.

This case simulated an eclipse event. It was
intended primarily for math model correlation
purposes as the duration exceeded flight require-
ments. The environment was modified by dowsing the



solar simulator and powering the albedo simulator
off (louvers open) at the cold point in the cyclic
orbital simulation. The power state was maintained
in playback mode for a constant dissipation over the
length of the eclipse. Spacecraft power was sup-
plied by the on-board batteries. In order to
maximize information for math model correlation, the
length of the eclipse was not preset. The eclipse
was terminated when the battery depth-of-discharge
(DOD) reached 80%.

At this point, the spacecraft was repositioned to
point the -X face towards the sun. The reposi-
tioning was performed under vacuum conditions and
involved a 180° roll. During the repositioning, the
albedo simulator was active (louvers closed, -59°C)
and the sun was dowsed.

Case 10 This case was equivalent to case 6 in that it was a
preparatory equilibrium case for the mapping case to
follow. The environment was identical to case §
except for the attitude change to -X-to-sun and a
solar intensity reduction to 1.0 sun. The power
state was identical except that "B" side components
were powered rather than "A" side for case 6.
Finally, the radar was powered to standby. Space-
craft batteries experienced recharging early in this
case as a result of the case 9 discharging.

Case 11 This case was functionally similar to case 7, with
repetitive 3.15 hour back-to-back orbital simula-
tions. The attitude (-X-to-sun), sun intensity (1.0)
and powered components ("B" side) were the operative
differences between cases 11 and 7, all other
aspects being identical. Again, as in case 7,
repetitive orbital simulations were planned until
pseudo-steady state conditions were achieved.

Case 12 This case was similar to case 8, representing
another margin test, this time to force the -X com-
ponents beyond flight allowable levels. The same
margin heaters were used, with the same philosophy
as case 8, to achieve elevated temperatures. Envi-
ronmentally and electrically, it was to be a contin-
uation of case 11, except the margin heaters were
activated. System performance was again evaluated as
elevated temperatures were achieved. The goal was
that a minimum of four simulated orbits (12.6 hours)
be spent at elevated temperatures.

Case 13 The last case was functionally similar to case 9 in
simulating another eclipse. The environment was
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modified as in case 9 (dowse sun, albedo simulator
off), a constant playback mode was selected,
batteries supplied spacecraft power, and duration
was determined by battery DOD.

Following case 13, the chamber was returned to ambient
conditions and the spacecraft was inspected and found to be in
excellent condition.

IEST EXECUTION

The test was executed nearly according to plan. Pumpdown was
initiated at 1900 GMT, 8 July 1988. Case 1 began at 08:35 GMT, 9
July 1988. Stabilization was reached at 12:30 GMT, 11 July at
which time primary heaters were deactivated, allowing secondary
heaters to control. Primary heaters were reactivated at 01:50, 12
July. At 05:51, 12 July, all solar illumination was lost when a
lamp exploded, damaging a second lamp in the process and shutting
down the solar simulator. The albedo simulator was immediately
closed and warmed to safe the spacecraft while repairs were under-
taken. Solar was restored at 10:35, 12 July, and testing resumed
with no detrimental effects on the spacecraft. At 02:12, 13 July,
case 2 began with a step increase in solar intensity to 2.3 suns.
Case 2 completed with HGA stabilization at 06:45, 13 July.
Repressurization was complete at 00:52, 14 July.

Spacecraft inspection revealed several areas where closeout
tape had become debonded. These areas were reworked. The sun
sensors were removed since their extreme thermal environments had
been experienced. A loose thermocouple wire was discovered to be
interfering with louver operation (detected in test data in case
1) and was rebonded. The mirror tilt was adjusted and the space-
craft was repositioned for case 3.

The second pumpdown began 09:00 GMT, 15 July. Case 3 began
01:26, 16 July, and was completed without anomaly at 18:18, 17
July. The spacecraft was repositioned under vacuum and case 4
began at 20:00, 17 July. At 13:50, 18 July, the gimbal tilt was
detected to be 4.3° too large and was corrected, while efforts
began to understand the cause of the error. During this case the
sunside spacecraft/gimbal adapter guard heaters ceased to operate
as solar illumination warmed the normally heated spacecraft-gimbal
interface. Temperatures did not rise substantially over the con-
trol setpoints, so near zero heat transfer was nearly maintained.
Case 4 was completed and case 5 initiated at 20:14, 19 July, with
a step change of solar intensity from 1.0 to 1.6 suns.

During case 5, the adapter temperature increased with the

higher illumination, and the spacecraft began receiving conducted
heat from this source. Although not desirable, the additional heat
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could be accounted for in post-test analysis and correlation. Also
during this case, the sunlit rocket engine modules (REM) unex-
pectedly reached flight allowable temperatures. Case 5 ended at
13:10, 21 July, and case 6 immediately began with radar power-on.
Case 6 stabilization was reached at 22:52, 22 July.

Case 7 began repetitive mapping orbits for the first time in
prelaunch testing. A minor water leak in the solar dowser cooling
was detected and the water circuit was shut off (unnecessary
unless dowser is closed). The gimbal tilt beam slivped again, this
time 11°, at 13:51, 23 July, and the hydraulic fluid 1level was
observed to be low. Replenishment of fluid cured the mysterious
gimbal movements. During case 7, unexpected noise in radar data
was detected. Case 7 was completed at 15:43, 24 July, after 13
consecutive successful orbits.

At 15:59, case 8 began with the turnon of the margin heaters
while mapping continued. The heaters were adjusted over the next
seven orbits to maximize the number of components reaching their
previous (component or subsystem) test temperatures less 5°C. The
first of four stabilized orbits was begun with orbit number 21 at
15:44, 25 July. The 24th orbit and case 8 were completed at 04:24,
26 July.

Case 9, the first intentional eclipse case, began at 04:34
with solar system shutdown. Eighty percent (80%) DOD on batteries
was reached at 07:22 signaling the end of case 9. Spacecraft
repositioning for the remaining cases was then accomplished.

At this point a significant deviation from the pretest plan
was made: since the spacecraft was still at elevated temperatures
from case 8 margin testing, it was decided to perform the case 12
margin testing out of sequence for schedule considerations. Case
12 began at 07:44, 26 July. Case 12 was completed nominally at
09:45, 27 July, and about 13 hours of radio subsystem characteri-
zation testing was accomplished before the start of case 10 at
22:55, 27 July. Case 10 was completed without anomaly at 18:30, 29
July, and case 11 began immediately. During case 11, the radar
noise was correlated to propulsion 1line heater activity.
Stabilization was reached at 17:51, 30 July, after six mapping
orbits and the second eclipse (case 13) was initiated with
termination at 80% DOD at 20:25, 30 July. Upon completion of the
13 thermal cases essentially on schedule, star scanner, radar and
radio characterization testing was undertaken. Repressurization
was begun at 18:04, 31 July, and ambient conditions were reached
at 00:18, 1 August 1988.
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RESULTS

The test met all thermal objectives and requirements. The space-
craft overall thermal balance was as expected, falling within
about 5°C of predictions in all cases, with several local
exceptions:

1. The HGA temperatures were 10° to 20°C low compared to
predictions, discounting the area of the HGA which was
not fully illuminated. This error was attributed to the
need to instrument large curved areas with thermocouples
which can only measure local temperatures. Since math
models predict average temperatures over the large area,
substantial errors can be expected without detailed local
modeling of the actual thermocouple position. No action
was taken since temperatures remained within allowable
limits.

2. A portion of the radio experienced colder-than-expected
temperatures (about 9°C low). This was attributed to an
undersized heater and a faulty thermostat placement
controlling the heater; a heater size increase and
thermostat relocation later corrected the problem.

3. The heater for one of the tape recorders was slightly
undersized. No action was taken as test conditions were
deemed significantly colder than expected flight condi-
tions. Flight temperatures have remained nominal.

4, The radar baseplate temperature gradients were larger
than expected, requiring that the heater setpoints be
adjusted up 6°C to ensure all parts of the radar remain
within allowable temperature limits.

5. A sun sensor thermostat appeared to "dither" or cycle
rapidly with a small deadband. Later analysis proved
this indication to be faulty, caused by relative
locations of heater, thermostats, and thermocouple on a
low-conductivity thin plate.

6. The propulsion 1lines were about 15°C warmer than
expected. This discrepancy was later traced to a
difference in temperature sensor location between prelim-
inary design and as-built position, plus an area error in
math modeling.

7. The Rocket Engine Modules exceeded expected values by as
much as 20°C. Later analysis identified the probable
cause as solar entrapment in the engine catalyst bed
thermal standoff. A hardware modification was made to
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shield the area from sunlight, but no retest was per-
formed due to lack of available test hardware. Flight
experience has shown that the anomaly was not corrected
by the modification, and the REMs continue toc operate
above expected temperatures.

8. The electronics bus temperature gradients were about 4°C
larger than expected. The math model was corrected.

9. The white paint on four solar array holddown structures
did not adhere. They were cleaned and repainted after STV
test.

10. An S-Band transmitter failed immediately after STV test;
chip capacitors were diagnosed as having been
overstressed during earlier component testing and were
replaced.

11. The radar noise/heater cycling anomaly was later deter-
mined to be a propulsion line heater damaged in instal-
lation and shorted to structure. It was replaced post-
test.

Figure S shows representative test data compared with math
model results. In this figure the electronics bus is "unrolled”
and bay numbers are indicated on the abscissa.

CONCLUSIONS

The Magellan STV test was an unqualified success, demon-
strating thermal subsystem performance, evaluating system inte-
grated performance at extreme temperatures, and providing
necessary data for math model validation. It was also successful
in uncovering several workmanship, analytical and design errors
whose effects would have ranged from minor to substantial in
flight. It was not successful in identifying one major design flaw
(REM), primarily because the test was designed to evaluate the
integrated system, not necessarily previously tested subsystems.
The REMs had been tested as a subsystem, but not under solar
simulation.

The STV test also employed innovative solutions to minimize
costs under stringent physical constraints in the test facility.

Among the lessons learned from the Magellan test include:
1. System-level thermal balance testing should be required

for new hardware designs. Solar simulation should also be
a requirement whenever feasible.
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2. Careful attention should be paid to conductive and
radiative interfaces with facilities to minimize effects
which could compromise test results.

3. Thermal design modifications should be verified by test to
ensure successful problem resolution.
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Figure 2. Magellan Installed on Gimbal Fixture
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Figure 3. Spacecraft Test Attitudes
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ABSTRACT

The Cosmic Background Explorer Observatory (COBE) underwent a thermal
vacuum/thermal balance test in the Space Environment Simulator (SES) at the Space Simulation
Test Laboratory, Goddard Space Flight Center. This was the largest and most complex test ever
accomplished at this facility. The 4 meter X 4 meter (13 feet X 13 feet) spacecraft weighed
approximately 2223 kilograms (4900 pounds) for the test. The test set-up included simulator
panels for the inboard solar array panels, simulator panels for the flight cowlings, Sun and
Earth Sensor stimuli, Thermal/Radio Frequency Shield heater stimuli and a cryopane! for
thermal control in the Attitude Control System/Shunt Dissipator area. The fixturing also
included a unique 4.3 meter (14 feet) diameter Gaseous Helium Cryopanel which provided a 20
Kelvin environment for the calibration of one of the spacecraft's instruments, the Differential
Microwave Radiometer. This cryogenic panel caused extra contamination concerns and a special
method was developed and written into the test procedure to prevent the high buildup of
condensibles on the panel which could have led to backstreaming of the thermal vacuum chamber.
The test was completed successfully with a high quality simulated space environment provided to
the spacecraft. This paper describes the test requirements, test set-up, special fixturing
requirements, the related contamination concerns and a general discussion of the test and test
results.

INTRODUCTION

The Cosmic Background Explorer (COBE) Observatory, (Figure 1) launched in
November 1989 aboard a Delta launch vehicle into a sun synchronous polar orbit, was built and
tested at the NASA/Goddard Space Flight Center, Greenbelt, MD. The mission objective of the
Observatory was built to explore and study the 3 Kelvin Cosmic Background Radiation measuring
light in wavelengths from 1 micrometer to 1 centimeter. The Observatory carries three
instruments. The Differential Microwave Radiometer and the two cryogenically cooled
instruments, the Far Infrared Absolute Spectrophotometer (FIRAS) and the Diffuse Infrared
Background Experiment (DIRBE)

The COBE Observatory underwent a combined thermal vacuum, thermal balance and
mission simulation test. The 24 day test was completed in June, 1989. The test took place in the
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8.5 meter x 12.2 (28 feet X 40 feet) Space Environment Simulator (SES) in the NASA Goddard
Space Flight Center Space Simulation Test Engineering Environmental Test Laboratory.

PACECRAFT TEST CONFIGURATION

The COBE Observatory is approximately 4 meters (13 feet) tall and approximately
4 meters (13 feet) wide at its widest diameter (Figure 2). The spacecraft weighed
approximately 2223 kilograms (4900 pounds) for the test. The major changes to the flight
configuration which affected the test set-up (ref. 1) were as follows:

o The Wallops Flight Facility (WFF) and the Tracking Data Relay Satellite (TDRS) Omni
Antenna and the support boom was not installed.

o The flight Solar Arrays and Cowlings were not installed.

o The DMR horns had temperature controlled targets inside them and the flight
contamination covers were removed.

o Two spacecraft power cables were routed through an external diode box.
o Helium was not flowed through the flight dewar aperture cover.

o The flight dewar ejectable cover remained in place. The DIRBE and FIRAS instruments
were not exposed to the chamber environment.

o A test multilayer insulation thermal blanket was used instead of the flight
Thermal/Radio Frequency Shield thermal blanket.

o Plumbing lines were used to vent the flight dewar.

o Test-only temperature controlled survival heaters were installed on the Thermal/RF
Shield panels.

TEST REQUIREMENTS

As in any thermal vacuum test, this highly complex test set-up was designed to meet the
test objectives of the COBE Observatory and to provide the Observatory with the best possible
space simulation. The following are the major test objectives of the COBE Observatory and some
of the specific test objectives which influenced the test set-up (ref. 1) are also listed.

o Provide the assurance that specified mission objectives will be met.

o Verify the functional operation of the flight components at elevated and lower than
expected flight temperatures thereby proving that there is design margin at the
system level.

o Provide confidence that the Observatory will survive the thermal environments
imposed upon COBE during launch and mission sequence.

o Determine operating and performance characteristics of COBE during a simulated
orbital environment.

o To obtain a pumpdown curve and contamination measurements that will allow

for a formulation of an estimate of the potential of COBE to self-contaminate its
instruments.
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o Verify the flight worthiness of COBE.

o Validate the data flow paths for nominal and contingency mission operating procedures
between the COBE spacecraft systems and the Payload Operating Control Center
(POCC) under simulated mission conditions.

o Perform tests to demonstrate compatibility with Ground and Space Networks.

Specific Thermal Objectives

o Verify that the thermal mathematical model used to thermally design COBE and which
will be used to support the mission, sufficiently represents COBE.

o Verify the thermal performance of the thermal/RF shield.

o Thermally cycle the COBE electronics at least four times between their qualification
temperatures

Specific DMR Objectives

o To simulate early mission conditions, in which the instruments rely on survival
heaters to prevent extremely cold temperatures.

o Establish thermal balance temperatures for the DMR heads with a variety of heater
combinations.

o Measure offset while viewing equal temperature cold targets with all radiometers at
operational temperatures.

o Measure stability of instruments at operational temperatures, while viewing cold
largets.

o Attempt calibration by differentially warming targets with heaters.
Specific Power Objectives

o Demonstrate the ability of the shunts to dissipate the maximum load imposed upon then
under hot conditions.

Specific Attitude Control Objectives

o Stimulate the Coarse Sun Sensors to demonstrate that they operate properly.

TEST SET-UP

The same test set-up was used for all three phases of the test, thermal vacuum, thermal
balance and mission simulation (Figure 3).

Fixturing
The Observatory was mounted to a aluminum Payload Attach Fitting (PAF) which is the
interface to the Delta rocket. The PAF was mounted onto a cylindrical aluminum support

structure which was bolted to the chamber's 2.7 meters (9 foot) payload table. Mounted inside
the support structure was a temperature controlled Diode Box through which one of the
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Observatory's power cables were installed (Figure 5). Inside of the PAF, a cryopanel was
mounted which was used for the Attitude Control/Shunt Dissipator. A Zero-Q interface provided
temperature equilibrium between the PAF and the Observatory. The flight cowlings were
replaced by 6 flux temperature controlled heaters panels. Three flux temperature controlled
panels were mounted to simulate the in-board flight solar array panels. A large aluminum
structure was built and hung in the chamber which provided radiant heat to approximately 25
percent of the Thermal/RF Shield. Six heater plates mounted on poles which resembled STOP
signs, were mounted in the appropriate places to provide radiant heat to the Observatory's sun
and earth sensors (Figure 6). Lights mounted in special fixtures were used as stimuli for the
sensor. A 453.6 Kilograms (1000 pound) 4.3 meter (14 foot) gaseous Helium cryopanel was
mounted in a support frame and hung over the Observatory to provide a 20 Kelvin environment
for the DMR heads. A multilayer insulation blanket was mounted around the periphery of the
cryopanel so that the entire area within the thermal shield would not be influenced by the
chamber walls. A copper strap was clamped to the cryopanel and mounted on the 31 gigahertz
(GHz) radiometer head to provide a conductive heat sink. Vent lines for the flight LHe Dewar was
brought out through chamber penetrations.

Contamination Control Measuring Devices

Also a major part of the test requirements and which added complexity to the test set-up,
were the contamination measuring devices. Three temperature controlled 10 megahertz (MHz)
Quartz Crystal Microbalances were used to measure the real time quantitative outgassing of
contaminants from the Observatory. The QCMs were spaced radially from the DMR heads. Each
device was placed .6 meters (2 feet) from the Observatory at heights of 74, 142 and 224 cm
(29, 56 and 88 inches) measured from the spacecraft support structure. The QCM's were
operated at -40°C and -60°C. A Residual Gas Analyzer was used to provide a real time analysis
of gases and chemical elements in the chamber. A Coldfinger, which is a cylindrical device was
used to provide a quantitative and qualitative idea of the amount of outgassing occurring when the
device is activated at LN2 temperature during the last eight hours of the test. A Scavenger Plate,
with the same purpose as the Coldfinger was also used, but this device is activated for the entire
test. Six COBE project provided Witness Mirrors were installed in strategic locations on the
Observatory and were used to detect molecular and particulate contamination.

Test Instrumentation

A large and diverse amount of test instrumentation was used on the Observatory and the
fixturing. A significant amount of ground support equipment was required for operating the test
instrumentation as well as the flight instrumentation. For thermal temperature measurements,
160 copper-constantan thermocouples were mounted on the Observatory. Approximately 200
copper-constantan thermocouples were mounted on the various fixtures. Twelve silicon diodes
were mounted on the 20K cryopanel. Twenty Eight heaters circuits were mounted on the
Observatory in various places including the Thermal/RF Shield. Seventy heater circuits
controlled the fixturing. Also, there were 13 strain gauges and 3 accelerometers mounted on the
flight dewar.

DISCUSSION
Major Test Preparations

The most difficult preparation task in terms of dollars and hours was the refurbishment
of the SES Helium Skid. The original purpose of the Helium Skid was to operate the chamber 20K
Helium Cryopanel. In the test, the Helium Skid was used to cool the 20 K Helium Cryopanel
which was mounted over the spacecraft. After the Helium Skid was refurbished, the plumbing had
to be rerouted to accommodate the lines to the test Helium Cryopanel. All total the task took two
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years to complete. The 28 year old Helium Skid was a major concern because its reliability was
in question up to the week before the test and it was critical to the success of the test. The Helium
Skid performed flawlessly throughout the duration of the test. Several chamber shroud and
gimbal leaks developed prior to the test, all were repaired except for a gimbal leak which only
occurred during LN2 operations.

The 453.6 kilograms (1000 pound) 4.3 meters (14 foot) 20K GHe cryopanel was made
in two pieces and required a massive support structure which was mounted onto the chamber
gimbal. The cryopanel was mounted 6 meters (20 feet) above the payload table and a minimum of
15 centimeters (6 inches) above the Observatory with one end of the panel raised higher than
the other to prevent contamination from dripping onto the spacecraft.

The Thermal/RF Shield stimulus panel which backed 25 percent of the Thermal/RF
Shield was also hung from the chamber gimbal and was difficult to install because of its height
above the chamber floor and its ten separate panels.

Caution was used for handling and mounting the cowling panels and the solar array
simulators because they mounted directly to the flight spacecraft.

A bakeout and test verification run was completed prior to the flight test to bakeout the
chamber and fixturing and to verify the proper operation of the Helium Skid and the 20K
cryopanel, the ACS/Shunt dissipator cryopanel, 5 temperature conditioning units, all test heater
circuits and thermocouples, to thermally map the SES chamber for test thermal analysis
purposes and to determine the temperature gradients across a test cowling. Stainless Steel wire
was strung across the chamber to provide strain relief for the test cabling.

This test was the first test to be completed using the new Space Simulation Laboratory
data acquisition system. Another unusual aspect of the test set-up was the use of an air
conditioning system which cooled the spacecraft during ambient testing. The air conditioner was
kept outside the chamber and lines made of cleanroom bagging material was routed through
special holes in the test cowlings. Another first was in using the new data system to control the
70 flux controlled heater circuits, which greatly simplified the task.

Certainly not the least challenging part of the test set-up was installing the spacecraft
around the fixturing, removing the protective cleanroom bagging (and then reinstalling the bag
post test), building enough scaffolding to sufficient height to allow access to critical portions of
the Observatory, hooking up the cryogenic lines, the instrumentation, and properly positioning
the fixturing.

All of the pretest and post test chamber activities were accomplished under Class
110,000 cleanroom conditions with all personnel wearing full cleanroom garments.

Test Description

THE COBE Observatory underwent a 4-cycle thermal vacuum test and a hot and cold case
thermal balance test with a mission simulation test simulating several orbits of the spacecraft
(ref. 2) (Figure 4).

The chamber shrouds remained at LN2 temperature, -191°C, for the duration of the
test. The 133 flight and test heater circuits provided the necessary heated environment for the
spacecraft. The test started with a long hot soak, during which time the experimenters hoped that
most of the outgassing of the Observatory would occur. The Mission Simulation tests were run
during the hot and cold thermal balance phases so a kind of cyclic stabilization was established
(ref 3.). The test duration was 24 days.
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Special Concerns

The major concern of the test was the buildup of gas condensibles on the 20K GHe
cryopanel which averaged between 18K and 20K during the test. Prior verification testing of the
panel had shown that if enough gas condensed on the panel and the panel warmed up, the chamber
pressure would rise rapidly above 3 x 10-3 Torr which would cause backstreaming of the
diffusion pumps (the pumps do not have main valves) which would be a catastrophic event. To
prevent this problem, the test procedure was written to warm up the cryopanel to 40K, a
sufficient temperature to release the gas condensibles, every 2 or 3 days. This procedure was
accomplished during temperature transition periods to not interfere with the hardware testing.

Another concern was the "cold leak" in the chamber gimbal. The gimbal was not flooded
with LN2 except for critical Attitude Control testing and only when the 20K cryopanel was
warm.

Safety was always a concern. A test run and a critical lift procedure was written for the
raising and lowering of the 20K cryopanel. This massive panel was hinged on one side and was
raised in a nearly 90 degree vertical position for the installation of the spacecraft and was then
lowered via an electric winch to its supports for the test configuration.

The COBE LHe Dewar was brought into the chamber at superfluid conditions (less than
2.8K) and the dewar had to be properly vented throughout the test. Also the dewar Aperture
Cover Bandclamp was heated during the test to the prevent possible release of the cover which
would have exposed the 2K FIRAS and DIRBE instruments to a much warmer environment
resulting in a catastrophic ice build-up. The Observatory pyrotechnic devices were safed to
prevent accidental firing.

Stringent cleanroom rules were strictly enforced to prevent molecular or particulate
contamination.

Test Results

The detailed test results are beyond the scope of this paper, however, an overview of the
results and some test problems which affected the facility will be discussed. The first problem
which occurred caused the thermal system and the diffusion pumps to be secured. An o-ring
froze causing the dewar vent line to leak helium. The vent line was pumped on with the chamber

at 3 x 10-3 Torr and the test was able to continue (ref. 2). Later on in the test, the same leak

caused the chamber shrouds to be secured again. The chamber pressure remained on the 10-8
Torr range for the majority of the test. For the last two days of the test, the pressure rose to the

10-7 Torr range and stayed there. Leakchecks were performed as a precaution but no
explanation was found. One of the 17 chamber diffusion pumps failed, but the test was not
affected.

The procedure for warming the 20K panel was very successful. The chamber pressure
rose no more than one decade. Due to the cold leak, the gimbal was not flooded with LN2 for the
majority of the test. This caused the Earth Sensors to be "noisy" and only two of the three
sensors were operated for most of the test (ref. 3). The gimbal was flooded several times with
LN2, with the 20K cryopanel warm, to allow all three of the Earth Sensors to be operated.

Chamber vibration and RF interference did not interfere with FIRAS functional testing
as had been expected. While there were a few anomalies which occurred with the DMR
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instrument, the test was very successful because the 20K cryopanel provided the necessary
environment for the radiometer heads to be tested at their operating temperatures.

All contamination criteria was successfully passed. Overall the COBE Observatory test
objectives were met.

SUMMARY

This was by far the largest most complex test ever accomplished at the Goddard Space
Simulation Test Laboratory. The many different unique fixtures and multitude of instrumentation
caused the test preparations to be spanned over a period of several years. All of the man-hours
and dollars spent for hardware culminated into an overall successful test in which the COBE
Observatory test objectives were met. The Observatory is now making astronomical history as it
orbits the Earth making a Skymap which scientists will use to attempt to find the origins of our
great Universe.
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ABSTRACT

The SCD 02 Data Collecting Satellite has the following characteristics: 115 kg weight, octagonal
prism shape, 1 m diameter, and 0.67 m height.

[ts specified orbit is a near-circular one, 700 km altitude, is inclined 25 deg with respect to the
equator line, and has 100 min period.

The electric power is supplied by eight solar panels installed on the lateral sides of the satellite.
The equipment is located on the central (both faces) and lower (internal face) panels.

The satellite is spin stabilized and its attitude control is such that during its lifetime, the solar aspect
angle will vary between 80 and 100 deg with respect to its spin axis.

Two critical cases were selected for thermal control design purposes:

Hot case: maximum solar constant, solar aspect angle equal to 100 deg, minimum eclipse time and
maximum internal heat dissipation.

A passive thermal design concept was achieved and the maximum and minimum equipment operat-
ing temperatures were obtained through a 109 node finite difference mathematical model.
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ABSTRACT

The SCD1 (Satelite de
satellite dedicated
completely developed at the Brazilian
scheduled to be launched in 1992,

The SCD1 passive thermal control
thermal analysis results are compared
Balance Test. The correlation between
considered very good.

Numerical flight simulations show
the subsystem temperatures within their

Coleta de

to the collection and distribution of environmental data.

Dados 1) is a spin stabilized low-Earth orbit
It was
Institute for Space Research (INPE) and is
design configuration is presented and the
with the temperatures obtained from a Thermal

the analytical and experimental results is

that the thermal control design can keep all
specified temperature range.

INTRODUCTION
The Data Collecting Satellite 1 (SCD1), 1is the first satellite completely
designed and built in Brazil., It 1is part of an ambitious program that intends to

enable Brazilian scientists and industry to develop and fabricate launchers, and more

suitable satellites for Brazilian
mission is to collect
relay them to a

needs.
meteorological data
central ground station. As of now the satellite is being assembled,

SCD1 is an experimental satellite and its
sent from automatic ground stations, and

and it is scheduled to be launched in 1992.

The SCD1 is a small satellite

weighing 115 kg, its shape is a right octagonal

prism, whose base fits in a 1 m diameter circle and is 67 cm high.

Its specified orbit is
respect to the equator.

The electric

circular at

power (around 80w) is

750 km altitude, inclined 25 degrees with

supplied by nine solar panels installed on

the eight lateral panels and on the upper octagonal one. The equipment are located on

the lower (internal face) central (both

The satellite is spin stabilized

faces) and upper (internal face) panels.

and 1its attitude control is such that during

its life time (1 year) the sun rays will never strike the lower panel.

Three critical cases were selected
cases and one hot case.

for thermal control design purposes: two cold
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A passive thermal design concept was developed and the equipment operating
temperature ranges were obtained through a mathematical model and validated by a
Thermal Balance Test (TBT).

SATELLITE DESCRIPTION

The SCD1 primary structure consists of a central tube, two octagonal panels, and
four stiffening bars. Eight rectangular solar panels and one octagonal top, close the
two enclosures where the equipment are installed. Figure 1 shows an exploded view of
the spacecraft with all the electronic subsystems.

The electronic boxes are installed on the internal face of lower panel, both
faces of central panel and inner face of upper panel. On the lower panel there are
four electronic boxes (Battery, PCU, Magnetometer Electronics, and Magnetometer
Sensor), and two circular holes where the two Shunt Dissipators are fixed. On the
lower face of the central panel, seven electronic boxes are settled (Decoder, PDU,
DC/DC Converter, Sun Sensor £ 1 and £ 2, DCP Transponder, and UPC). The last six
boxes (IMIC Transponders £ 1 and £ 2, Encoder, Diplex £ 1 and £ 2, and UPD/C) are
installed on the central panel upper face. A Nutation Damper and a Torque Coil are
fixed on the inner face of the upper panel.

DESIGN CONSTRAINTS AND REQUIREMENTS

The complete mission is divided in six phases: Count-Down; Launch; Acquisition;
Acceptance; Routine; Attitude Change.

The Count-Down phase is scheduled to 1last 5 days and consists of the final
system test before launch. During this time the spacecraft will be powered via
umbilical connector.

The Launch phase lasts l1 minutes corresponding to the time period between lift-
off and separation. At 100 seconds from lift-off the aerodynamic fairing will be
jettisoned and the satellite exposed to solar radiation and aerodynamic heating.

The acquisition phase involves the orbit and attitude determination. The orbit
determination 1lasts 1lh and 40 min (7 complete orbits) while the attitude
determination lasts 38 hours more.

The acceptance phase starts just after the attitude acquisition phase and lasts
one month, During this period in-orbit tests are effected and the collected data
quality verified.

The routine phase, in which the SCD1 will fulfill its data collecting mission,
lasts 11 months.

The attitude change phase occurs whenever the satellite attitude is out of
specification. Attitude manoeuvres are accomplished by telecommand activation of an
on board magnetic torque coil,

The combination of the orbit and attitude parameters during SCD1 1lifetime,
creates some severe thermal constraints to its operation.
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Its relatively low altitude (750 km), makes the Earth and Albedo radiation
effects significant when compared to the direct Sun radiation, The orbit inclination
(25 deg) 1imposes an angle variation between sun vector and orbit plane from 1.5 to
48,5 degrees, This variation causes an eclipse period variation from 35 to 29 minutes
for an orbit period of 100 minutes.

The attitude control obtained by spin stabilization and nutation damper action,
and manoeuvres done by the torque coil imposes a solar aspect angle variation from 0
to 90 deg which means an absorbed heat load variation of about 377 during one year.

In general, the electronic equipment present 1low dissipation values, and the
total power dissipated by the spacecraft (not including the Shunt Dissipators) varies
from 22.9 W to 37.6 W according to the mission phase. Table 1 shows the equipment
average dissipation values for minimum and maximum total heat dissipation operating
modes, and the ones for normal operating mode. Shunt Dissipators are the most
dissipative subsystem, which average power can vary from 2.2 W to 11.7 W with a peak
of 47 W.

The operating temperature range specified for each equipment is shown in Table
2, Two equipment are considered critical: the Battery that has the narrower
temperature range (=5 to 25 C) and the DCP Transponder, whose lower temperature
limit is the highest (0 C).

The thermal control design shall keep all the subsystem temperatures within the
specified range for all the satellite operating modes during the routine phase, and
it shall warrant the subsystem integrities during non operating modes and other
mission phases.

The thermal control subsystem shall be based only on passive techniques.

THERMAL CONTROL DESIGN

Due to the satellite orbit and attitude, one can select three critical cases for
the thermal control design. The first one, so called AGEOMIN, corresponds to the
situation in which the angle between the sun vector and the orbit plane, and the
angle between the sun vector and the spin axis, are simultaneously zero. The second
one, so called LATMIN, corresponds to the case where the angle between the sun vector
and the orbit plane is zero, and the angle between the sun the vector and the spin
axis is equal 90 degrees. The third one, so called AGEOMAX, corresponds to the case
where the angle between the sun vector and the orbit plane is maximum (48.5 deg), and
the angle between the sun vector and the spin axis is zero.

In the AGEOMIN case, the sun rays strike perpendicularly the upper panel, and
the eclipse period is maximum. It causes simultaneously the minimum temperature on
the lower panel, and the maximum temperature on the upper panel. Therefore, the
largest temperature gradient through the satellite structure occurs in this case.

In the LATMIN case the sun vector is perpendicular to the spin axis, and the

eclipse period is maximum. This case corresponds to the minimum spacecraft heat load,
and the minimum temperature of the central panel.
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In the AGEOMAX case the maximum heat load occurs, bringing all the electronic
equipment of central and lower panels to their maximum flight temperatures.

These conditions impose three different main heat path throughout the satellite
structure. The first one occurs in the AGEOMIN case when the heat flux comes from the
upper panel, mainly by radiation. Part of the heat is reradiated by the lateral
panels and the rest reaches the lower panel. The second one occurs in the LATMIN
case, when the heat flux coming from the lateral panels heats nearly uniformly all
the equipment, and is reradiated by all the satellite external surfaces. In the
AGEOMAX case, which presents an intermediate situation, the heat flux comes from the
lateral and the upper panels,

Based on this observations, the thermal control strategy was defined. The three
main points of this strategy are:

- since 1in the AGEOMIN case, the lower panel temperature tends to be low, it is
necessary to minimize the heat losses through the lateral and lower panels,

- in the LATMIN case the central panel equipment temperatures tend to be low. It
is necessary to warrant that enough heat flux from the lateral panels reaches this

panel, keeping it above the minimum specified temperature levels,

- in the AGEOMAX case the whole satellite temperature becomes high. It is
necessary to minimize the absorbed heat loads to decrease the temperature level,

It can be seen that some points of the thermal control strategy are in conflict
with each other, thus suggesting that a compromise solution is necessary.

To accomplish the strategy described above, the following measures are adopted:

- the lower panel external surface is covered with a low emissivity and low
solar absortivity coating;

- the available areas for thermal control on the upper panel are covered with
high emissivity and low solar absortivity coating;

- the available areas for thermal control on the lateral panels are covered by
low emissivity and low solar absortivity coating;

- the inner surfaces of the lateral panels, in the region between the lower and
central panels, are also covered with low emissivity coating;

- the lateral panels are insulated from the octagonal panels by fiberglass
washers;

- the Battery is completely covered by a low emissivity coating, its base is
bonded to the lower panel, and the external satellite surface underneath the battery

is covered with a mosaic to adjust its temperature level;

- the DCP Transponder is completely covered with a low emissivity coating, and
it is conductively insulated from the central panel by means of fiberglass washers;

- PCU, DC/DC Converter, and TMTC Transponders £1 and £2, are thermally bonded to
their panels;
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- the upper face of the Encoder box is covered with low emissivity coating;

- the wupper face TMTC Transponder £1 and £2, and their lateral faces that see
the lateral panels are covered with low emissivity coating;

- the Shunt Dissipator is insulated from the lower panel by stainless steel
washers, and its external surface is covered with high emissivity and low solar
absortivity coating;

- the rest of the satellite dinner surface 1is covered with high emissivity

coating.

THERMAL ANALYSIS

To define the thermo-optical properties and to verify the performance of the
thermal control design, a 11l node finite differences model was developed. Figures 2
to 5 show the nodal breakdown. This model was generated and solved by a computer
program developed at INPE, based on the TMG and SINDA programs.

To perform the thermal analysis the minimum internal heat dissipation mode was
associated with the two cold cases (AGEOMIN and LATMIN), and the maximum internal
heat dissipation was associated with the hot case (AGEOMAX). After some iterations a
suitable thermal control design was achieved. Figure 6 shows the resulting thermal
control configuration.

THERMAL BALANCE TEST

In order to validate the mathematical thermal model and to qualify the thermal
control design concept, a full scale Thermal Model (TM) was built and underwent to a
Thermal Balance Test (TBT).

The TBT was performed in a 3m x 3m Thermal-Vacuum Chamber. The space environment
was simulated by a black shroud cooled by LN2. The heat loads were simulated by skin
heaters fixed on all the TM external surfaces and inside the electronic box mock-ups.
The vacuum level was below 1E-5 Torr.

The complete TBT was divided in five phases: two static and four dynamic. It
started with the STATIC AGEOMAX case, followed by DYNAMIC AGEOMAX, DYNAMIC LATMIN,
DYNAMIC AGEOMIN, and finally STATIC AGEOMIN, It lasts nearly 62 hours and was
accomplished successfully,

By comparison of experimental and the predicted temperatures, it was identified
discrepancies caused by either out of specification conditions in the TBT, or by

-problems in the mathematical model. The most important discrepancies were:

- the actual heat loads were 5 to 107 lower than the specified ones,

- the emissivity of the central tube extension was above its normal condition
due to the application of unspecified tape over it, to hold heater wiring,

— the heat capacitance of the lateral and upper panels were underestimated,
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- joint conductances were underestimated,

After eliminating these discrepancies, the mathematical thermal model was
adjusted, and a new temperature distribution was calculated. Table 3 shows the
average differences between the predicted and the measured temperatures, and the
standard deviation before and after the model adjustment. Figures 7 to 11 show the
equipment temperature difference histograms for the adjusted model.

FLIGHT PREDICTIONS

After the mathematical thermal model adjustment, all the critical flight
conditions were simulated to verify the thermal control subsystem performance. Figure
12 shows the predicted in flight normal operating equipment temperature ranges versus
the specified omnes.

CONCLUSION

TBT results showed a good correlation with the analytical predictions. The
flight simulations showed that the equipment temperatures for the normal satellite
operating mode will be kept in their specified range. For the other mission phases
and operating modes it was verified that the equipment temperatures never exceed
their acceptance limits.,
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TABLE 1.~ AVERAGE EQUIPMENT HEAT DISSIPATION

EQUIPMENT Qmin (W) Qmax (W) Qnormal (W)
BATTERY 1.1 2.2 1.4
MAGNET., ELECTRONICS 0 o4 .10
PCU 4.9 8.0 5.9
DC/DC CONVERTER 3.9 6.9 4.3
SOLAR SENSOR 0 .2 .10
DCP TRANSPONDER 0 42 W42
TC DECODER 5.5 5.5 5.5
UPC 0 2.5 2.5
UPD/C 0 3.5 0
TM ENCODER 0 0 .28
TR/TX 2 3.75 3.75 3.8
TR/TX 1 3.75 4,26 4,3
TORQUE COIL 0 0 0
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TABLE 2.- OPERATING TEMPERATURE RANGE

EQUIPMENT Tmin (C) Tmax (C) START UP (C)
TOP SOLAR CELLS -60 80 -80
LATERAL SOLAR CELLS -60 45 -80
BATTERY =5 25 -15
MAGNET. SENSOR =20 60 =30
MAGNET. ELECTRONICS =20 60 -30
PCU ~10 50 =20
SHUNT DISSIPATOR -10 60 =20
DC/DC CONVERTER -10 50 -20
SOLAR SENSOR -30 60 =40
SOLAR SENSOR ELETR. =20 60 ~30
DCP TRANSPONDER 0 40 -10
TC DECODER -10 40 =20
UpC -10 40 =20
UPD/C -10 40 -20
TM ENCODER -10 40 -20
TR/TX -10 40 =20
DIPLEXER -10 40 =20
HYBRID =40 100 =40
PDU -10 50 -20
NUTATION DAMPER -50 75 -60
TORQUE COIL =60 75 =70
DIODE PLATE =40 60 =50
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TABLE 3.~ AVERAGE TEMPERATURE DIFFERENCES BEFORE AND AFTER MODEL ADJUSTMENT

e

=
T

i BEFORE ADJUSTMENT i AFTER ADJUSTMENT
PHASE ' Tmeas-Tpred ' ' Tmeas~Tpred l

(€ (©) () (©

STATIC AGEOMAX -4.0 2.5 -.30 1.6
DYNAMIC AGEOMAX -4,3 2.5 -.90 1.9
DYNAMIC LATMIN -3,8 4.8 -.10 2.4
DYNAMIC AGEOMIN =4,1 3.7 -1.3 2.7
STATIC AGEOMIN -2.8 3.4 .50 2.2

44



\

g

Lo
—

S ,
/

\

e R}
SN
N \\ \.\

. ‘\ k \ A
v \ 8 5
| A\
\ N \ | \
S ' \ \ \
\ Voo

k‘

0

2

\
\

1

N

\
\

Yrhleterorecrorelelerelecicicle

|
SN AN
NSVAAN)

o
Siy

p

PPOEOOO

4
|
|
|
|

®

?

HOLE FOR CABRLING 49 Tx/mx 1 (9-BaK0 TRANSPCONLER;

®

CENTRAL PANLL 2| vro /G

_— —_—

INFERIOR PANEL Z1] TM ENLODER

MAGNETOMETEN SENSOR 22| DIPLEX 2 (8-BAND TRANSPUNDER]

UNBILICAL CTNNECTOR 23] rx/Rx 2 (3 -BAND TRANSPONDER]Y
POWER DISSIPATION PLATE ]24 LATERAL PANEL

POWER DISSIPATION PLATE 2 28| soLar sEwsOA ¢
CENTRAL TUBE 26| 0cP TRANSPONDER {PAYLOAD)
INTERFACE TC VLS FLANSE 2710C/ DC CONVERTER

UHF ANTENNL SUPPORT 3LATE 28| urcC
HYBRID 29{ POWER DISTRIBUTION UNIY

8-BAND ANTEIINA ( PAYLO VD) 30| TC DECODER

8 -BAND ANTEINA {TM/1C) 31| soLAR SENSOR 2

SUPENIOR PASNEL 32| BATTERY
TOROUE CalL 53| MASNETOMETER ELECTRONICS

3§ NUTATION DAMPER 34) INTEGRATION CONNECTCR

FloitpLex 118t Ane rrAner INUER) |35} POWER CGNDITIONING UMIT

FIGURE 1.- SCD1 EXPLODED VIEW ORIG!NAL PAGE 15

OF POOR QuALITY

45



85

FIGURE 3.- SCD1 NODAL BREAK DOWN :

| 22 222 223 224
L]

_— _ T y

I L | — 183

| 201 l l 182
|18 202 203 H

I 204 | |— 162

L 11 1

! 2

1 | 142~140
| 1218124 1314134

S 14 ]

!

! - L 112119
' -

M 11}

| 121~124 131~134 | 102~109
! =

I 8 51~57]

i $1~47,31~36,78~60 37~38] |——— 82~89
: I

i T

]

,._l_ 41..47.31~|u.5&-oo 51 Jb?
|

FIGURE 2.- SCD1 NODAL BREAK DOWN :

37~38

83
52
» 38 \ &
® 53 °
34 /" 59(EXT)
79(INT)
43 37
33
3 2
BO(SHUNT) 58(SHUNT)
54 BO(SHIELD) | 44 41 78(SHIELD)
36 31
45 47
46
55 57
&,
¢
56 ®
87

46

51

CROSS SECTION

89

LOWER PANEL

ORIGINAL PAGE |s
OF POOR QuUALITY



145 14—

147

FIGURE 4.- SCD1 NODAL BREAK DOWN : CENTRAL PANEL

222(EXT.)
202(INT.)

223(EXT.)
203(INT.)

224(EXT.)
204(INT.)

FIGURE 5.- SCD1 NODAL BREAK DOWN : UPPER PANEL

47



SOLAR CELLS and BLACK PAINT

SSM TAPE a= 0.9
a= 0.68 ~ 0.70
e= 0.69
LATERAL PANEL 7 | SOLR CELLS and
INNER-SURFACES GOLD DEPOSITED TAPE
BLACK PAINT D a= 0.69~0.71
e= 0.9 e= 0.0
Dcl’;n DEPOSITED TAPE
\ 1
’ I e=0.08
BATTERY
C/ GOLD DEPOSITED TAPE
I——ﬁ £€=0.03
+ -+t \\
LATERAL PANEL INNER SURFACES
GOLD DEPOSITED TAPE
£=0.03
SHUNT WINDOW LOWER PANEL BATTERY THERMAL WINDOW MOSAIC:
FIBERGLASS WASHERS  §S\ TAPE GOLD DEPOSITED  _ g9x GoLD DEPOSITED TAFE
a=0.19 a= 0.3 ~ 10X 4 mil POLYIMIDE TAPE
= = y a=0.3
&= 0.60 £=0.03 £=0.12

FIGURE 6.~ SCD1 THERMAL CONTROL SUBSYSTEM DESCRIPTION

FREQUENCY

L1 1]

-0

Tmeos “Tored (°c)

FIGURE 7.- MEASURED-PREDICTED TEMPERATURES (STA. AGEOMAX)

48



4
155
T
: B max
5 . D Tmin
& 10 =
=
o .
al
o .
'R
5- T
1 2 * T T .
-10 -5 0 5 10
Tmeas -de (oc)

FIGURE 8.- MEASURED~PREDICTED TEMPERATURES (DYN. AGEOMAX)

Iy
154
] Tmox
Z‘, 3 D Tmin
Z 10- —
) -
o
w -
' .
u -
1 [+
54 1
r a L] -
i I ]
-10 -5 (0] 5 10
- o
Tmeas Tpred °c)

FIGURE 9.- MEASURED-PREDICTED TEMPERATURES (DYN. LATMIN)

49



4
15
E]Tmm
§ CJThm
w 104
=
o —
W -
[+ .
W
5-1 . - L ] -
l ] * L ] _
] ¥ ¥
-10 -5 0 5 10
- [+]
Tmeos T[:lred (°c)

FIGURE 10.- MEASURED-PREDICTED TEMPERATURES (DYN. AGEOMIN)

4
15
o
> 104
w
2
o
w
@
('
5+ m
—
| 1 .
1 L i -
-0 -5 0 5 10
TE«m-End(q”

FIGURE 11.- MEASURED-PREDICTED TEMPERATURES (STA. AGEOMIN)

50



NORMAL OPERATION TEMPERATURE RANGE C)
EQUIPMEN -850 —40 -30 -20 ~10 O 10 20 30 40 S0 60 70

BATTERY - Xz |
i} |

A ROOOOOOOC)

0C/DC CONVERTER oo

111

NUTATION DAMPER

SUN SENSOR 1

SUN SENCR 2

UPD\C

TranShtHom 1

TC DECODER

DCP TRANSPONDER EXXXXXXXR

SOULAR CELLS B S S S SO SOISBSNTSO0

Illll"llllllllll'lllll'I'l
~50 ~40 -30 -20 -10 0 10 20 30 40 30 60 70

FIGURE 12.-~ FLIGHT PREDICTION VERSUS SPECIFIED TEMPERATURE
RANGE

ORIGINAL PAGE IS
OF PCOR QUALITY

51



<,
& i
S
220

THERMAL BALANCE TESTING
OF THE

!\jg 1 - 1 9 -1 3 1 L ANIK-E SPACECRAFT

by !

Alex Golob, Cristian Ruel and Marc Donato 0 )
Spar/DFL, Ottawa , ‘

and P / O
Spar, Ste-Anne-de-Bellevue /,> \j
s ,,s/
S

s

~

ABSTRACT

Spar Aerospace, Ltd. of Canada has recently successfully completed the first of two infrared ther-
mal balance/thermal vacuum tests on Canada’s next generation of telecommunications satellites:
Anik-E, scheduled for a first launch in early 1991. Anik-E is a two-spacecraft program using a
three-axis stabilized General Electric 5000 series bus as the vehicle for its payload. The test was per-
formed in the David Florida Laboratory, Ottawa, in February/March of 1990 and lasted approxi-
mately 35 days. Results show that it progressed normally as predicted with few anomalies.

The infrared test setup consists of the mechaniaal hardware required to support the spacecraft with-
in the thermal vacuum chamber and the infrared rig which surrounds the spacecraft. The rig consists
of a frame which supports highly specular aluminum baffles and Research Inc. quartz-lined infrared
heat lamps.

Spar developed a software package which calculated the lamp positions to provide the necessary
unitorm heat flux, based on the required heat inputs on the various isothermal zones of the space-
craft for the different phases of the test. Infrared heat sensors, called radiometers, were installed
on the spacecraft surfaces. These were connected to the facility data processing system and con-
tinually monitored the flux absorbed by the various spacecraft surfaces throughout the test.

The test setup had distinct advantages. It enabled testing to progress directly from the thermal
balance to thermal vacuum. Waveguide runs were installed for the communications portion of the
testing prior to pumpdown. This precluded the requirement to return to ambient to reconfigure the
setup and saved one week of schedule.

The test on the second spacecraft is scheduled for June 1990, and will be performed with no major
changes. The test configuration was based on previous experience from other programs and required
innovative design, planning and setup. This paper describes the test design philosophy, facilities, the
hardware and software used in the thermal testing of Anik-E and the results of the predictions and
tests.
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Denver, Colorado 80201

ABSTRACT

Outgassing of non-metallic materials and components inside of Titan IV’s 2A compartment dur-
ing ascent may present a problem to the payload community in relation to molecular deposition
and degradation of sensitive payload surfaces. The procedure currently being developed to
model the amounts, transport, and deposition of outgassed molecular contaminants onto a
payload’s sensitive surface consists of three phases. The first phase involves the development of
a thermogravimetric method that recreates the increasing temperature and decreasing pressure
profiles expected in the 2A compartment of the TIV launch vehicle during ascent. The second
phase involves the determination of deposition rates of outgassed materials onto a payload sur-
face, and the subsequent evaporation rate as a function of temperature of deposited material.
The third phase takes the temperature and pressure profiles from phase one, the deposition
and evaporation rates and kinetic coefficients determined in phase two, and incorporates them
into the SPACE Il computer program to determine which payload surfaces are most susceptible
to molecular deposition from TIV’s outgassing sources, and the level of permanent deposition
expected on those surfaces.
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THE PERFORMANCE OF MULTILAYER INSULATION
IN A RAPIDLY DEPRESSURIZING ENVIRONMENT?*

Ronald A. Efromson N
Lincoln Laboratory, Massachusetts Institute of Technology 0
Lexington, Massachusetts 02173-9108 LG L/
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The performance of multilayer insulation in a rapidly depressurizing environment is
determined by the variation of heat transfer with internal pressure and the pressure history of the
interstitial gas. Measurements of thermal performance were made on three multilayer insulation
configurations at room temperature and steady-state pressures form 10-6 to 10-! torr. The heat
transfer due to gas conduction alone correlated with the kinetic theory of gases in the molecular
flow regime. Pressure histories were measured in a unique apparatus which simulated the
depressurization rate of a boost vehicle. The pressure histories on both sides of two of the
configurations were measured to bound the actual interstitial pressure. The results of the two types
of measurements agreed with earlier work and were combined to make performance predictions
using an actual ascent pressure history.

INTRODUCTION

The performance of multilayer insulation (MLI) in a rapidly depresssurizing environment is
of interest in some ballistic missile applications. This performance is determined by the variation
of heat transfer with internal pressure and the pressure history of the interstitial gas. If both of
these relationships are known, the insulation performance can be predicted for all times. The
objectives of this study were to quantify the pressure dependence and determine pressure histories
of some typical MLI configurations.

Thermal conductivity and effective emissivity are measures of the rate of heat transfer
through a material. At low internal pressures, heat is transferred through MLI by a combination of
radiation between adjacent layers and conduction through material contact points. At higher
internal pressures, heat is also conducted by molecular collisions with the layers. To determine the
contribution due to gas conduction alone, the heat transfer rates through three multilayer
configurations were measured at room temperature, at a series of steady-state pressures between
10-6 and 10-! torr. A ten layer, a four layer, and a two layer configuration were investigated.

To determine the pressure history of the interstitial gas in broadside venting MLI, the ascent
pressure history of a boost vehicle was simulated. The pressures on both sides of the MLI were
measured during the rapid depressurization of one side. The actual interstitial pressure was thus
bounded by the two measured pressures. The ten layer and four layer blankets were investigated,
and pressures between atmospheric and 10-6 torr were recorded.

After a brief comparison of the measures of thermal performance, the kinetic theory of gas
conduction in the molecular flow regime will be presented. The two types of measurements
performed will then be described. Finally, some predictions of MLI performance will be made
using an actual ascent pressure history.

*This work was sponsofed by the Strategic Defense Initiative Organization.
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HEAT TRANSFER THEORY
THERMAL PERFORMANCE

The performance of MLI can be expressed in three ways, each of which has advantages
and disadvantages. If the sample configuration and boundary conditions are known, each can be
calculated from the other.

The effective thermal conductivity (keg) between parallel plates is defined in terms of the
total heat flux (Q/A), whose units are power per unit area, as

keft = (Q/A) t/ (TH - Tc)

where t is the thickness of the sample and Ty and T ¢ are the hot and cold boundary temperatures
respectively. Effective thermal conductivity has the same units as, and therefore is comparable to,
the thermal conductivity of other insulations and materials. However, the thickness of the sample
must be known accurately and the thickness of MLI is usually variable. This parameter is useful
for comparing materials whose properties vary linearly with thickness but it does not take into
account the fourth-power dependence on temperature of radiation heat transfer. Effective thermal
conductivity was used originally by the cryogenic industry in the comparison of MLI with similar
boundary temperatures.

The effective heat transfer coefficient (heg) is simply the effective thermal conductivity per
unit thickness.

hess = (Q/A) / (TH - Tc)

This parameter has the units of a heat transfer coefficient and has the advantage of not depending
explicitly on material thickness. It should be used for comparing materials of equal thickness or, in
the case of MLI, equal numbers of layers.

Since the number of applications for MLI at different boundary temperatures has increased,
effective emissivity (g.fr) has been used for performance comparison!. It is defined as

eeti = (Q/A) / o (Tut - Tc?)

where g is the Stefan-Boltzmann constant. Effective emissivity includes the temperature variation
of radiant heat transfer and should be used to compare configurations with dissimilar boundary
temperatures and the same thickness or number of layers. It should be noted that at higher internal
pressures, effective emissivity can be greater than one, and its use is therefore more appropriate at
lower pressures. In keeping with the current trend, and to avoid explicit use of material thickness,

effective emissivity will be used here.
PRESSURE DEPENDENCE

The pressure dependence of MLI thermal performance is determined by the variation with
pressure of the total heat transfer through the insulation. Under high vacuum, below 10-6 torr,
heat is transferred by a combination of solid conduction ((Q/A)sc) and radiation ((Q/A)ad)- At
higher internal pressures, heat is also conducted by molecular collisions ((Q/A)gc) with the layers.
The total heat transferred is the sum of the heat transferred by each of these three modes.

QA = (QA)sc + (Q/A)raa + (Q/A)ge
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For given boundary temperatures, the amount of heat conducted through material contact
points has been assumed to be constant, independent of the pressure of the interstitial gas. The
amount of heat radiated between adjacent layers was also assumed to be constant for given
boundary temperatures. This assumption is valid because the change in radiative heat flux
resulting from a change in the layer temperature profile would be much smaller than the heat flux
causing the change in the temperature profile. The pressure dependence of the thermal
performance is therefore entirely due to the variation of gas conduction.

When the mean free path of the gas molecules is greater than the characteristic dimensions
of the configuration, the gas is characterized by molecular flow. In a ten layer blanket 2.5 mm
thick, the distance between radiation shields is about .25 mm. The mean free path of an air
molecule is greater than this dimension for any pressure less than .2 torr. For a two layer
configuration of the same thickness, the onset of the transition to continuum flow occurs at .02
torr. Therefore, the flow was assumed to be in the molecular regime for the pressures investigated
here.

GAS CONDUCTION

In the molecular flow regime, the heat transferred between two surfaces is expressed by
Knudsen's theory of free molecular conduction2.

1
3
o y+l( R )PAT

1
A), = =
QA 2 2-a y-1{2aMT,

where ¢ is the accommodation coefficient of the surfaces

y is the ratio of specific heats at constant pressure and volume

R is the universal gas constant

M is the molecular weight of the air

P is the pressure of the interstitial gas
and AT is the temperature difference between the two surfaces. The accommodation coefficient
was taken to be an average value of .9 2.34.

The temperature difference used to calculate this heat flux is the temperature difference
between two adjacent surfaces. It is related to the total temperature difference between the hot and
cold boundary surfaces by the number of surface pairs (n), or spaces, between the boundary
surfaces. Simply dividing the total temperature difference by the number of spaces in between,

AT =(Ty-Tc)/n

assumes a linear temperature profile, which is sufficiently accurate to first order. This illustrates
the effect of layers as barriers to molecular flow.

For the ten layer blanket tested, the number of spaces was taken to be 9 plus 1 additional
space on top, between the blanket and a temperature controlled surface. Similarly, n was taken to
be 4 for the four layer blanket. For the two layer configuration tested, the total temperature
difference was used because each of the two layers was in contact with one of the temperature
controlled surfaces.

A measurement of the heat flux under high vacuum represented a measure of radiation and

solid conduction without a contribution from gas conduction. By measuring the heat flux at higher
pressures, the theoretical pressure dependence of thermal conductivity could be verified.
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EFFECTIVE EMISSIVITY MEASUREMENTS
PROCEDURE

The heat flux through samples of MLI was measured in a guarded hot-plate calorimeter
mounted in a bell-jar vacuum system. The test setup is shown schematically in Figure 1. The
main heater was held at about 40 C and the liquid cooled heat sinks at about 0 C so that the sample
average was near room temperature. The temperature controlled surfaces were separated by small
fiberglass spacers at three locations around the guard heater circumference.

The temperature of the guard heater was maintained within 2 C of the main heater
temperature to minimize the heat leak in the radial direction. No extra guard heater was required
around the test samples because the radiation leak to the room temperature surroundings was small.
Two samples, of each configuration tested, and two heat sinks were used so that all power into the
main heater flowed out axially through sample material. Hence, the area of the main heater and
only half of the measured power to it were used in the calculation of effective emissivity. The
samples tested were 20 cm in diameter, and the main heater was 10 cm in diameter.

To control the pressure, a provision for nitrogen gas to be introduced into the bell jar
through a needle valve was included. By adjusting the gate valve to the vacuum pump and the
needle valve controlling the nitrogen flow rate, any pressure above 7x10-6 torr could be
maintained. An ionization vacuum gauge measured pressures below 4x10-2 torr.

Three MLI configurations were measured. The first was a ten layer blanket with mesh
spacers. The layers were 8 micron thick Kapton* film, aluminized on both sides, perforated with
1.3 mm diameter holes which accounted for 2.2% of the area. The mesh consisted of pairs of 25
micron diameter Dacron* fibers in a 3 mm grid pattern. The blanket was approximately 2.5 mm
thick so the temperature controlled surfaces were separated by 2.9 mm thick spacers.

The second configuration tested was a four layer blanket made of the same materials. It
was approximately .9 mm thick, and 1.5 mm thick fiberglass spacers were used.

The third configuration consisted of two layers of 130 micron thick Kapton film,
aluminized on one side, separated by the 2.9 mm spacers. The first layer was laid on the lower
temperature controlled surface, aluminum side up, and the fiberglass spacers were placed around
the edge. The second layer was then held in place by the upper temperature controlled surface,
aluminum side down. The layer separation varied across the sample, but the aluminized surfaces
did not touch at any point. Two samples of each configuration were assembled.

Each measurement required from 3 to 5 days to equilibrate in both pressure and
temperature. This was due to the large outgassing surface area, low pumping speed, low powers,
relatively large thermal masses, and low conductivities involved. Equilibrium was reached when
the average boundary temperatures had not changed more than .1 C in four hours and the pressure
had not changed more than 1/100 of the current decade. Measurements were made at a low
pressure, increasingly higher pressures, intermediate pressures to check reproducibility, and finally
the lowest pressure.

*Kapton polyimide film and Dacron polyester fibers, manufactured by E. I. du Pont de Nemours
& Co., Inc.

59



RESULTS

The effective emissivities at various pressures are shown in Figure 2 for the three
configurations tested. The squares, triangles and circles represent measurements of the two, four
and ten layer configurations respectively. Effective emissivities were calculated from measured
heat fluxes and boundary temperatures. The curves were calculated by adding the heat flux given
by the theory of free molecular gas conduction to the lowest measured heat flux, in each case, and
then converting to effective emissivity. Thus, the theoretical curves are forced to fit the
experimental data at their lowest points and the theory describes only the increase in heat transfer
due to gas conduction.

DISCUSSION

The variation in performance with pressure of any multilayer configuration can be predicted
given a value of effective emissivity at high vacuum. The effective emissivity in the absence of gas
molecules is a measure of the heat transfer by radiation and solid conduction alone. The kinetic
theory of gas conduction describes well the increase in heat transfer with increasing pressure.

This relationship is shown graphically in Figure 3 for the case of ten layer blankets. The
effective emissivity as a function of pressure of the blanket tested, both experiment and theory, is
shown along with the theoretical predictions for two hypothetical higher performance blankets. A
configuration with higher performance has lower radiation and solid conduction heat transfer and a
lower high-vacuum effective emissivity. The straight line is the effective emissivity resulting from
gas conduction alone. The theoretical curves are simply the sum of this straight line and the
various high-vacuum effective emissivities. As the interstitial gas pressure increases, gas
conduction dominates radiation and solid conduction, and the performance of all ten layer blankets
converge.

A comparison of these results with those found originally in reference 5, is shown in
Figure 4. The circles are the present measurements of a ten layer blanket. The curves are
equivalent emissivity calculated for a .25 cm thickness of two types of MLI from reference 5. The
kinetic theory of gas conduction, the solid line, fits the present data better (for pressures above
2x10-3 torr where gas conduction dominates) than that of the earlier work.

A pressure of 10-4 torr or less is sufficient to ensure the minimum effective emissivity for
any particular ten layer blanket. This is true for any practical configuration of ten layers. But, for
the configuration tested, a pressure of about 10-3 torr is sufficient. This pressure is probably
applicable to any easily attainable configuration of ten layers.

PRESSURE HISTORY MEASUREMENTS
PROCEDURE

The four and ten layer blankets described above were tested to determine the interstitial
pressure as a function of time during broadside venting. A single sample was mounted in the
stainless steel chamber shown schematically in Figure 5. The volume of this chamber, 8 liters,
was minimized to make the vacuum pumping rate as fast as possible.

The blanket sample was mounted so as to divide the chamber into two volumes. The
sample was clamped around the circumference with an aluminum ring as shown in Figure 5. The
volume on one side, the pumped region, was evacuated in three stages: a carbon vane mechanical
pump, a liquid nitrogen sorption pump, and the opening of an 18 cm diameter gate valve. The gate
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valve opened to a 40,000 liter vacuum chamber and its liquid helium cryogenic pump. The
pressure in this large chamber was less than 2x10-6 torr at the start of each test run. The actual
volume on the other side of the sample, the enclosed region, was 4 liters.

The pressures on both sides of the test sample were measured using thermocouple gauges
and ionization vacuum gauges with 2.5 cm diameter inlet ports. These gauges were located as
close as possible to the sample as shown in Figure 5. The pressures measured by the sets of
gauges in each region tracked closely when the chamber was evacuated without any sample in
place.

No clean-room procedures were followed when handling the sample materials. They were
handled without gloves, in a normally humid environment, just prior to mounting in the test
chamber. The test samples represented materials that may have been in storage for some time and
that were handled without any particular precautions.

RESULTS AND DISCUSSION

Representative measured pressure histories are shown in Figure 6. The lower curves show
the pressures measured in the pumped region outside the four or ten layer test blanket. The other
curves are the corresponding pressures measured in the region enclosed by the sample blanket.
The pressures measured on either side of the blanket bounded the actual interstitial pressure within
the blanket, which would have had a gradient from layer to layer. The pressure measured in the
enclosed region was thus higher than any pressure within the blanket. The tests were repeatable.
The results shown in Figure 6 are similar to many other runs performed under similar conditions.

The pressure in the enclosed region was always higher than the pressure in the pumped
region due to the presence of the blanket. Any delay in pressure change during the initial rapid
depressurization was due to resistance to the flow of gas passing through the blanket from the
enclosed region. Delays are evident in both of the cases shown in Figure 6. Delay times from 0 to
15 seconds were observed. The delay time is related to the conductance of the blanket.

In each test, the rate of depressurization slowed after about one minute. The pressure and
the rate of pressure change in the enclosed region at this time, depended on the number of layers in
the sample being tested. These are the effects of material outgassing and its dependence on surface
area. In general, water vapor is the major contributor to outgassingé followed by contamination.
These results agree with those of reference 7 in which pressures leveled out around 10-3 torr and
material outgassing was indicated.

The results of three consecutive tests of the ten layer blanket are shown in Figure 7. The
chamber was blackfilled with dry nitrogen between runs. The pressures shown were measured in
the enclosed region. When repeated in succession, some residual water vapor and contaminants
were removed and each test resulted in lower pressures. The apparent continuation of the same
pressure profile, after initial rapid depressurization, indicates that outgassing limited the interstitial

pressure.

When pumped overnight, the pressure in the region enclosed by the ten layer blanket
dropped to the 10-5 torr range but was still one decade higher than that on the pumped side. This
residual pressure could still be the effect of outgassing.

PERFORMANCE PREDICTIONS

The results of the two types of measurements were combined to predict the performance of
a multilayer configuration in a rapidly depressurizing environment. It was assumed that the blanket
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performance measured at steady-state pressure would result at each time during a pressure
transient. Also, the pressure history measured in the region enclosed by the test blanket was
assumed to be a conservative estimate of the actual interstitial pressure. These two assumptions
allow the blanket performance to be estimated as a function of time.

As an example, Figure 8 shows the actual ascent pressure history of a boost vehicle and the
estimated interstitial pressure within a ten layer blanket during the first five minutes of flight. The
maximum measured delay time of 15 seconds was applied down to 5x10-3 torr after which the
pressure history of Figure 6 measured in the enclosed region was assumed.

Values of effective emissivity from the theoretical curve of Figure 2 were inserted for each
pressure. The resulting predicted performance of the ten layer blanket is shown in Figure 9. The
ultimate performance of the blanket is also indicated for comparison.

Once the pressure within the ten layer blanket reaches 10-3 torr, the effective emissivity will
be within 15% of its ultimate value. This will occur in about five minutes. In the same time, the
pressure inside the four layer blanket would have reached 2x10-4 torr and its performance would
be within 5% of its ultimate.

CONCLUSIONS

The effective emissivity of a ten layer insulation blanket was found to be nearly constant up
to 10-3 torr, a pressure higher than has been reported previously. The effective emissivity of a
similar four layer blanket was nearly constant up to 104 torr. As pressure increases from high
vacuum, insulation layers act not only as radiation shields but also as shields to molecular flow.
The increase in heat transfer with increasing pressure correlated with the kinetic theory of gas
conduction in the molecular flow regime. Therefore, the performance of a multilayer configuration
at any pressure can be determined from the effective emissivity of the particular configuration
under high vacuum.

The interstitial gas pressure inside each test configuration was bounded by measuring the
pressures on both sides during the rapid depressurization of one side. The pressure inside the ten
layer blanket was at most 10-3 torr after three minutes. The pressure inside the four layer blanket
was less than 2x104 torr in the same time. The measurements indicated that outgassing, rather
than restriction to flow, limits the performance of multilayer insulation. These results were
combined with the measurements of effective emissivity to provide performance predictions. For
example, on an actual boost vehicle, either of the multilayer blankets tested could attain within 15%
of their ultimate performance in about five minutes.
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ABSTRACT

This paper describes an ongoing modification of a large (30-foot sphere) vacuum chamber to
accommodate the ignition of an arcjet hydrazine thruster while maintaining a vacuum level of
10 x 105 torr or less. The vacuum facility consists of a 20-foot stainless steel vacuum tank
with an internal LN- shroud, four 35-inch cryopumps and an 8-inch turbopump. To maintain
a vacuum level of 1.0 x 10”S torr or less, 900 sq. ft. of liquid helium (LHe) shroud surface has
been installed to maintain the vacuum level and pumping requirements in Table L.

A vacuum level of 1.0 x 10—5 torr or less will allow the hydrazine thrust to exit the thruster
nozzle and radiate into a space type environment so that plume flow field can be analyzed and
compared to the analytical model density distribution profile. Some of the other arcjet thruster
characteristics that will be measured are the electromagnetic interference (EMI) and exhaust
contamination. This data will be used to evaluate if the arcjet thruster with its high specific im-
pulse (450 sec, average) in comparison to current chemical propulsion thruster can be used for
the next generation of communication satellites.

The LHe system is gravity-feed, with external LHe dewars that supply an internal 5001 LHe
dewar with a phase separator which in turn supplies the LHe shrouds. The LHe shroud panel
temperature must be maintained at 4.8°K or less to retain the hydrogen in a solid state on the
LHe shroud panels. The hydrogen is a by-product of the hydrazine from the exhaust plume. The
LHe shroud system consists of five 6-foot-wide by 15-foot-long shroud panels which are located
inside the vacuum chamber. Each LHe shroud panel is positioned inside the chamber so the
thruster plume will not radiate directly on the LHe shrouds.

The test is scheduled to start on May 1, 1990 and the data will be available on June 1, 1990.
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Table 1. Facility Pumping Capability and Arcjet Thruster Specifications

Facility Pumping Capability

4 - 35” Cryopumps

1 - 87 Turbopump

30-foot-diameter 80°K Shroud

900 square feet of LHe Shroud with the following pumping capability :

N~ 24 .4 torr 1/sec

H2 48.3 torr 1/sec

Arcjet Thruster Operational Specifications

Hydrazine Flow Rate 1.0x 104 Ibm/sec
Ignition Duration 16 hours

Vacuum Level Required 1.0 x 1072 torr or less
Thrust 0.038 — 0.045 1Ibf
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NASA Goddard Space Flight Center, Greenbelt, MD 20771

ABSTRACT
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The flow fields produced by low pressure gas vents have been described based on experimental data obtained from tests in a
large vacuum chamber. The gas density, pressure, and flux at any location in the flow field are calculated based on the vent
plume description and the knowledge of the flow rate and velocity of the venting gas. The same parameters and the column
densities along a specified line of sight traversing the plume are also obtained and shown by a computer-generated graphical
representation. The fields obtained with a radially scanning Pitot probe within the exhausting gas are described by a power of
the cosine function, the mass rate and the distance from the exit port. The field measurements were made for gas at pressures
ranging from 2 to 50 torr venting from pipe fittings with diameters of 3/16 inch to 1-1/2 inch L.D. (4.76 mm to 38.1 mm). The

N, mass flow rates ranged from 2E-4 to 3.7E-1 g/s.

Introduction

Many spacecraft and the space station in particular,
require venting of gases. The venting may be used to dispose
of waste gases, to produce low-pressure drag makeup propul-
sion, or simply to provide low-evel propulsion for attitude
control or transfer. Contrary to these benefits, gas ventings in
orbit have objectionable effects. The vented gases modify the
environment and impact scientific and technical activities.
They degrade the thermo-optical properties of surfaces where
they may deposit or induce objectionable torque disturb-
ances to the spacecraft. The environment modification may
result in gaseous obscuration and molecular scattering in
the field of view of an observatory instrument or of an ob-
server. The vented gas deposited on critical surfaces can
result in the complete degradation of an instrument or a
system. The disturbance torque from a vent may result in a
considerable expenditure of spacecraft propulsive power to
correct for the unwanted disturbances.

This paper provides experimental data on the flow field
produced by the gas vented in a large vacuum chamber from
a pipe having inside diameters ranging from 3/16 to 1-1/2 in.
The pressure of N, in the pipe ranged from 2 to 50 torr and
the mass rates from (2 x 10~4 to 3.7x 10~ ! g/s). The flow
fields were obtained by measuring the dynamic pressures
(pVZ) radially about the exhaust using a simple Pitot probe.
The 6”2 angle corresponding to 50 percent of the maximum
Pitot pressures at the vent centerline was used with other
parameters to provide an analytical description of the plume.

The characterization of the plumes and a knowledge of
the vent gas terminal velocity allows, as shown, an estimate
of the flux, the density, and the pressure at various locations
in the plume flow field including surfaces where contamina-
tion may occur as a result of plume impingement. It provides
for the evaluation of the column density along a line of sight
traversing the plume, and for estimation of the return flux
from the self scattering of the gas within the plume and with
the ambient residual atmosphere. Also,the flow field descrip-
tion provides the definition of the gas propulsive thrust vec-
tor.
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The paper indicates the techniques employed for the
plume description, the measurements made, the parameters
affecting the plume, and the analysis for the implementation
of the results in a form which can be used for other plume
conditions. A computer program has been written to plot in
a normalized format the plume flux contours which also
represent the density and pressure contours. The inclusion of
these plots of a line describing an observation line of sight
crossing the plume provides gaseous parameters of interest
along that line and the evaluation of the column density.

The experimental investigation described here was carried
out several years ago as the basis for a space experiment. The
experiment described in Reference (1) measured the return
flux scattered by the ambient atmosphere of a source of gas
(neon) ejected on command from the spacecraft. The data
reported here were needed to obtain an analytical description
of the emitted neon plume. The investigation sought to
produce a plume having a Lambertian distribution, which
would offer a sufficient ambient scattering cross section for
the return flux and, at the same time, provide a very low
thrust and a low exhaust mass rate.

Experimental Procedures

The radial distribution of the gas flow vented from pipes
of various diameters and for various mass flows was measured
in a large vacuum chamber (3.65 m diameter, 4.57 m high)
using the arrangement shown in Figure 1. A variable-size gas
fitting was fitted to a 92-cm long, 4.76-mm L.D. Teflon tube.
A Baratron® capacitance pressure manometer, which
when properly calibrated and temperature-controlled, can
measure pressures down to 1073 torr, was connected to the
other end of the Teflon tube. The reference pressure of the
Baratron was the chamber pressure. A sintered flow restrictor
was located approximately 12 cm upstream of the pressure-
measuring Baratron. The restrictor provided a neon flow of
4333 std cm3/min at 525 psig supply pressure and conduc-
tance of about 1.96 cm3, as determined from previous
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independent tests. The same restrictor, as will be shown,
provided a nitrogen flow of 79 percent that of the neon, or
3440 std cm3/min.

A pressure gage, a pressure regulator, and the supply of
N, were located upstream of the restrictor outside the
vacuum chamber, The rate of gas exhausted from the pipe
was known from other tests as a function of the supply
pressure upstream of the porous plug restrictor and as a
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Figure 3. N, Downstream pressures and mass rates
VErsus reservoir pressures.

function of the supply pressure depletion time as shown in
Figure 2. Also, the pressure (Pu), downstream of the plug,
was recorded as a function of the supply pressure (Ps) with
and without a flow diffusor at the end of the Teflon tube
(Figure 3). The diffusor, with a conductance greater than 5
I/s was to provide a spread out of the flow at the exit. The
exit venting port at the end of the Teflon tubing, as shown in
Figure 1, was firmly held at the centerline, some measured



distance away, of a wheel which could be rotated from the
outside of the vacuum chamber. The wheel had a slot for the
mounting of a bracket holding a fitting attached at the
extremity of a flexible tube connected to one of the sides of
a Baratron capacitance manometer mounted outside the
chamber. The other side of the Baratron was connected to
the chamber pressure.

The slot in the rotatable wheel provided for changing the
distance between the flow exhaust port and the fitting. The
fitting, as a Pitot tube entrance, recorded the dynamic
pressure in the gas stream (pVZ) (dyne/emz) The Pitot tube
fitting was precisely aligned with the centerline of the
exhaust vent fitting. The wheel angular motion, and hence,
the angular position of the Pitot detector with respect to the
centerline of the flow, was measured by a goniometric scale
attached to the wheel crank, outside the chamber. Any
angular positions could be held indefinitely for measure-
ments under steady flow conditions. The 12-foot (3.65-m)
diameter by 15-foot (4.57-m) high vacuum chamber was
provided with 6 32-inch diameter diffusion pumps, each
hdving 5x 10* 1fs pumping speed, 2 mechanical pumps, and
2 roots blowers. The pumping system was capable of main-
taining chamber pressures lower than 10~ 7 torr. The cham-
ber pressure was measured with an Alphatron gage down to a
pressure of 103 and below this pressure with an ion gage.
During the test, with the N, being vented in the chamber,
the pressure was, in general in the 10~ torr range; ie.,
about 5 to 6 orders of magnitude lower than the pressure (2
to 50 torr) downstream of the restrictor, and upstream of
the gas exit.

The pressure data were collected manually for rotation
steps of 5° and 10°, turning the Pitot detector both clock-
wise and counterclockwrse starting with the 0° angle cor-
responding to the aligned detector and venting gas outlet.
Measurements were not carried out, in general, beyond 90°
from the centerline. At that time, and for the purpose of the
test investigation, there was no interest in the backflow
(> 90°) measurements. Backflow measurements would have
provided flow directed toward the rear of the exhaust vent
and would have included measurements beyond the Prandtl-
Mayer angles. However, there were occasions when some
measurements were made beyond 90° On those occasions,
and in some of those instances, negative pressures (chamber
pressures higher than the flow pressure) were noted. This
may have been indicative of gas flow creating a venturi effect
at the detector entrance.

Several tests were carried out with the detector at vari-
ous distances from the exit vent. But the majority and most
conclusive tests were carried out with the detector 5.1 cm
away from the vent exit. The detector tubing was also varied
using either a 3/8-inch or a 1/8-inch internal diameter (9.52
mm or 3.17 mm).
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Test Parameters

Flow Rate--The nitrogen flow rate was obtained from the
appropriate modification of the flow rate found experi-
mentally for the neon. The N, rate as dictated by the porous
restrictor plug was measured to be Q = 4333 atm c¢m3/min
(72.21 em3/s) (54.88 torr I/s) when the pressure upstream of
the restriction was 525 psig (36.73 atm). The corresponding
conductance was 1.96 cm3/s. The mass flow rate at standard
condition was m = 6.44 x 1072 g/s and the molecular flow
rate was n = 1.94E21 molec/s. The flow at the restrictor was
sonic or choked since the downstream pressures were always
Py << Pg.

The equrvalent N,-choked flow accounting for the dif-
ference in molecular masses and specific heat ratio can be
evaluated from Reference 2,

e [ T
NAVZ )" N
&) b2y

\lv};ere MN = 20 g/mole, My; = 28 g/mole, ’YN =1.66,y7N=

The N, flow rate is then 57.33 atm em3/s (5.2 E2 g/s;
1.56 E21 s™1) for a supply pressure of 525 psi and the
restrictor conductance is 1.55 cm?/s.
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Pressure Downstream of the Restrictor, Upstream of the
Exit-The pressure downstream of the restrictor as a function
of the restrictor upstream pressure was measured in a vacuum
chamber and is reported in Figure 3. The measurements
were made with a capacitance manometer using the vacuum
chamber pressure as a reference pressure. The pressure was
measured at about 12 cm downstream of the restrictor and
about 80 ¢cm from the end of the Teflon tubing. The long
length of tubing was made necessary by installation require-
ments for the neon supply reservoir location aboard the
spacecraft.

The N, mass flow rate is shown on the same plot in terms
of the supply pressure. The plot also included the down-
stream pressure when a diffuser was added at the end of the
tubing. That diffuser had a conductance much greater than
that of the restrictor plug. It was employed to spread out the
flow at the exit of the tubing. It did not, however, provide
the intended function.

Exit Flow Velocities--A choked critical velocity exists at the
tubing exit when the downstream to the exit pressure for N,
is P, <.53 Ppy. The pressure Pp.as shown, varied from about
50 torr down to 1 or 2 torr, whrle the chamber pressure (P )
was always several orders of magnitude lower than that. The



critical velocity for the N2 at T =290 K can be calculated

as:
v, (

where y =14, M=28,and R=831x 107 erg/mole K is the
gas constant. The terminal velocity reached downstream of
the exit port, for an adiabatic isentropic expansion, is

2 RT
v, =(- X
y-1 M

2y RT
Yt1I M

(

1/2
) = 316 m/s )

1/2
) =725 m/s. ()

The Mach number based on the critical velocity is M =
(Vg )/(Vc) = 2.44 at the terminal velocity. The temperature
at this Mach number is

1
"

v @

-1
T=T, (l+ M2> = 132 K.
The distance Z downstream of the exit port of diameter D
where the maximum adiabatic terminal velocity has been es-

tablished, can be estimated based on an approximate relation-
ship valid for Z/D >> 1 and plpg << 1,Refs. 3,4,5,6.

) o)

3
which for the value of M = 2.44 indicates that Z v 0.63D.
This indicates that at the distance of 5.1 cm (or 6.8 cm)
used in the present tests for the location of the Pitot tube,
the flow would have reached maximum velocity.

v+
Y

(5)

Exhaust Exit Ports--The exhaust port provided by pipe fit-
tings, varied from 3/16 inch (0.476 cm) to 1-1/2 inches (3.18
cm) internal diameter. The diffuser had a centered exit area
corresponding to 7/8 inch (2.23 ¢m) in diameter. For all tests,
with the exception of one, the length of the pipe fittings to
their internal diameters (L/D) were much greater than one.

Test Data

The experimenal flow fields measured for various vent
sizes and vent pressures are shown in Figures 4 through 10.
The vent upstream pressures varied from about 2 to 50 torr
and the downstream chamber pressures ranged down to
1074 torr during the measurements. The mass flow rates
were from 3.7x10 102 x 1074 g/s. For some initial mea-
surements carried out in a small vacuum chamber and re-
ported here for completeness, the chamber pressures ranged
from 1073 to 10~! torr. The various parameters for the
test conditions are indicated on the plots. The plots also indi-
cate the value of angle 01 /2 This is the angle corresponding
to the Pitot measurement pressure value of 1/2 the maximum
pressure measured at the centerline of the flow. The magni-
tude of that angle is a measure of the plume spread. For the
present test parameters, the 01/2 angle varied from an aver-
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age value of 48 degrees when the pressures in the chamber
were in the 10™% torr range and average values of 18 to 20
degrees when those pressures were in the 10! torr range.
Flow field results with the high chamber background pres-
sures using 1/4-, 3/8-, and 3/4-inch (6.25, 9.52 and 19.05
mm) diameter exhaust pipe openings and for a 0.196-in.
(0.498-mm) diameter, 0.029-inch (0.736-mm) thickness ori-
fice, are also being reported. These results were obtained
when the downstream chamber pressures were in the 10~3
torr range or higher, The lowest upstream pressure was 2 torr
which resulted in a 3- to 4-order-of-magnitude-difference be-
tween upstream and downstream pressures.

Data Reduction and Application

The normalized Pitot pressures versus angles obtained
from the tests, when superimposed on a graph (Figure 11)
showing the function of cos™ 6 for values of n from 1 to 5,
show that the pressures can be represented for a consider-
able range of angles (from 0° to 75-80° ) quite well by a
cosine power function, The data obtained for the 3/16-inch
(4.76-mm) diameter pipe, P, = 253 torr, P, = 6.3 x 1074
torr, 8,,, = 48, and for those of the I- 1/2-inch (38.1-mm)
diameter pipe, P, =37,P_ =93 x 10740, , = 40°, have
been superimposed on the cosine plots. ’lfhe d1vergence
occurs beyond 75-80° where the data obtained from the
measurements is not available, or careful measurements were
not taken, at those angles. The Pitot pressures for those large
angles were less than 5 percent of the maximum AP pressure
at the centerline.

The fraction of gas included at those angles is about 2
percent of the total, and in those regions, the plumes may be
represented by an exponential function. Thi$ was not done
because of the limited data available.

The value of the exponent of the cosine function appro-
priate for each distribution can be obtained as shown in Fig-
ure 12 by plotting on log paper cos™ 8 versus the normalized
Pitot pressure, AP/AP . The slope of the curve provides
the value of n. The straight lines were drawn attempting a
best fit. It is apparent that the experimental data fit the
straight line reasonably well with the divergence occurring
at the large angles. The 6, 1/2 angle from these plots is seen
to become smaller as the size of the vent grows from 3/16
inch to 1-1/2 inch (4.76 mm to 38.1 mm). The exponent of
the cosine grows from about n = 1.74 to n = 2.51. It is,
therefore, reasonable to use a cosine function to represent
the plumes investigated here. However, one should be aware
that at large angles, an error is being introduced.

The flux of gas ¢ (g cm™2 s~ !; cm™2 s~ 1) exhausting
from one of the above openings can be represented, based on
the above discussion, by ¢ = k cos™ @ where k is a constant
to be determined. The elemental mass of gas dm in traversing
an element area of dA of an axisymmetrical plume will be
¢dA and the total mass rate will be

f #dA.
A
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The element of area using polar coordinates is

dA = 1d0 (rsinfdyp) = r2 sinf db dy

where 0 <8 <m/2 is the angle of the centerline of the plume
to the element of area, 0 <<y <2 is the angle of symmetry,

and r is the distance from the center of the source at the exit
to the element of area.
The integration giving the total flow rate is then

qudA ﬁos 0 (12 sinf d0 dp) =
/ r2 d¢/ cos™ 0 sinf d§ =

2
=k l2nr2 (; cos“”@) f = 2mr2
n+1 n+1
and the constant is k =t (n t . (6)
272

The flux at a distance r and angle 6 from the centerline is
given in terms of the total mass rate being exhausted

n+l
2

(7)
p N D o

th cos™ 0 (gem™ 2571 em ™25~ 1 moless™em™2)

2nr

where the units of the flux depend on the units of m and r.

Py P, |mx1072
4 \ tors tore /s

37 1x 1073 an

20 {79x107% 321
212|a8x 1074 227
2x107%| 108

T 40 15

L
/ 172 lavg ™ 30°

) A\

L.;I a0y | |
80 60 40 20 O 20 40 60

¢°, ANGLE OFF ¢

\\.
.\
/
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Application

The expression for the flux also indicates the density at
any distance 1 and angle 0, if the velocity of the flux is
known. This density, since p = ¢/V, is
p =(Rtl) I g em~3:em™3) (8)

(217r2) \Y% (e
The pressure, P = pKT = p (RT)/(M) for a temperature T(K),
molecular mass M (gr/mole), and R =62.36 x 103 torr cm3/
mole K the gas constant is,

P = (L‘_’f_l) m RT
22 VM
Given then the experimental data on the flow field or simply
the angle 0”2, the mass flow rate m, the temperature and
the terminal velocity one can estimate pressure, density, and
flux at any location within the hemisphere of the gas dis-
charge. These parameters are important for the assessment of
contamination hazards to systems exposed to the vented
gases, and for an estimate of either the mass or the number
column density along a line of sight. The column density is
obtained by performing the integration

X b
N:f pdx=‘/‘ ntl -$—cosn0dx
2
0 o 2mx

where x is the distance along the line of sight. By an appro-
priate description of the line of sight, e.g.,by aliney =ax +
b described by its angle and origin with respect to the gas
source, one can obtain the parameters of interest as the line
of sight intersects the plume.

Two computer programs have been written to provide
graphically and numerically, those parameters. One needs to
input ¢/m valuesand n for the plume description; the parame-
ters a and b for the equation describing the line of sight; m
(meters), the distance along the line of sight; and the incre-
ment of dm (meters) sought for the integration and evalua-
tion of the column density. An example of the plots pro-
vided by these programs is shown in Figure 13. For general-
ity, the fluxes as a function of the distances are reported in
terms of ¢/m (cm_2) as is the sum of the flux contributions,

cos" 8 (torr) . %)

(10)

d
Z —Q d (cm_zm)
o m

along the LOS. With the exhaust rate i, and V the exhaust
velocity, one can obtain the flux and the column density, N

d .
N = };%-‘\“7 d (g/em?, cm™2) (11)

Similarly, the pressure can be obtained in the same manner
using the appropriate expressions.
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Conclusions

The radial and angular distribution of the gas flow from
openings with large L/D, and diameters ranging from 3/16
inch to 1-1/2 inches (4.76 mm to 38.1 mm) were measured
in a large chamber where the pressure was maintained in the
10~ 4 torr range, or lower. The N, flow ranged from 2 x 10~4
gr/s to 3.7 x 10~ !gr/s and the pressures upstream of the
exhaust vent ranged from 2 torr to 52 torr. Some preliminary
tests were carried out in a small chamber. In those tests, the
chamber pressures varied from 10~ ! torr to 10-3 torr. A
Pitot probe was used to measure the flow rate momentum at
various angles from the centerline of the exhaust flow.

The diameter of the Pitot tube opening and its distance
from the exhaust aperture were also changed in two in-
stances to evaluate their effects,

The measurements indicated that for the range of upstream
pressures and mass flows employed in these tests, the cham-
ber downstream pressure must be about 5 orders of magni-
tude lower than the pressures at the exhaust. Under those
conditions one obtains full lateral expansion of the plume.

The angle, 8 /5, corresponding to 50 percent of the maxi-
mum pressure in the flow field at centerline, varies from 40°
to 48° when the pressure upstream of the exhaust varies
from 2 torr to 50 torr and the chamber pressure is about
4 x 104 torr, or lower,

The half angle increases as the pipe opening diameter de-
creases.

The effect of the downstream pressure severely restricts
the spreading of the plume,

The diameter of the Pitot detector was varied from 1/8
inch to 3/8 inch (3.17 mm to 9.52 mm). The change did not
affect the measurements. The measurements at each angle
from the plume centerline were made by holding the angular
positions for a sufficient length of time to insure steady pres-
sure flow conditions at those locations.

The distance of the Pitot detector (5.1 ¢cm or 6.8 cm) did
not affect the flow distribution. This indicates that the flow
was frozen at those distances. The magnitude of the pressure
readings decreased with the square of the distance.

Most of the flow patterns were obtained with the detec-
tor located 5.1 cm from the exit port. This corresponded to
a downstream distance of about 10 diameters for 0.476-cm
diameter pipe and 1.33 diameters for the 3.81cm diameter
port.

Measurements beyond 80° were not available because of
the limitation in the pressure readings and the lack of inter-
est at those large angles at the time the measurements were
made. However, more than 95 percent of the plume mass
is contained within the half angles of 75° and about 75 per-
cent of the same mass is within the half angle of 40°.

The flux at the distance r and angle 8 from the center-
line can be described by a power of the cosine function up to
a half angle of about 75°. The flux beyond those angles may
be described by an exponential function. This, however, was



not attempted. If one chooses to describe the plume with a
cosine function up to 90° half angle, the error is then less
than 10 percent,

The coefficient in the expression of the cosine function
for the plume description includes the mass rate from the
vent, the distance at which the flux is being measured, and
a factor which includes the power of the cosine function;i.e.,

n+l

DT mhcos™e,
2712

¢:

The power of the cosine function can be obtained by
plotting on log coordinates the normalized Pitot pressures
versus the cosine of the angle. The power can also be ob-
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ABSTRACT

TRW has successfully developed and implemented a Multipurpose Hardened
Spacecraft Multilayer Insulation (MLI) system which meets diverse survivability and
performance requirements.

Within the definition and confines of a MLI assembly (blanket), the design:

a. Provides environmental protection from natural and induced nuclear,
thermal, and electromagnetic radiation

b. Provides adequate electrostatic discharge protection for a
geosynchronous satellite

c. Provides adequate shielding to meet radiated emissions requirements

d. Will survive ascent differential pressure loads between enclosed
volume and space.

This paper describes the MLI design which meets these requirements and
discusses design evolution and verification.

The application is for MLI blankets which closeout the area between the laser
crosslink subsystem (LCS) equipment and the DSP spacecraft compartment. Ancillary
requirements were implemented to ease installation at launch facility and to survive
ascent acoustic and vibration loads. Directional venting accommodations were also
incorporated to avoid contamination of LCS telescope, spacecraft sensors, and second
surface mirrors (SSMs).

As the MLI design matured, requirements were changed or better defined,
resulting in a long and tedious conceptualization and testing phase. The challenges
to the insulation personnel to accommodate these diverse and dynamic requirements
were significant, if not at times painful.

SCOPE

The process undertaken by TRW to develop, verify, and test a MLI configuration
that met all requirements was a long and tedious one taking over four years to
complete. Several design iterations were required to incorporate ancillary
requirements.

The narrative form was used to capture the evolution of the design. The intent
of this paper is two-fold:

1. To describe the new MLI configuration that meets diverse performance
requirements by documenting its construction and assembly/fabrication methodology
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2. To reinforce the need for concurrent engineering (CE) as a major part in
any hardware development phase. Lessons learned during this process do well in
bolstering this argument.

The appendix presents design criteria as edicted toward the end of the hardware
development phase. As sometimes happens in research and development, the actual
"requirements definition" package was written after the start of the design phase.
An example of the ’'tiger team’ instead of ’concurrent engineering’ mentality.

BACKGROUND

A decision was made at the inception of the program to provide radiation pro-
tection to sensitive LCS equipment using hardened MLI closeouts for the open (to
space) areas between the DSP spacecraft bay and the LCS radiators. The LCS design,
by a separate contractor, was too mature and the weight penalty too large to harden
the electronics boxes themselves.

The author believes (hindsight, of course) that this decision might have been
different if it was tempered by emphasis on CE activity rather than cost trade-offs.

SUBSYSTEM DESCRIPTION

Figure 1 describes LCS hardware configuration, DSP spacecraft structvre (bay),
and MLI closeouts. Electronic equipment (mounted to the equipment frame) and the
telescope comprise the LCS subsystem. All LCS equipment, with the exception of the
gimballed telescope, is supported by the frame which is mounted vertically in the
spacecraft bay. The equipment frame and the telescope are independently supported
at the same three points in the bay by essentially separate truss systems.

Second surface mirror radiators are mounted on the front (spacecraft +X) of the
electronic equipment to radiate heat outward. These radiators are beryllium and are
fairly stiff and light. Detectors and lasers support the two lower radiators and
are in turn supported by the optics assembly which is attached by a three point
mount to the lower part of the equipment frame. The radiators are attached at their
edges to the DSP bay by the LCS MLI closeouts.

REQUIREMENTS DEFINITION AND IMPLEMENTATION

PHASE 1. THERMAL INSULATION BLANKETS HARDENED FOR RADIATION PROTECTION

Initial requirements established the utilization of a tantalum metal foil
(0.001 in. thick) within the MLI construction to provide the hardening. This 1 mil
thick tantalum foil would provide the radiation hardening equivalent of 0.090 in.
thick aluminum. The thin foil was malleable and could be readily formed into the
polyimide and polyester MLI shapes. At this point, cognizant engineering groups
decided that this would be the optimum and most cost effective method of
implementing the hardening requirement. Figure 2A shows the typical construction
(Phase I) of the MLI closeouts. The tantalum foil is encapsulated by 1 mil polyimide
tape to provide protection from abrasion during forming and assembly into the MLI.

Due to the hardening requirement, the design of the closeouts was predicated
on 100Z line-of-sight protection from any potential natural or induced nuclear
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radiation source in space. Insulation development personnel attacked the problem by
assuming that the closeouts, which closed out the spaces between LCS electronic
radiators and spacecraft structure, had to "hold water." This analogy served well
to implement the "line-of-sight" design requirements.

The three-dimensional shape of the thermal MLI closeout designs required form-
ing of the tantalum to duplicate the thermal MLI shape. This required a significant
amount of new fabrication and assembly methodology development. Stress relief holes
at corners, normally required in sheet metal or MLI fabrication, could not be incor-
porated. In this case, any aperture, no matter how small, negated the radiation
protection. Workarounds for thin foil forming methods were developed to alleviate
this problem.

During the configuration development phase, tantalum barriers were necessary at
certain interfaces to support the "line-of-sight" protection requirement. This is
shown typically in figure 2B.

A closeup of a typical blanket is shown in figure 3. The blankets shown in the
figure are flight-like with the exception of the use of nonperforated plastic films.

After completion of the development and subsequent preliminary blanket
drawings, the MLI closeouts were incorporated into a CAD mechanical ICD drawing of
the LCS hardware and the spacecraft structure. Line-of-sight analyses were then
conducted to determine if the closeout configuration met the radiation protection
criteria.

OTHER DESIGN REQUIREMENTS ESTABLISHED DURING PHASE 1

Nylon velcro (hook and pile) interfaces were established as the interface
between the LCS hardware and the DSP spacecraft bay. This was driven by (1) LCS
contractor hardware was to be integrated into the DSP spacecraft at the launch site
facility, and (2) TRW closeouts were to be integrated for several qualification and
acceptance tests at both the LCS contractor facility and at TRW. Interface require-
ments were established as a part of the applicable mechanical ICD.

At this time, standard geosynchronous electrostatic discharge grounding
accommodations were incorporated. These included, at that time, outer (space
facing) and inner layer VDA grounding with redundant ground tabs.

At the end of this phase, TRW personnel supported thermal-vacuum testing of the
LCS at the contractor facility. The LCS thermal-vacuum support fixture somewhat
duplicated the configuration of the DSP spacecraft bay into which the LCS was to be
integrated for flight. This provided TRW personnel with an excellent opportunity to
verify the form and fit of the closeouts and their installability. Various design
(shape) changes were incorporated into the closeocut design as a result of these
"fit-checks" and subsequently incorporated to the ICD.

During this activity, a strawman procedure was cowritten by the LCS contractor
and TRW to define mechanical activities and schedule requirements for the activity
at the launch site. Integration of the LCS occurs late in the launch preparation
sequence, with complex parallel and serial mechanical activities required.
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PHASE 2. MLI CONFIGURATION DESIGN MODIFIED DUE TO RADIATED EMISSIONS
SHIELDING REQUIREMENTS (EMC ENHANCEMENTS)

Later in the program, requirements were formalized to the insulation group
based on the electromagnetic shielding effectiveness characteristics of the close-
outs. Electromagnetic compatibility (EMC) became an issue after the LCS electrical
interface requirements were well defined.

Tailored requirements were established for the closeouts after samples of the
current closeout design were tested for EMC effectiveness. The closeouts would
provide the LCS equipment with a degree of shielding effectiveness equivalent to at
least 20 dB of attenuation between 14 kHz and 18 kHz with the following exceptions:

a. Between 10 MHz and 20 MHz, the closeouts shall provide at least 10 dB
of attenuation

b. Between 1 GHz and 2.4 GHz, the closeouts shall provide at least 35 dB
of attenuation.

These criteria significantly impacted the closeout configuration design insofar
as their assembly. Enhancements to the design included primarily:

a. A change to conductive stainless steel velcro interfaces (MLI to
spacecraft and MLI to LCS radiators)

b. The use of conductive epoxy (Ecco-Bond 57C) for all metal-to-metal
interfaces (i.e., metalized velcro to tantalum).

The MLI construction incorporating these requirements is shown in figure 4.
Solutions were more complex than just changing to metalized velcro. All metal-to-
metal surfaces and interfaces had to be contiguous. Implementation necessitated
some structural changes to the DSP spacecraft bay. Adding secondary support brac-
kets, to simplify the complicated geometry of the spacecraft at the velcro faying
surfaces, was required. The locations in question are shown in figure 5. The "as-
is" interfaces were altered to facilitate velcro installation and bonding. The
modifications incorporated into the spacecraft bay design are depicted in figure 6.

Figure 7 shows a typical grounding tab implemented into the MLI to meet EMC
requirements. Ground-to-structure is through the metalized velcro interface.

At this point, project management decided that the thermal insulation closeouts
were now taking on significantly more performance characteristics and were multi-
purpose in their function. It became necessary to capture all requirements with a
"specification" identifying all design criteria. Germane excerpts from this speci-
fication are included in the appendix. Paragraph 3.3.2 of the appendix delineates,
in detail, the design criteria incorporated for the closeouts as a result of the EMC
effectiveness testing.

Writing this specification required that all players (engineering disciplines)

gathered together to identify interdependencies and impacts. Concurrent engineering
activity at last.
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PHASE 3. MLI CONFIGURATION DESIGN MODIFIED DUE TO CONTAMINATION
REQUIREMENTS /CONCERNS

A concern that surfaced during the writing of this specification, was the
effects of contamination on the LCS telescope. Contamination of the LCS SSM
radiators and another TRW sensor installed on the +Z surface of the spacecraft were
secondary concerns.

The MLI closeout design included stainless steel velcro interfaces around the
periphery of the individual closeouts to attach them to the TRW spacecraft structure
and to the LCS radiators. The concern was that during ascent, particulate contami-
nation entrapped in the bay would vent through the velcro interfaces and deposit on
telescope, sensors, and SSMs. Contamination analysis validated these concerns
resulting in a requirement to seal the velcro interface by overtaping with polyimide
tape. Overtaping negated the purpose of the velcro interfaces since now the
closeouts would not be easily removed and reinstalled. Calmer heads prevailed as
schedule time for this activity was included as part of the final integration
activities at the launch facility.

This change also forced a change in base aluminized plastic materials compris-
ing the multilayer construction of the blankets. In the original design, blanket
venting itself occurred through the edges of the assembly. With edges now sealed, a
change to perforated aluminized plastic filler and outer layer materials was made.
Analysis of the particulate contamination available within the MLI itself was also
made. Results were acceptable and the change approved.

The contamination issue resulted in a major design change to incorporate a vent
in one of the closeouts. Vent design and size was driven by differential pressure
requirements during ascent (0.1 psid). Its location and direction of discharge was
critical as was EMC shielding requirements. The vent design is described in figure
8. Vent EMC design criteria is described in the appendix, paragraph 3.3.2.2.

ACQUSTIC DEVELOPMENT TEST

The MLI closeout designs were frozen. A flight-like set of the closeouts was
fabricated and were installed into a structural test configuration (see figure 9) of
the LCS and the DSP spacecraft. Open areas between LCS SDM radiators and spacecraft
bay are shown in figures 10A and 10B. These same areas with MLI closeouts installed-
are shown in figures 11A and 11B. A closeup of the insulated assembly is shown in
figure 12. The purpose of the test was to verify their capability to withstand the
predicted acoustic environment to be imposed during ascent. Test requirements for
this acoustic test are presented in the appendix, paragraph 4.1.2.1.

The test was successful and TRW breathed a sigh of "its over and we made it."
A closeout design that meet all (it was believed) requirements was finally on paper.
PHASE 4. MLI CONFIGURATION DESIGN MODIFIED DUE TO LAUNCH ACOUSTIC/VIBRATION
ENVIRONMENTS (RADIATOR DEFLECTIONS)
As it turned out it was not true. Data was published reporting the results of

static analysis using an analytical model of the LCS and spacecraft. The impact of
this data on the closeout design needed to be understood.
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Relative movements between the radiator edges and DSP will result from both the
high frequency acoustic and structure-borne vibration and from the low frequency
flight loads vibrations. At any point in flight there will be vibrations from both
frequency ranges. Test or analysis cannot normally treat both effects simulta-
neously, so they are commonly treated separately as was done for the MLI closeouts.

The closeout performance during high frequency acoustic and structure-borne
vibration was verified during the aforementioned acoustic test.

To understand the impact of the closeouts on the radiators during flight load
events in the low frequency region, the only type of analysis available at this time
was static analysis using peak accelerations. Load factors for this analysis were
determined from "final design load cycle" results for the Titan and the shuttle.
Since redesign of the closeouts was in process, waiting for more comprehensive
deflection data, from coupled loads or base shake analysis efforts planned in the
future, was not an option.

From the structural dynamics point of view, equipment (mounted to the equipment
frame) and the telescope are primary mass components. Detectors, lasers, lower
radiators, and optics assembly account for about 116 1b of the approximately
300 1b subsystem.

The radiators, which are attached to the spacecraft bay by the closeouts, must
be able to accommodate any relative movement between radiators and structure since

the only load path intended is through the three point mount.

Static analysis data indicated that worst-case relative displacements across
the LCS/DSP interface were:

MAXIMUM RELATIVE DISPLACEMENT IN EACH DIRECTION (in.)*

dX dy dz Z Level
0.112 0.067 0.031 LR lower edge
0.099 0.067 0.031 LR upper edge
0.077 0.067 0.028 DR upper edge
0.063 0.051 0.023 ER lower edge
0.063 0.053 0.023 ER upper edge

* TRW document, IOC L122.2.90-103, "LCS/DSP Closeout Compliance Requirements,” from
E. A. Verner and A. J. Dunn, dated 11 May 1990.

These values include 10 mil (36¢) for the acoustic response in the X direction
normal to the radiators (see figure 13) to account for the acoustic (high frequency)
vibrations. A factor of 1.4 was recommended to.show adequate margin for
qualification, considering the inconsistencies in installation.
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The impact on the current design had to be evaluated. Could compliance of the
closeouts accommodate the expected relative displacements as defined by the data
presented above?

COMPLIANCE TEST

Compliance testing was in order. A simplified test was designed to verify
whether the current design could withstand expected deflections. Fabrication of a
test article that duplicated the worst case configuration as defined by the data
was needed.

The test article was approximately a 1 ft2 assembly duplicating the two lower
edge (+Z) laser radiator corners (at + and -Y). Full size representations of the
211-1, -2, and the -209 closeouts were fabricated. Since the test article was
approximately 1/3 as wide (Y axis) as the flight article, a proportionally sized
vent box was incorporated to duplicate its effect on the compliance of the MLI
corner assembly (test article is shown in figure 14).

Upon initial installation of the test article in the fixture, a nominal (flight
integrated) separation between laser radiator edge and spacecraft structure was
established. The test encompassed: first compressing (-dX) the test fixture attach-
ment plate (laser radiator simulator) by 502 of the maximum (dX = 0.157; worst-case
= LR, lower edge + margin) required per the data in the above table; and then ten-
sioning (+dX) the same distance.

The first test (one cycle) resulted in failure of the bond line at the corners,
between velcro and simulated radiator. After two weeks of "intensive" brainstorming
(the tiger-team mentality), involving design reviews of alternate concepts to make
the MLI corner assembly more compliant, a candidate was selected. A test article
incorporating this "flexible" design was fabricated. Basically this design incor-
porated a joint/corner (between the -209 and -211 closeouts) with a built-in convex
curvature. This curvature would act like a "spring". Setting it at nominal dis-
tance (dX) upon installation would essentially precompress this "spring," allowing
it to be further compressed when loaded in the -dX direction and expand when
tensioned in the +dX direction.

Another test was performed using the same setup as before, but subjecting the
assembly to 100 cycles. The result, failure at the velcro hook and pile interfaces
themselves. Failure meant that separation of the hook from the pile exceeded the
maximum allowed gap of 0.050 in.

LET US "DO IT RIGHT" APPROACH

Never has the saying "...back to the drawing board" been more appropriate. At
this time a total redesign of the MLI closeout laser radiator joint/corner configu-
ration was undertaken. Supporting the MLI design group were members of the stress,
structures, and material engineering groups ("It is never too late for CE"). The
knowledge base acquired to date served well in identifying and eliminating design
concepts that would adversely affect the EMC enhancements, the radiation protection
criteria, and the installability concerns. Acceptance of the design was also predi-
cated on proving that the closeouts would survive acoustic and vibration loads during
ascent without any loss in performance. By this time, the "closeout design problem"
had manifested itself as a ’'show stopper’ to project, company, and customer. Extreme
interest in "solutions" was the byline from all interested persons.
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Previous compliance testing, as described above, only subjected the closeouts
to deflections in one axis (X). In flight, loads would be applied simultaneously in
all three axes causing deflections in all three directions.

It was obvious that a test program to simultaneously load a full size test
article (radiator) in all three axes was not practical or cost effective.

FULL SIZE MOCKUP

The next best thing was to design and fabricate a full scale, high fidelity and
dynamic mockup of the LCS/spacecraft bay assembly. The design will incorporate a
worm gear assembly attached to the simulated radiators. This assembly will allow
the radiators to traverse in the X and Y axes (Z axis deflections negligible) from
any point within the envelope created by the required deflections (+ margin).

A flight-like set of the closeouts will be. installed on the mockup for demons-
tration purposes. Actuation through all axes will be possible. Interim visual
inspections and photographic documentation will reveal any failures at the velcro
interfaces or at the Ecco-Bond lines.

SUCCESS (IS IMMINENT)

The design is "not on paper" as of this writing. Assembly of the mockup and
integration of the closeouts will occur in September 1990. We fully expect to
demonstrate acceptable compliance using the dynamic mockup. It is five years since
the design and verification process started. We did our "real" concurrent engineer-
ing work in the fourth year.

CONCLUSION

Sometimes implementing requirements into the hardware design goes well, some-
times it does not. This narrative provides a good example of when it does not. When
I first wrote this paper, it was not as a narrative but was written in the classical
"technical paper" form. The latter form, I thought, did not lend itself in meeting
my two objectives.

"Cost and schedule" is what we all live by in this industry. Hindsight shows
that implementing radiation protection within the MLI was probably the wrong
decision when incurred costs are used as the measuring tool. Five years ago,
hardening the LCS equipment electronic boxes would probably have cost less even with
the weight penalty. Five years ago, understanding the importance of concurrent
engineering would probably have facilitated the design and verification process of
hardening through the use of MLI. Performance requirements/criteria could have been
implemented as shown in figure 15. That is the significance of the lessons learned
during this process.

Technically, we at TRW gained a lot of valuable experience.

a. The technology of hardening spacecraft structure and/or hardware
through the multilayer insulation is valuable and will certainly be used again.

b. The assembly and fabrication methods to enhance the EMC shielding
effectiveness of MLI will also be beneficial to other applications.
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Insofar as schedule, "luck" played a big part in schedule considerations. The
need date for the hardened MLI flight hardware somehow kept slipping due to other
reasons not associated with the MLI design problem. Five sets of very expensive
closeouts are not required until late next year.

APPENDIX

HARDENED MLI CLOSEOUT SPECIFICATION

Today's design for the MLI closeouts encompass a diverse and complex set of
requirements which have successfully been implemented for flight application.

Germane excerpts from the governing specification are presented here.
(Extracted from TRW Document IOC L125.2.90-005, "EQ Spec for LCS Closeouts Revised
per 1-4-90 Meeting," from J. Lloyd Petty, dated 22 Jan 1990.)

3. CHARACTERISTICS
3.1 Functional Description. The closeouts function as follows:

a. Complete the thermal enclosure of the sensor components when mounted to the
spacecraft body.

b. Provide line-of-sight protection of sensor electronic equipment (boxes)
from prompt radiation through the use of a tantalum layer in the MLI blanket.

c. Provide easy access to sensor equipment by being removable using velcro
fastener systems.

d. Provide vent of ambient pressure from the sensor compartment during launch.
Vent will not allow a line-of-sight path to contamination-sensitive surfaces.

3.1.1 Functional. The closeouts help to maintain thermal balance while protecting
the sensor equipment from natural and induced radiation. The closeouts will be
electromagnetically compatible with other spacecraft subsystems and will be grounded
for protection against electrostatic discharges.

3.1.2 Pressure/Altitude, Venting. The vent design shall ensure that the maximum
delta pressure from inside to outside the sensor compartment is less than 0.1 psi.

The ambient pressure characteristics during STS ascent/descent are defined in EV1-
48, and for Titan IV ascent in figure A-1.

3.1.2.1 Natural and Induced Radiation. The sensor shall be protected from the
natural and induced radiation environment as defined in (applicable TRW document).
There shall be no line-of-sight radiation permitted to strike the sensor electronic
components (boxes).

3.1.2.2 Weight. The weight of a set of closeouts shall not exceed 4 1b.
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3.2 Environmental Conditions. The closeouts shall be designed to withstand or
shall be protected against the worst probable combination of environments as speci-
fied below, and shall operate as specified herein without performance degradation.

3.2.1 Operating Environments

3.2.1.2 Pressure/Altitude. The closeouts will be capable of operating at atmos-
pheric pressure between sea level and 10E-10 torr (verifiable to 5 x 10E-3 torr).

3.2.1.3 Acoustic Field. The closeouts shall be designed to withstand the acoustic
environment imposed by the launch vehicle during launch and ascent as defined in
3.3.6 of EV1-48.

3.3 Design and Construction. The closeouts design shall be in accordance with the
requirements herein.

3.3.1 Parts, Materials, and Processes

3.3.1.1 Materials and Processes. Only materials and processes conforming to all
requirements (applicable TRW document) shall be considered standard and shall be
used. The approved materials and processes shall be as specified in (applicable TRW
document).

3.3.1.2 Dissimilar Metals. Protection of dissimilar metal combinations shall be in
accordance with MIL-STD-889. The worst-case environment, including storage, shall
be considered.

3.3.1.3 Magnetic Materials. Magnetic materials shall be used only if necessary for
equipment operation. Those magnetic materials used shall cause minimum permanent,
induced, and transient external magnetic fields.

3.3.1.4 Funpus-inert Materials. Materials that are nutrients for fungus shall not
be used when their use can be avoided. Materials shall be treated in accordance
with MIL-T-152 if not hermetically sealed. If materials are used in a hermetically
sealed enclosure, fungicidal treatment will not be necessary.

3.3.1.5 Finish. All surface finishes shall meet the environmental, bonding, and
thermal property requirements as specified in DOD-E-8983.

3.3.1.6 Qutgassing. Low outgassing polymeric materials shall be used where sensi-
tive thermal control and other surfaces are in direct line-of-sight and where tem-
perature differences can exist between such surfaces. Materials shall be selected
for low outgassing per (applicable TRW document).

3.3.1.7 Insulating and Dielectric Materials. Not applicable.
3.3.1.8 Thermophysical Properties. The thermophysical properties of the thermal
materials used in the closeout design are the same as summarized in (applicable TRW

document) .

3.3.1.9 Contamination Control

3.3.1.9.1 Contamination Path. The vent design shall allow no contaminants a line-
of-sight path to the optical sensor, radiator mirrors, or surfaces of sensors and
detectors.
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3.3.1.9.2 (Closeout Surface Cleanliness. At scheduled general cleanings and prior
to final closeout installation, the exterior and interior surfaces of the closeouts
shall be free from such visible contamination as scale, particles, corrosion, dirt,
grease, o0il, or other foreign materials when examined under white light (to 150 fc)
from a distance of 1 to 2 ft as specified in (applicable TRW document).

3.3.1.9.3 Allowable Molecular Levels. Prior to final closeout installation the
allowable molecular deposition levels on the internal and external surfaces shall be
<0.001 g/ft2 as specified in (applicable TRW document).

3.3.2 Electromagnetic Compatibility. The sensor closeout will provide the sensor
equipment compartment with a degree of shielding effectiveness. The closeouts shall
provide at least 20 dB of attenuation between 14 kHz and 18 MHz with the following
exceptions:

a. Between 10 MHz and 20 MHz, the closeouts shall provide at least 10 dB
of attenuation.

b. Between 1 GHz and 2.4 GHz, the closeouts shall provide at least 35 dB
of attenuation for the sensor not to interfere with or be interfered by (applic-
able satellite) communication links.

3.3.2.2 Vent Openings Shielding. All vent openings shall be designed to provide
shielding effectiveness which is not less than 35 dB of attenuation between 1 GHz
and 2.4 GHz.

3.3.2.3 Mating Joints. Conductive hook and pile fastener tape (velcro or equiva-
lent) shall be used on all closeout/spacecraft, closeout/radiator, closeout/radiator
cover, and closeout/closeout mating joints. The fastener tape shall be replaced
after 11 cycles of attachment/detachment.

3.3.2.4 Fastener Tape Attachment. The fastener tape shall be bonded to the close-
out tantalum layer with ECCO-Bond 57C. The fastener tape shall be continuous along
the circumference of the individual closeouts and the sensor’s spacecraft equipment
bay except at corners where the fastener tape is cut and butt joined. The maximum
gap between pieces of tape at the corners and butt joints shall be 0.05 in.

3.3.2.5 Fastener Tape Resistance. The dc electrical resistance, measured through
the thickness of the fastener tape prior to bonding, shall be 2 ohms maximum.

3.3.2.6 Sealing of Fastener Tape With RTV. The primary around the edge of the
fastener tape shall be filled with a bead of RTV, to entrap the ECCO-Bond within the

bonding area of the fastener tape.

3.3.2.7 Sealing of Fastener Tape Interfaces. Clear kapton tape shall be applied,

continuous or overlapped, to cover edges of mated hook to pile fastener tape.

3.3.2.8 Apertures
3.3.2.8.1 Fastener Tape Mating Surfaces. Using magnification, there shall be no

clear aperture with a linear dimension greater than 0.05 in along any of the fast-
ener tape mating surfaces.

3.3.2.8.2 Tantalum Layer. Using magnification, there shall be no clear aperture
with a linear dimension greater than 0.05 in. in the tantalum layer.
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3.3.2.9 Staples for Added Strength. Corrosion resistant steel staples, which may
be used to provide additional strength to the bond of fastener tape to the MLI
closeouts, shall not be removed from the blanket once installed.

3.3.2.10 Tantalum Sheet Lap Joints. All bonding of the closeouts tantalum sheet
lap joints shall be done with ECCO-Bond 57C, and shall extend along the entire
length of the bond joint.

3.3.3 Grounding of Closeouts

3.3.3.1 Ground Design. The closeouts shall be grounded to the spacecraft structure
by means of conductive fastener tape. The ground shall include the outer layer of
MLI, the tantalum foil layer used for radiation shield, and the inner layer of MLI.

3.3.3.2 Grounding Levels. The dc electrical resistance measured from any point on
the closeout surface through the fastener tape to the adjacent spacecraft structure
shall be 35 ohms maximum for EMC for electrostatic discharge (ESD).

3.3.4 Mechanical Compliance

3.3.4.1 Induced Loads. The induced load levels shall result in a positive margin
of safety in the sensor.

3.3.5 Interchangeability. Each closeout shall be directly interchangeable in form,
fit, and function with other closeouts of the same part number.

3.3.6 Safety. The closeouts shall be designed to meet the requirements of NHB
1700.7, paragraph 209-3 (flammable material).

3.3.7 Human Performance/Human Engineering. TRW will follow the applicable human
engineering standards established in MIL-STD-1472.

4. QUALITY ASSURANCE PROVISIONS

4.1 General. Quality assurance controls for fabrication, inspection, and testing
of the closeouts shall be in accordance with (applicable TRW document).

4.1.1 Failure Criteria. The closeouts shall exhibit no failure, malfunction, or

out-of-tolerance performance or degradation as a result of examinations and tests

specified herein. Any such failure, malfunction, out-of-tolerance performance, or
degradation shall be cause for Material Review Board action. Retest requirements

shall be in accordance with MIL-STD-1540.

4.1.1.2 Government Inspection. The procuring agency, or its designated representa-
tive, shall have the option to witness all formal tests, all environmental expo-
sures, pre- and post-exposure examinations of tested items, and to verify all test
equipment and calibration data.

4.1.2 Development Tests

4.1.2.1 Acoustic Test. An acoustic test shall be performed on a test of represen-
tative flight-like closeouts when installed between the structural development model
of test sensor and the spacecraft test model. The test shall verify their capa-
bility to withstand the predicted acoustic environment to be imposed on the close-
outs in flight.
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Test Requirements

a. The closeout test articles shall be subjected to a broadband random
incidence sound field with an overall pressure level of 145.2 dB (re: 0.0002
dyne/cm?).

b. The octave band sound pressure levels shall be as specified in Table II,
column 3 of EV1-48A.

c. The acoustic environment shall be applied to the test article for a
period of three minutes.

4.1.2.2 Shielding Effectiveness Test. The closeouts’ shielding effectiveness
shall be demonstrated by conducting a laboratory test using an EMC engineering
approved test sample.
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FILLERS:

OUTER: 1/4 mil ALUMINIZED
2 mil ALUMINIZED  ALUMINIZED KAPTON *
ALUMINIZED MYLAR KAPTON* TAPE CAP
KAPTON* 10 LAYERS 1 mil TAPE, 100%
;_A-A_M N i A Ad IL A A
A — A Pt V4 A
R . ——
(IR
(I VELCRO HOOK,
ALUMINIZED 7 7 AT 777 NYLON
KAPTON* / // 7
1 mil TAPE,
100%
INNER: TANTALUM RTV VELCRO PILE,  SPACECRAFT
ALUMINIZED (0.001 mil) NYLON STRUCTURE OR
KAPTON* LCS RADIATOR

1 mil

* ® KAPTON IS A REGISTERED TRADEMARK OF THE DUPONT CORPORATION

Figure 2A. MLI Closeout Cross-Section, Typical Construction
(with tantalum)

TYPICAL
MAXIMUM 0.05
GAP ALLOWED

-215-2 MLI (+Z+Y)
| BLANKET

LCS FORWARD
RADIATION
RADIATOR
COVER

H

s

/ RADIATION

Y RADIATION
e !
\\ {
TYPICAL MAXIMUM

0.05 GAP ALLOWED
TANTALUM (BETWEEN HOOK AND PILE)

VIEW: SEE FIGURE 5

Figure 2B. Typical Tantalum Barrier Closeout Design Radiation
Protection Method; Typical for 1007 Line-of-Sight
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Figure 3A. LCS MLI Closeout (-212)

Figure 3B. LCS MLI Closeout
[(1) -215 space side; (2) -215 structure side}
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ALUMINIZED KAPTON *

10 LAYER TAPE CAP
OUTER SKIN FILLER TAPE /
A . 7 PR Arn—]
A, ~ A A‘ s x i <1 A—JI At AM ?

A AA A e,

_—’
LU VELCRO HOOK
AU METALIZED/
T % STAINLESS STEEL
% / / 7

INNER SKIN TANTALUM RTV ECCO-BOND VELCRO PILE STRUCTURE
{IN ALL CASES) METALIZED/
CONDUCTIVE STAINLESS STEEL
EPOXY

1 ;ri I
\ t

* ® KAPTON IS A REGISTERED TRADEMARK OF THE DUPONT CORPORATION

Figure 4. Typical MLI Closeout Construction with EMC Enhancements

AFT; FWD RADIATOR
S/C CENTRAL CYLINDER/

BAY INTERFACE \

N +Y
\ \\\ Y ,’,,/ FWD;: RADIATOR/
“« \11\\\/ . +Z PANEL INTERFACE
LASER Ny e (FIGURE 6A)
RADIATOR/ i GO
PANEL L- /L-J
INTERFACE .
+X
@
N’ I

Figure 5. LCS/Spacecraft Bay Assembly — Overview
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VELCRO

133065-1
+Z S/C PANEL

TYPICAL:

ADDITIONAL
MAXIMUM 0.05 GAP

SUPPORT
BRACKET 132847 ALLOWED (BUTT JOINT)
S/C PANEL
132684
s/C
LONGERON —__
VELCRO ——| | 148055.1
0 ADDITIONAL
SUPPORT BRACKET
P
VIEW B OF FIGURE 5
TYPICAL:

MAXIMUM 0.05 GAP
ALLOWED (BUTT JOINT)

NOTE: MLI OMITTED FOR CLARITY TOP OF VIEW B
+Z FWD Spacecraft Bay Interface; Continuous Stainless Steel
Velcro/Bond Method; Modifications for EMC Enhancements

Implementation

Figure 6A.
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ADDITIONAL
SUPPORT
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VIEW A
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QAR HXHKRD
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150084-1
ADDITIONAL
SUPPORT
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TYPICAL: MAXIMUM
0.05 GAP ALLOWED

NOTE: MLI OMITTED FOR CLARITY (BUTT JOINT}

TOP OF VIEW A

+Z Aft Spacecraft Bay Interface; Continuous Velcro/Bond Method;

Figure 6B.
Modifications for EMC Enhancements Implementation
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Figure 9. LCS Structural Development Model and DSP Structural Test Model
(preparation for acoustic test)

it itng
e WA T

103 “.‘ + iR e LT AT



Figure 10A.

CRIGINAL PACE
BLACK AND WHITE PHOTOGRANK

LCS SDM/STM Acoustic Test Article (-Y View)

Figure 10B.

LCS SDM/STM Acoustic Test Article (+Y View)
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Figure 11A. LCS SDM/STM Acoustic Test Article With MLI Closeouts (-Y View)

Figure 11B. LCS SDM/STM Acoustic Test Article With MLI Closeouts (+Y View)

105

el TR R

e s, DROE 1S

QF FOOD 7wipg romy
- e



Figure 12.

ORIGINAL PAGE
BLACK AND WHITE PHOTOGRAPH

LCS SDM/STM Acoustic Test Article (Front View)
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RADIATOR

LCS BAYJ

DspP

Static Displacement Plot of DSP/LCS Coupled Model

(one load case)

Figure 13.
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SESSION III

INFRARED SENSOR TEST FACILITIES: PART I






OPTICAL TESTING CRYOGENIC THERMAL VACUUM FACILITY *

Patrick W. Dohogne and Warren A. Carpenter v
CBI Technical Services Co. /é,tf o

9‘
C\
/

The construction of a turnkey cryogenic vacuum test facility was
recently completed by CBI at Griffiss AFB's Rome Air Development
Center (RADC). The facility will be used to measure and record the
surface profile of large (up to 2 m (6.5 ft) diameter and 540 kg
(1200 1b)) optics under simulated space conditions.

The vacuum test chamber is a vertical stainless steel cylinder
with a 3.5 m (11.5 ft) diameter and a 7 m (23 £ft) tangent length.
The cylinder is comprised of two flanged spool sections to
accommodate different test configurations. Laser interferometers are
mounted on optical benches located on the top chamber head. The
surface profile of +the test specimen 1is measured by the
interferometer viewed through a 46 cm (18 in) diameter optical port.
The chamber interior is accessed by pneumatically lowering the bottom
chamber head into a pit with four pneumatic cylinders.

The chamber was designed to maximize optical testing quality by
minimizing the vibrations between the laser interferometer and the
test specimen. This was accomplished by designing the chamber for a
high natural frequency and vibration isolating the chamber.

An optical test specimen is mounted on a movable presentation

stage. The presentation stage provides coarse elevation adjustment
to +/- 0.158 cm (1/16 in) accuracy of the specimen from 0 to 90 cm (0
to 36 in). During thermal wvacuum testing, the specimen may be

positioned to +/- 0.00025 cm (0.0001 in) accuracy with a fine
adjustment mechanism.

The chamber is evacuated by a close coupled Roots-type blower
and rotary vane pump package and two cryopumps. The vacuum system is
designed to evacuate the chamber to 1.1 x 10°® Pa (8.0 x 107° torr)
in 1less than five hours with the thermal shrouds at ambient
temperature. A chamber pressure of 2.7 x 10°® Pa (2.0 x 10™® torr)
was measured with a nude ionization gauge during performance testing
with cold thermal shrouds.

1 Constructed under contract to Rome Air Development Center,
Griffiss Air Force Base, NY
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The chamber is equipped with an optically dense gaseous nitrogen
cooled thermal shroud. Remote controlled shutters on top o©of the
shroud are opened after specimen temperature stabilization to allow
interferometry measurements.

The thermal shroud is used to cool or warm the optical test
specimen at a controlled rate. To minimize test specimen thermal
stresses, a differential temperature control system is utilized. The
control system automatically controls the thermal shroud temperature
to maintain the test specimen temperature gradient within safe
tolerance.

A control system 1is provided to automatically evacuate the
chamber and cooldown the test specimen to the selected control
temperature. After 1initial control inputs, the control system
automatically functions without operator input.

INTRODUCTION

CBI has constructed a state-of-the-art turnkey thermal wvacuum
facility for testing optics under simulated space conditions at
Griffiss AFB's Rome Air Development Center (see Figure 1). The
facility will use two RADC-supplied laser interferometers to measure
and record the surface profile of large optics which are exposed to
cryogenic and vacuum environments. An optic which has been tested by
RADC and a comparison of the optic's room temperature and cryogenic
surface profiles are shown in Figures 2 and 3. The project was a
competitively bid, fixed price contract to provide a complete test
facility including a building addition to house the new facility.
The contract was awarded in May 1987 and the facility was completed
in June 1989.

The test chamber is a vibration isolated vertical cylinder with
a 3.5 m (11.5 ft) diameter and a 7 m (23 ft) tangent length (see
Figure 4). The chamber is equipped with an optically dense shroud
and thermal system capable of maintaining any temperature in a range
from 100 K to 300 K. The thermal control system is designed to
control test specimen temperatures to very stringent tolerances. A
unigue presentation stage and fine elevation adjustment system were
designed and constructed to allow precise remote positioning of the
test specimens while the chamber is under wvacuum. Provisions have
been made for the future addition of a 20 K helium supply system and
thermal shroud.

Some of the key facility features required by RADC included:

- A minimum overall natural frequency of 30 hertz for the entire
chamber assembly including the presentation stage.

- A presentation stage capable of coarse specimen elevation
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adjustment from 0 to 90 cm (0 to 36 inches).

- A three point specimen elevation fine adjustment system with a
2.5 em (1 inch) travel range and 0.0025 cm (0.001 inch)
resolution.

- A five hour pumpdown from atmospheric pressure to 1.1 x 107* Pa

{8.0 x 10 ® torr).

- A thermal system capable of maintaining a constant test specimen
temperature within the temperature range of 100 K to 300 K.

- A test specimen temperature control system <capable of
maintaining the differential temperature across the specimen to
less than 15 K.

- A data acgquisition system capable of monitoring and recording
shroud and test specimen temperatures and chamber pressure.

- A facility control system egquipped with an automatic pumpdown
sequence.

During facility performance testing, all RADC specifications were met
or improved upon.

TEST FACILITY BUILDING AND SYSTEMS

The building addition provided by CBI is designed to meet all of
RADC's testing needs. The building is a four story structure which
houses the vacuum chamber, a mechanical equipment room for the
pumping and thermal system skids, a mezzanine area for storage and
office space, a ground floor delivery/storage/cleaning area for test
specimens, and additional office and laboratory areas. The building
is designed to allow the installation of additional equipment for
future expansion of the facility. The building was completed first
and the vacuum chamber and subsystems were added at a later date. A
removable roof hatch was used to facilitate installation of the
vacuum chamber with a crane.

The building is equipped with a 3 ton, two axis crane for
transporting test specimens, moving the top chamber head and upper
spool piece, and for performing maintenance tasks on the shroud and
other chamber-mounted equipment. The chamber test area 1is also
equipped with a temperature and humidity controlled Class 100,000
clean room air conditioning system.
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VACUUM CHAMBER

PHYSICAL CHARACTERISTICS

The vacuum chamber is a vertical cylinder with a 3.5 m (11.5 ft)
outer diameter and a 7 m (23 ft) tangent 1length. The cylinder is
comprised of two flanged spool sections to accommodate different test
configurations. The upper spool piece is 2.13 m (7 ft) in length and
may be removed from the main chamber spool piece with an overhead
crane. A stiffened support ring located at the top of the main
chamber spool piece is used to support the vessel on vibration
isolators. Two external ring stiffeners are welded to the vessel
shell to provide additional stiffness and strength.

The top chamber head is a 3.5 m (11.5 ft) diameter ASME flanged
and dished (F and D) head. The top head may also be removed from the
vessel with the overhead crane. The head is equipped with a 46 cm
(18 in) diameter viewport and two optical benches (see Figure 5).
The viewport is fabricated from BK-7 glass and has a special coating
applied to its surfaces to reduce reflectivity to 0.4% throughout the
wavelength range of the two interferometers.

The bottom chamber head is also a 3.5 m (11.5 ft) diameter ASME
F and D head. The chamber interior is accessed by lowering the head
into a pit with four pneumatic cylinders (see Figure 6). The bottom
head handling system is designed to keep the head level while it is
travelling and to consistently 1locate the head 1in the proper
presentation stage loading and chamber closing positions. External
stiffeners welded to the head provide the required stiffness and
strength to support the presentation stage and test specimen.

The vessel is equipped with 49 nozzles. The nozzles are used
for shroud inlet and outlet connections, vacuum and repressurization
system connections, electrical feedthru ports, the fine adjustment
system, and multi-purpose use ports for use by RADC. Twenty-three
hardpoints are provided on the top head and cylindrical shell for
mounting RADC-supplied equipment.

The vessel shell, heads, nozzles, and all internal fixtures are
fabricated from Type 304 stainless steel polished to a No. 4 finish.
All external stiffeners, pad plates, and attachments are fabricated
from A36 carbon steel.

CHAMBER VIBRATION ISOLATION

The vacuum chamber and ancillary equipment are designed to
minimize vibration transmission to the optical test specimen and
laser interferometers. The entire chamber assembly including the
presentation stage was required to have an overall natural frequency
of at least 30 hertz. The following features are incorporated into
the chamber design to ensure that the chamber vibration criteria are
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- Four pneumatic vibration 1isolators with 1.5 hertz vertical
natural frequencies and 9070 kg (20,000 1b) load capacities are
used to vibration isolate the chamber. The isolators are

located beneath the stiffened support ring located at the top of
the main chamber spool piece.

o Several in-house finite element analyses were performed to
determine the optimum chamber and presentation stage stiffening
arrangement to meet the 30 hertz natural fregquency regquirement.
Analyses results indicated that a combination of external
chamber stiffeners on the vessel shell and bottom head, an
internal presentation stage rail support structure, and
adjustable length presentation stage stiffening members would be
required to meet this criteria.

- all piping and wiring directly connected to the chamber are
vibration isolated by using stainless steel bellows and flexible
conduit.

o Rotating equipment (such as mechanical vacuum pumps) are mounted

on elastomeric isolator pads to minimize vibration transmission
to the vacuum chamber. If necessary, rotating equipment is shut
off during interferometer testing.

The natural frequency of the entire chamber assembly was calculated
to be 31 hertz.

OPTICS HANDLING SYSTEM

PRESENTATION STAGE

Optical test specimens as large as 2 m (6.5 ft) in diameter and
weighing up to 540 kg (1200 1b) may be mounted on a moveable
presentation stage (see Figure 7). The presentation stage is used to
load optical specimens into the vacuum chamber and to provide coarse
elevation adjustment of the specimen from 0 to 90 cm (0 to 36 in). A
scissors-type 1lift is used to provide coarse elevation adjustment of
the presentation stage and is accurate to +/- 0.158 cm (1/16 in).

The presentation stage 1is manually rolled into the chamber on
floor-mounted rails. Removable rail pieces are used to temporarily
bridge the gap between the building floor and the rail support
structure inside the vessel.

The scissors 1ift is powered by a frequency controlled electric
motor and a gear reducer which are mounted on a separate, mobile
cart. The presentation stage and power cart are temporarily
connected by a universal-jointed drive shaft. Coarse elevation
adjustment may be made inside or outside of the chamber. However,
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the power cart is not vacuum compatible and must be removed from the
chamber prior to testing.

After the optical specimen has been raised to the proper
elevation, the presentation stage is bolted to the rail support
structure. Adjustable 1length stiffening members are then bolted
between the presentation stage and the rail support structure to
increase the overall natural frequency of the structure.

The rail structure is attached to the bottom head with eight
Invar restraint rods which provide horizontal stiffness to the rail
structure and presentation stage. The rail structure, presentation
stage and optical test specimen are supported by the three point fine
adjustment drive system.

The presentation stage and rail support structure were
fabricated primarily from Type 304 stainless steel. Bolts and other
threaded connections were fabricated from bronze to prevent galling.
Sliding or moving parts which require lubrication were coated with
Teflon (manufactured by E. I. du Pont de Nemours & Co.) or a vacuum-
compatible dry lubricant such as tungsten disulfide.

FINE ADJUSTMENT DRIVE SYSTEM

A remote-controlled, three point elevation adjustment system is
provided to allow precise positioning of the optical test specimen

while the chamber is at both cryogenic and vacuum conditions. The
system is comprised of three equally spaced fine adjustment drive
mechanisms (see Figure 8). Each drive mechanism has a vertical post

which is used to support the rail structure, presentation stage and
optical test specimen. The posts penetrate the bottom head through
bellows-sealed nozzles. The bellows are used to maintain chamber
vacuum integrity while the posts move in the vertical direction. The
posts are supported by beams which are attached to the bottom head
with hinge mechanisms. Each post has a roller to allow movement
between the beam and the post. The posts are located very close to
the hinged end of the beams to provide motion reduction from the jack
screw drive system. The opposite ends of the beams are connected to
ball-type jack screws with a 0.025 cm (0.01 in) pitch. Each ijack
screw drive 1is equipped with a stepping motor and a fail-safe
magnetic brake.

The stepping motors are used to drive the ball screws. The
motion of the ball screws in the vertical direction causes the free
end of the beam and the vertical support posts to travel up and down.
The lever action of the beam reduces the support post travel by a
factor of 15. This, in combination with the slow stepping motor
speeds and the fine pitch of the ball screws enable the fine
adjustment mechanisms to position the optical test specimen to +/-
0.00025 cm (0.0001 in) resolution over a total travel range of +/-
1.27 cm (0.5 1in) from the initial presentation stage loading
position. This design provided RADC with an adjustment system that

118



has a resolution ten times better than specified.

Limit switches are installed on each drive mechanism to prevent them
from exceeding travel limits. The limit switches are also used to
indicate when the mechanisms are in the initial presentation stage
loading position.

The fine adjustment mechanisms are operated from a portable
control panel located near the optical benches. A stepping motor
programming/control panel is provided to control the motion of the
stepping motors. One stepping motor may be operated at a time from
the control panel. Stepping motor rotational direction, speeqd, and
travel distance are manually controlled by the operator or programmed
into the stepping motor indexers for automatic operation. Indicator
lights operated by the drive mechanism limit switches are also
provided to show position status.

VACUUM PUMPING SYSTEM

The vacuum pumping system is capable of evacuating the 76.5 m>
(2700 £t3) chamber from atmospheric pressure to 1.1 x 10-® Pa (8.0 x
10-® torr) in 1less than five hours with the shrouds at room
temperature. The vacuum pumping system is comprised of a two stage
mechanical pumping package and two cryopumps.

The Leybold, Inc. close coupled mechanical pump package 1is
designed to evacuate the chamber from atmospheric pressure to 2.7 Pa
({0.02 torr) in 1less than two hours. The pumps are also used to
evacuate and regenerate the cryopumps. A mechanically refrigerated,
optically dense cold trap is installed in the chamber roughing 1line
as protection against oil backstreaming into the chamber.

Two Leybold, Inc. cryopumps are used to evacuate the chamber
from a pressure of 2.7 Pa (0.02 torr) to a pressure of 1.1 x 10~> Pa
(8.0 x 107° torr) in 1less than 3 hours. The pumps have a dgross
nitrogen pumping speed of 10,000 1/s. The pumps are equipped with
remote start/stop capability and a GN. regeneration system.

During performance testing, the vacuum pumping systems evacuated
the chamber to a pressure of 1.1 x 1072 Pa (8.0 x 10° torr) within
the timespan specified by RADC. A chamber pressure of 2.7 x 107® Pa
(2.0 x 1073 torr) was measured by a nude ionization gauge while the
thermal shrouds were at a temperature of 100 K.

The chamber repressurization system is equipped with a
throttling valve to allow variable chamber repressurization rates.
The system is capable of repressurizing the chamber in less than 30
minutes. The air used to repressurize the chamber is filtered
through a high efficiency particulate (HEPA) filter to minimize
chamber contamination.
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The chamber roughing 1line, the cryopumps, and the chamber
repressurization system are isoclated from the chamber with electro-
pneumatically operated high wvacuum gate wvalves. The valves were
directly mounted on the chamber nozzles.

THERMAL SYSTEM

THERMAL SHROUDS

The thermal shroud is designed to provide a 3.2 m (10.5 ft)
diameter by 3.05 m (10.0 ft) high optically dense working volume for
cryogenic testing of optical test specimens. The thermal shroud is
comprised of 7 flow-adjustable control zones. Four 3.05 m (10 ft)
high shroud zones are used to form the c¢ylindrical working volume
around the rail assembly, presentation stage, and test specimen. The
ends of the cylinders are covered by cone-shaped shroud sections. A
rectangular-shaped cold plate is installed on the presentation stage
to cryogenically shield the bottom of the test specimen from the
"warm" presentation stage.

To maximize radiation heat transfer between the thermal shroud
and the test specimen, the shroud interior surfaces have been painted
with a high emissivity black paint. To minimize radiation heat
transfer between the thermal shroud and the chamber shell, the
exterior shroud surfaces have been electropolished.

Individual inlets and outlets are provided for each shroud
section. Removeable vacuum jacketed flex hoses are used to minimize
vibration transmission to the vessel and to allow the shrouds to be
easily removed from the chamber. Each shroud outlet is equipped with
a remote-controlled valve to allow balanced gas flow through each
section, thus minimizing the temperature gradient throughout the
entire shroud system.

The top shroud cone has a 1.8 m (6 ft) hole to permit

interferometer measurements to be made. To maintain optical density
and to ensure uniform specimen cooldown, the hole is covered with two
conductively cooled, semi-circular covers. The interior surface of

the covers are painted black and the exterior surface is covered with
multi-layer insulation (MLI) to minimize heat transfer from the
vessel shell. Braided copper straps are bolted to the covers and to
the top cone to provide conductive cooling. The covers are remotely
opened and closed during interferometer testing by cable and pulley
systems which are driven by two externally mounted, pneumatically
powered rack and pinion gear mechanisms. The pulley drive shafts
penetrate the chamber through an O-ring sealed rotary feedthrus.

Penetrations are provided in the shroud to allow access from the
chamber interior to the multi-purpose ports. The penetrations are
normally covered with conductively cooled aluminum port covers.
Provisions have also been made for the future addition of a 20 K
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helium shroud to be installed inside the existing working volume.

THERMAL SYSTEM EQUIPMENT

The thermal system is a closed-loop GN- system designed to
maintain the thermal shrouds at any temperature in a range from 100 K
to 300 K. The equipment used to circulate the GN., through the
shrouds to maintain the desired temperature includes a cryogenic
blower, 1liquid nitrogen heat exchanger, electric heater, and all
associated piping and valving between the individual components and
the thermal shrouds.

The thermal system blower 1is a water-cooled, stainless steel
centrifugal blower which is designed to provide a mass flow rate of
2040 kg/hr (4500 1lb/hr) at a boost of 69 kPa (10 psi). The blower is
equipped with a close-coupled encapsulated motor to eliminate the
maintenance requirements associated with cryogenic blowers equipped
with mechanical seals. The blower is equipped with heaters,
thermocouples, and temperature controllers to automatically maintain
proper bearing temperatures when the thermal system is operating at
cryogenic temperatures.

Cryogenic cooling is provided by a stainless steel heat
exchanger. LN, flows into one side of the exchanger and is vaporized
by the GN. circulating through the other side of the exchanger. The
flow of LN, into the exchanger is regulated by a modulating control
valve.

A cryogenic-compatible electric heater is used for warming the
shroud and test specimen. The heater output is regulated by an SCR
controller.

DATA ACQUISITION AND CONTROL SYSTEM

DATA ACQUISITION SYSTEM

The data acquisition system consists of a Hewlett Packard HP
9000 computer and a HP 3852 data acquisition/control unit. The
system is programmed to monitor 14 shroud temperatures (inlet and
outlet temperature of each shroud zone), 20 test specimen
temperatures, and the chamber pressure. Type T thermocouples are
used to measure temperature and a combination of Convectron
(manufactured by Granville-Phillips Co.) and ionization gauges are
used to measure chamber pressure. The system is configured to store
the data on computer disks for future analysis. A user-friendly,
menu-driven control program was written to allow facility operators
to easily run the system. The control program allows the operator to
change data sampling rates during long duration tests.
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THERMAL SYSTEM CONTROLLER

The data acquisition system is also used in conjunction with a
PID controller to maintain the shroud and test specimen temperatures
within operator specified tolerances. A menu-driven control program
is used to specify the following operating parameters:

- Final test specimen temperature. This parameter may have any
value in the temperature range of 100 K to 300 K.

- Maximum allowable temperature difference between any two points
on the test specimen. Some test specimens are sensitive to
thermal stresses/distortion and therefore cannot tolerate a
large differential temperature. The minimum wvalue for this
parameter is 3 K.

o Maximum allowable temperature difference between the average
shroud and average test specimen temperatures. A large value
for this parameter increases the heat transfer rate between the
test specimen and the thermal shroud. This in turn decreases
the time required to warm or cool the specimen to the desired
temperature. However, those test specimens which are sensitive
to thermal stresses must be cooled or warmed at a slow, uniform
rate. The minimum value for this parameter is 6 K.

These parameters may be changed at any time during testing from a
menu displayed on the computer monitor.

The data acquisition system is programmed to measure the shroud
and test specimen temperatures every 15 seconds. Based on the test
specimen and shroud temperatures and the given operator parameters,
the program calculates and transmits a temperature setpoint to the
controller. The controller regulates the operation of the heat
exchanger LN, control valve and the electric heater SCR to maintain
the test specimen and shroud temperatures within operating limits.
Local displays on the data acquisition controller and the temperature
controller are used to alert the operator if a thermocouple fails, a
fault exists in the data acquisition system, or if one of the
operator specified parameters is exceeded. The control system is
also equipped with a manual override capability to allow the operator
to change the shroud temperature setpoint or to change the
operational status of the LN. control valve or the electric heater.

Since the primary objective of the thermal system is to
uniformly cool or warm test specimens, RADC specifications did not
require a specific shroud temperature ramp rate. To ensure that a
specimen is cooled uniformly, the shroud temperature ramp rate 1is
limited to 0.4 K/min (0.7° F/min) by the thermal system controller.
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FACILITY CONTROL SYSTEM

Most of the facility equipment is operated from a main control
console located next to the chamber bottom head. The vacuum systems,
the repressurization system, the thermal system, the GN, utility
system, and the data acquisition system are operated from this
central station. The controls and indicators for these systems are
part of a graphic schematic of the vacuum and test facility systems.
A programmable logic controller (PLC) is used to used to control
equipment sequencing and interlocking.

The control system 1is equipped with an automatic pumpdown
sequence. Once initiated, the control system will automatically
evacuate the chamber, start the thermal system, and cool the test
specimen to the desired temperature. System operation may also be
manually controlled by facility operators from the main control
console,.

A locally mounted control panel is provided to control the
operation of the bottom head handling system. As previously
discussed, a portable fine adjustment drive control panel is located
near the optical benches at the top of the chamber. The top cone
shroud cover movement systems are also controlled from this panel.

UTILITY SUPPLY SYSTEMS

The facility is equipped with a 22,700 liter (6000 gallon) LN,
storage dewar. An electric LN, vaporizer is used to provide GN. to
all pneumatic users. These users include the bottom head handling
system, the cryopump regeneration system, the top cone shroud cover
movement system, and all air operated valves.

SUMMARY

Several innovative design approaches were utilized by CBI to
meet RADC's needs for testing large optics under vacuum and cryogenic
conditions. The key areas which were identified as critical to the
successful design of the facility included:

- Overall chamber natural frequency and vibration isolation system
- Presentation stage and fine adjustment system
- Thermal control system

CBI utilized finite element analysis techniques during the
design stages of this project to ensure that the overall natural
frequency of the chamber, presentation stage, and optical benches was
at least 30 hertz. The integration of this design with the pneumatic
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vibration isolation system allowed CBI to meet RADC's need for a
stable testing platform.

CBI's innovative design of the presentation stage and fine
adjustment system provided RADC a versatile system for transporting
and positioning optics in the wvacuum chamber. The design concept
used for the fine adjustment system provided RADC ten times better
resolution than required.

The thermal control system utilizes a CBI developed software
package to precisely regulate the optic temperature, thermal gradient
across the optic, and the shroud temperature to minimize thermal
stresses and distortion in the optic. The software package is a user
friendly, menu driven program which is also capable of storing large
quantities of thermal test data.

During facility performance testing, it was demonstrated the
facility met or improved upon all RADC requirements. The facility
has been successfully used by RADC to test optics under cryogenic and
vacuum conditions.
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BOEING INFRARED SENSOR (BIRS) CALIBRATION FACILITY

v/
John D. Hazen Y,
Boeing Aerospace & Electronics, Seattle, WA, USA 2 / 5 / / /]
and g { }
L. V. Scorsone —

Pitt-Des Moines, Inc. (PDM), Pittsburgh, PA, USA

ABSTRACT

The Boeing Infrared Sensor (BIRS) Calibration Facility represents a major capital
investment by The Boeing Company in optical and infrared technology. The facility
was designed and built for the calibration and testing of the new generation large
aperture long wave infrared (LWIR) sensors, seekers and related technologies.
Capability exists to perform both radiometric and goniometric calibrations of large
infrared sensors under simulated environmental operating conditions. The system is
presently configured for endoatmospheric calibrations with a uniform background field
which can be set to simulate the expected mission background levels. During
calibration, the sensor under test is also exposed to expected mission temperatures and
pressures within the test chamber. Capability exists to convert the facility for
exoatmospheric testing.

The first major test runs in the facility were completed during 1989 with very
satisfactory results. This paper will describe the configuration of the system and
hardware elements and address modifications made to date.

Pitt-Des Moines, Inc. (PDM) of Pittsburgh, PA was the contractor for the turnkey
design and construction of the test chambers and thermal vacuum systems. Hughes
Danbury Optical Systems (formerly Perkin Elemer Optical Systems) was the hardware
supplier for the optical hardware. The' Boeing Company performed all optical
assembly, integration, testing and alignment on site.

INTROD ION YSTEM DESCRIPTION

The system consists of two major vacuum chambers, a small window
subchamber, a mounting slab, an infrared source generator, beam expansion optics and
a sensor support mount designed to support the sensor in a simulated operating
environment. The system is shown schematically in Figure 1.

The BIRS vacuum chamber consists of two main chambers called the optics
chamber (OC) and the sensor chamber (SC).  The optics chamber is maintained at a

pressure of 1.0 x 10”7 torr or lower and the equipment within the chamber operated at
near liquid nitrogen temperature. This equipment includes the Beam Expansion (BX)
optics and the Scan Mirror Assembly (SMA). The sensor chamber is held at a nominal

pressure of 90 torr and a temperature of 220°K to 240°K.
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INTRODUCTION & SYSTEM DESCRIPTION (Continued)

The Window Subchamber (WSC) is a third small chamber located between the
optics and the sensor chamber and provides for isolation of the WSC optical elements
during sensor installation by means of a 1.5m (60 inch) gate valve located on the sensor
chamber side of the WSC. This allows the optical system to remain at high vacuum and
low temperature conditions, maintaining its optical stability and eliminating the time
required to warm up and cool down the optical system. This chamber is physically
located within the optics chamber at the interface between the optics and sensor
chamber.

The pressure boundary between the high vacuum optics chamber and the
altitude sensor chamber during test is provided by an Output Window Assembly
(OWA) located within the WSC. This large zinc sellenide infrared transmitting
window passes the calibration beam from the optics chamber to the sensor chamber and
also serves to reflect a uniform radiation background generated by the Background
Signal Generator (BGSG) which is a high emissivity plate that radiates to the sensor
pupil via reflection off a Background Signal Generator mirror and the OWA.

Figure 2 is a schematic elevation view of the optical system.

Infrared beam expansion is accomplished using the Beam Expander (BX)
equipment which is located in the optics chamber. The BX is a three mirror afocal
telescope which takes a collimated input beam from the Modified Portable Optics
Sensor Tester (MPOST) (GFE) and expands it to a 0.8 meter (32 inch) collimated output

beam. The BX mirrors and structure are normally cooled to near 80°K.

A Scan Mirror Assembly (SMA) is provided which reflects the input beam from
MPOST into the BX optics. The SMA can be used to accurately position the stationary
beam during the goniometric calibration mode and is used to scan the beam across the
sensor during the radiometric calibration mode.

The input calibration beam is inserted into the optics chamber from MPOST via
the Input Window Assembly (IWA). The IWA forms the contamination seal with the
optics chamber incorporating an 11 inch diameter ZnSe window. This window in
conjunction with the output window assembly also serves to remove polarization

effects. It is capable of being cooled to 104°K with 80°K subcooled LN; when MPOST
is attached to the chamber. Also included in this assembly is the input coldwell which
is a series of optically dense baffles cooled to 80°K.

134



SYSTEM COMPONENTS
Optics Chamber

The optics chamber is a rectangular stiffened vacuum chamber having inside
dimensions of 3.35m wide x 3.35m high x 5.5m long (11' wide x 11' high x 18’ long). The
material is 304 stainless steel with carbon steel stiffeners designed for the full vacuum
load. The stainless steel interior surfaces are polished to a simulated No. 4 finish. The
optics chamber rests upon the seismic slab which also supports the optical test
equipment inside the chamber. Figure3isa schematic elevation of the optics chamber.

A full opening door is provided on one end of the chamber for optics system
installation, alignment and maintenance. A rectangular configuration was chosen for
this vessel and the sensor chamber. This decision was based on a trade study which
indicated circular vessels would provide excess volume and would be difficult to
connect to the seismic slab. Further, it was determined that a rectangular chamber
better accommodates installation and removal of a thermal shroud around the beam
expander and scan mirror structure. Optics Systems penetrations provided for the
support legs of the beam expander and scan mirror are unique in that a flexible seal
assembly was provided which decoupled the chamber shell from the leg so that no
detrimental vibratory inputs were transmitted into the optics system. The optics
chamber is fully lined with an optically dense LN, cooled shroud. External valved

cryopumps provide high vacuum pumping.
Sensor Chamber

The sensor chamber is also a rectangular stiffened vacuum chamber having
inside dimensions of 4.9m wide x 4.6m high x 7m long (16' wide x 15' high x 23' long).
Chamber materials are Type 304 stainless steel. Carbon steel stiffeners are provided to
resist full vacuum load. The sensor chamber is hard mounted to the seismic slab which
also provides independent support for the sensor assembly by a series of legs
penetrating the shell. These legs are decoupled from the chamber shell identically to
the optical elements described previously.

The sensor chamber is provided with two full cross sectional opening doors,
providing full access to the interior for loading and unloading the sensor. In addition, a
personnel door is provided in one of the full opening doors to allow entry to the sensor
chamber without removal of the full door. Figure 4 is a schematic elevation of the
sensor chamber looking toward the sensor chamber.

In addition to the penetrations for the sensor mount system legs, the chamber is
provided with a 1.5 meter (60 inch) diameter penetration for a remotely operated gate
valve which isolates the window subchamber from the sensor chamber. The design and
operation of the gate valve will be described later.
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Sensor Chamber (Continued)

The sensor chamber is fully lined with a unique, passive thermal shield
(insulation system) which isolates the chamber shell from the nominal 13,715m (45,000
feet) altitude environment, i.e. 90 torr and -45°C. This insulation system consists of a
rigid polystyrene foam with a stainless steel skin which is evacuated to a low micron
level. This provides an effective insulation for the external chamber shell from the high
altitude environment of the sensor chamber.

Vacuum Systems
Optics Chamber
The vacuum systems for the optics chamber consists of:

1. A mechanical pump/blower combination with LN; cold trap capable of rough

pumping to less than 50 microns.
2, Three 500mm (20 inch) diameter externally mounted cryopumps provide high

vacuum pumping to 1 x 108 torr. Each is equipped with a large diameter
isolation valve.

3. A 150mm (6 inch) turbomolecular pump is provided with a manifold allowing it
to pump either the optics or sensor chamber. This pump is primarily used during
the leak checking phases.

Sensor Chamber

The vacuum system for the sensor chamber consists of a 3-stage blower system
capable of roughing the sensor chamber from 760 to 90 torr with a simultaneous 0.23
kg/sec (0.5 Ib/sec) GN inbleed. The roughing system is also capable of pumping 0.16

kg/sec (0.35 Ib/sec) GN; inbleed while maintaining the pressure between 90 to 60 torr.

LN, Thermal System

The LN, thermal system is comprised of a recirculating LN, system operating in a
subcooled mode with the heat gain being rejected into a bath of boiling LN, at
atmospheric pressure. This system is shown schematically in Figure 5.

The heat loads on the system are as follows:
Optics Chamber Shroud Zones

Beam Expander & Scan Mirror Zones

Scan Mirror & Input Window Assemblies
MPOST Zones

Sensor Chamber Zones (future)
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LN, Thermal System (Continued)

These systems are supplied liquid nitrogen at approximately 80°K and return
liquid to the cooling coil in the dewar at approximately 95°K or less, depending on the
heat load in each respective system.

In addition to recirculating loads described above, the LN; subcooler furnishes
LN, for two GN, thermal units. These units are consumers of LN, on a continuous
basis requiring make up of LN, into the recirculating LN, stream. LN, make up is
accomplished by reducing the pressure on the suction side of the LN, pumps and
injecting make up LN in the low pressure zone from an external storage tank operating

at about 48.3 kPa (7 psig). Pressure reduction is accomplished by a throttle valve
located before the connection to the external LN, tank.

The subcooler has the capability of absorbing 85,900 kcal/hr (100 kw) of heat
from the system while maintaining all operating heat loads (zones) at a nominal
temperature of 80°K. Uniformity of the supply temperature is critical to the stability of
the optical elements. During baseline operation, temperature stability is maintained
within + 1K.

The optics chamber shroud construction consists of extruded aluminum panels
having integral tube passages. The emissivity of the shroud on the inside surface is 0.9
with the side facing the chamber 0.1. The design of the shroud is unique in that all
penetrations and closures prevent any surface outside of the shroud with a temperature
of 959K or greater from being observed with less than 2 reflections off optically dense
baffling with a surface emittance of greater than 0.9. The shrouds are also removable
from the chamber for cleaning. Conflat flange LN, connections are provided for each

shroud section. These connections are interior to vacuum chamber and underwent
extensive leak checking during the acceptance test program to ensure leak tight
performance.

GN, Thermal Systems

Two GN, thermal units are provided. The sensor chamber thermal unit has the primary
function of providing a cold inbleed gas source to maintain the sensor chamber at
ambient temperatures consistent with altitude operation at 60 torr to 90 torr while being
actively pumped by the sensor chamber roughing system. This inbleed in effect
subjects the sensor unit under test to environmental conditions as though it were
"flying" at altitude. GNj is supplied to the sensor chamber thermal unit by an LN,
vaporizer operating from a conventional LN, storage tank. A stream of LN, from the
subcooler is mixed to the GN, stream in an LN,/GN; mixer to provide a varying output

stream temperature between 140°K - 300°K with a maximum throughput of 0.32 kg/sec
(0.7 Ib/sec). The unit is also provided with a warmup heater for use in warming optics’
chamber shrouds and optics zones. This unit is shown schematically in Figure 6.
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GN; Thermal Systems (Continued)

The other GN, thermal unit has the function of providing temperature controlled

GN; to a group of zones in the window subchamber and sensor chamber. It circulates
GN; on a closed loop basis. This is accomplished by using a conventional reciprocatin

2 P P y 8 P 8

compressor in series with an aftercooler, heat exchangers, heaters, LN,/GN, mixer,

preheaters and trim heaters. This system is shown schematically in Figure 7. GN, is

supplied to this system from the same high pressure storage vaporizer system that
supplies the sensor chamber thermal unit. A pressure regulator in this supply line
reduces the pressure to 172.4 kPa (25 psig) and subsequently through downstream heat
exchangers, etc. to ultimately serve as a thermal conditioning fluid for end users in the
window subchamber and gate valve. Two output streams are provided which can be set
at different temperatures. From these use points the gas is recirculated back to
compressor suction. This system has the capacity of circulating 365 kg/hr (800 1b/hr) in a
temperature range of 140°K to 300°K at a maximum pressure of 414 kPa (60 psig). A key
requirement of this unit is providing the GN, which cools the titanium adapter for the

OWA. Accurate temperature stability is required so as not to induce thermal strains in
the OWA bezel structure.

Control System

The BIRS facility is controlled from a central control console that is functionally
divided into three sections:

| Thermal-Vacuum Control
- @ Optical Control
o Data Acquisition System

The thermal-vacuum control console section receives data from facility
instrumentation which displays on an integrated graphics panel which has associated
symbolic and written legends defining system control functions. All remote facility
operations are manually controlled from this panel with the status of all major
functions displayed. Alarms and interlocking of all functions are accomplished at this
panel. Control logic and interlocks were provided by means of a PLC (Programmable
Logic Controller). An effort was made to limit the amount of interlocks to as few as
possible to allow for maximum operator flexibility and test configurations. Redundant
PLC's were not provided; however, all equipment and valves have been designed to go
to a failsafe mode in the event of a system failure. The PLC provides automatic
operation of the system in the event of designated emergencies, such as loss of prime
power or overpressure of the OWA. The optical control system allows for monitoring
and setting of temperatures of all optical elements and provides control capability of
the Sensor Mount Subsystem (SMS) and Scan Mirror Assembly (SMA). The data
acquisition system gathers and records all facility data and provides real time plots of
data showing trends, etc.
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Key Optical Elements
Beam Expander

The Beam Expander (BX) enlarges the incoming source beam to approximately 3
times its initial diameter. It is an afocal system with a Cassegrain telescope consisting
of parabolic input or tertiary mirror coupled to a hyperbolic secondary and parabolic
primary mirror. The BX is off-axis in both field and aperture and thereby provides an
unobscured collimated output beam of approximately 0.8 meters (32 inch) in the present
configuration. The primary mirror is a nominal 1 meter (41 inch) diameter solid piece of
zerodur weighing over 409 kg (900 1bs). The tertiary mirror also of solid zerodur is
nominally 0.76 meters (30 inches) diameter and weighs 136 kg (300 1bs). The secondary
mirror is much smaller and is fabricated of fused silica. All mirrors have gold coating
and protective overcoats. The LN, cooled BX optical bench is fabricated from Invar 36

for minimum dimensional variations from ambient to cryogenic conditions. Figure 8
shows a representation of the beam expander and mirrors.

Scan Mirror Assembly (SMA)

The SMA consists of a servo driven cryogenically cooled fused silica mirror
assembly which allows the accurate positioning of the output beam when used in the
stare mode. In the scanning mode, the SMA allows the output beam to be scanned
across the test sensor at various rates. Azimuth and elevation servo electronics are
controlled by computer.

Output Window Assembly (OWA)

The Output Window is one of the most important single components in the
facility. The ZnSe blank was generated by a continuous and uninterrupted chemical
vapor deposition oven run of over 900 hours. The finished window is 0.79m (31-inches)
in diameter and 33mm (1.3 inches) thick and represents the largest ZnSe window of its
type in the world. As with the Input Window, the Output Window is mounted in a
titanium bezel for CTE matching. It is held in place by a thin bead of Crest 7450
adhesive around the perimeter which also forms the vacuum seal. Special heaters
precisely control the edge temperature of the window. Because of the small thickness to
diameter ratio, the window is not capable of supporting a full atmospheric pressure
load. For safety, it is limited to differential pressure loads of the order of 120 torr. The
purpose of the Window sub-chamber with the 1.5m (60 inch) Gate Valve to the Sensor
chamber is to maintain the controlled Output Window pressure load while allowing
free access to the Sensor Chamber.

Special Features

The stringent requirements of providing an optimum environment for the optics
system and sensor required that the vacuum chambers and supporting subsystems
accommodate many unique operating criteria. The following items are herein described
to identify some of these components and system requirements.
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Seismic Slab

A seismic slab was provided to minimize the optical system components
response to vibrations from the environment and the experiment itself. A schematic of
this system is shown in Figure 9. A ground vibration survey was conducted at the
facility site as well as identification of other disturbances such as vehicular traffic,
cranes, local handling equipment, pumps, etc.

Criteria for structural and dynamic requirements for the seismic slab are as
follows:

a) Optical beam drift due to seismic slab deformations to be less than 0.5
microradian over a 1-30 minute time period.

b) Long term drift (deformation) were to be minimized by design, material choice
and fabrication control. Included in this requirement is the prevention of
cracking of the seismic slab.

c) Provision for a procedure to determine when a recalibration of the slab is
required due to change in shape of the seismic slab as a result of curving due to
temperature gradients.

In order to satisfy these requirements, an 1800 metric ton concrete slab
disconnected from the building floor slab was selected to be supported on piling driven
to a load bearing stratum. A dynamic vibration analysis was carried out to determine
that the short term beam jitter could be accommodated.

Horizontal and vertical vibration data were collected for the BIRS site. This data
was put into the form of a site specific response spectra which provided a range of
frequency dependent accelerations resulting from the ground vibrations. A computer
model of the chamber, seismic slab, and optical mounts connected to the seismic slab
was prepared. The response of this model to the accelerations determined by the
ground vibration study was calculated and compared to the allowable response
"budget" for the optical system.

To limit vibrations into the chamber from rotating mechanical equipment and
piping, all vacuum pumping skids, LN, pumping systems and GN, thermal units were
mounted on vibration isolation mounts. Flexible metal hoses were used throughout the
piping system to reduce vibrations into the chamber.

In order to meet the long term drift requirement, the services of a concrete design
specialist was obtained to provide a design of a concrete mix and reinforcing which
would minimize long term creep and cracking. Crack control reinforcing steel and low
heat of hydration concrete was used in the seismic slab to ensure slab performance. The
pouring sequence of the slab was carefully controlled and monitored as well. The slab
is provided with an inspection gallery around its perimeter for visual inspection of the
slab for cracking and signs of distress across its full thickness. For the recalibration
requirement, a series of thermocouples were embedded in the concrete to measure
temperatures. This data was used to determine any differentials that might exist
(vertically and horizontally) that would cause geometric movement of the top surface of
the slab.
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Sensor Chamber Gate Valve

A large 1.5 meter (60 inch) diameter remotely controlled gate valve was provided
to isolate the sensor chamber environment from the output window. Also, it serves to
isolate the window subchamber during the period of window temperature
conditioning.

Some of the specific design requirements for the valve were as follows:

Valve to be remotely operable to cover and seal the window subchamber at one
atmosphere differential pressure.

Valve closure repeatability to be + 1.7 mm (+ 0.065 inch) (a calibration mirror is
located on the inside of the gate valve).

The seal of the gate valve (O-ring) was required to be warm to permit operation
and sealing at all chamber conditions.

To achieve the remotely operable requirement, the valve assembly was
suspended from an upper rail system which laterally translated the valve cover to allow
a full diameter opening. Translation was achieved by using a roller chain drive system
which was powered by a motorized worm gear reducer operating through a fluidic
coupling. Use of the roller chain system also allowed for accurate position indication
and adaptation of suitable interlocks with other systems. Once the valve gate seal plate
is positioned over the mating flange, initial contact pressure for the seal is
accomplished with four pneumatic cylinders which reach between the carriage frame
and the valve plate. In order to maintain the seal at a warm condition, both the flanges
and the O-ring seal were provided with a series of strip heaters mounted on each flange,
clamped into contact and energized as required to maintain the metal temperatures
above freezing for all operating conditions. Heaters are shielded from the view of the
test sensor. Connected to the gate valve are shroud components which move into
position when the gate valve is moved away from the window subchamber, thereby
allowing the optical beam to pass onto the sensor. The shroud components operate
nominally between 220°K and 250°K using GNj as a cooling medium. Supply to these
shroud components required a festooning system for GN; supply hoses and

instrumentation wiring.
Sensor Chamber Insulation

The specification required that the sensor chamber be designed with a passive
thermal shroud which would isolate the chamber shell from the 90 torr, low
temperature environment. The objective of this isolation was to prevent condensation
on the external surfaces of the chamber. The internal insulation was to have a metallic
surface to facilitate cleaning. Details of the system are shown on Figure 10.
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Sensor Chamber Insulation (Continued)

Consideration of an externally applied insulation was not practical considering
vessel sealing, stiffeners and appurtenances such as penetrations let alone the room
cleanliness considerations (Class 10,000). The design that resulted to satisfy the above
criteria was to apply a load bearing insulation material to the interior face of the
chamber wall, cover the insulation with a metallic skin, and evacuate the space between
the skin and the chamber wall to minimize the internal pressure load on the thin skin.
The insulation material chosen was a load bearing styrofoam applied in two layers with
staggered seams. The rigid insulation was held in place by use of thermally non-
conducting studs as shown in the figure. Once the insulation had been applied,
embedments were attached to the inside face of the insulation that served as retainer
points which maintained the stainless steel skin in intimate contact with the insulation.
These retainers allowed the skin to thermally move yet maintain proper support. All
joints in the metallic skin were seal welded and leak checked to verify leak tightness.

Valve Box

As was discussed previously for the LN, and GN, thermal control systems, the

facility utilized a considerable number of flow control (zone) valves. The normal
method of insulation for such valves is to either mechanically insulate the valve with
conventional insulation, or to provide a vacuum around the portion of the valve subject
to low temperature with appropriate bonnet lengths to provide a thermal disiance piece.
This project required approximately 36 small diameter zone control valves. The
insulation and arrangement concept employed was to utilize an arrangement called a
"valve-box". It consists of collecting the valves into as small a region as possible and
providing a common vacuum enclosure which provides the insulation required.
Schematically, this arrangement is shown in Figure 11. Each valve is arranged such that
the bonnet and operator extend through the face of the valve box for normal actuator
connections. To enable the maximum number of valves to be placed in the valve box,
the electronic to pneumatic converters used for control valve positioning were mounted
on a separate rack adjacent to the valve box. This saved considerable space on the valve
box since only pneumatic tubing was required to be run to the valves. Piping
connections to the valves are made inside the box and pass through an isolation plate
prior to entering the independent vacuum space of the respective chamber. Pumping of
the valve box is accomplished with a small cryopump or turbo pump. Vacuum is
maintained in the valve box in the same manner as would be accomplished in a vacuum
jacketed dewar of large size. All internal lines are insulated with MLI to minimize
radiation heat loads.

Modifications

For a facility with the complexity and size of BIRS, it is inevitable that various
problems will surface that were not anticipated. The challenge of the facility team is to
find solutions to the problems without affecting the performance and functionality of
other parts of the system. Several problems of this type were found in BIRS as a result
of our first sensor tests. Those noteworthy of mention iclude the compliances of the
Sensor Mount Subsystem (SMS) and the overheating of the SMA azimuth motor.

142



Sensor Mount Subsystem (SMS)

The SMS is a three point kinematic mount system with 6 degree of freedom
adjustability for fine positioning of a test sensor in front of the BIRS beam. This
system can be operated remotely with the chamber under test conditions of temperature
and pressure. During an initial sensor warm functional checkout, it was discovered that
a significant motion of the sensor support platform was occurring in the longitudinal
(parallel to SC axis) axis. Compliances in the system elements and the nature of the
design to provide longitudinal positioning were determined to be the causes of this
motion which was unacceptable both from a chamber integrity standpoint and for
sensor stability. An ingenious system of high pressure locking struts was developed
and tested in the laboratory. See Figure 12. The telescoping struts with high tolerance
end bearings would allow positioning of the test article within the SMS range of
motion. Once positioning was completed, the locking collars were pressurized with
GN,, to 20,685 kPa (3,000 psig) effectively locking the strut into a rigid unit. One end of

the strut was connected directly to the sensor leg mounting block and the other to the
main chamber leg support structure. This in essence provided a direct link from the
sensor platform to the seismic slab embedded pedestal bypassing the total SMS
mechanism and compliances. Resulting stiffness increases were on the order of a factor
of 500 to 1. Observed motions dropped from the 1.27 cm (0.5 inch) range to the 0.05 mm
(0.002 inch) range.

SMA Azimuth Motor Overheating

During initial testing, it was determined that the existing azimuth motor would
overheat during periods of sustained scanning or staring at points near the edge of the
angular range. A careful study and subsequent testing of a surrogate winding indicated
that the problem was insufficient heat transfer from the windings to the cryogenically
cooled core/case assembly. To rework this motor would require the removal of the
SMA from the chamber and subsequent total disassembly. All alignment work of the
optics would have to be redone. Since these were not desirable alternatives, both cost
and schedule wise, a design was developed to retrofit the SMA in place using an
externally mounted cryogenically cooled linear motor assembly. This linear motor
actuates the mirror along the edge of the horizontal axis creating a moment arm rather
than acting directly on the azimuth axis of rotation.

The motor is designed to meet all the existing SMA performance parameters and
will use the existing servo control system. Presently, this modification is in the process
of final installation.

SUMMARY & FUTURE OBJECTIVES

This paper has presented a summary of the key features and configuration of the
BIRS system. Insight has been provided on several interesting problems that were
encountered and their solutions. As is the case in most facilities of this type, new
challenges arise as each test progresses.
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SUMMARY & FUTURE OBJECTIVES (Continued)

While the present configuration of the facility is geared toward a specific testing
requirement, the BIRS facility was designed to accommodate growth and adaptation to
other capabilities. While it is not possible to build a facility capable of meeting all test
requirements for projects in the future, it was possible to provide a sound baseline
facility which can be used as a starting point for future test programs. Initial planning
has been performed to support growth in the following areas:

o Add capability to calibrate exoatmospheric sensors
L Add capability to test and calibrate space optical systems
L Develop hardware-in-the-loop capability

The facility represents a significant capability for infrared testing and calibration and
will be available to all members of the U.S. infrared community. It is anticipated that
this will include both support to government programs and other aerospace companies.

144



L 449014
ALMIOV4 S¥I8 40 M3IA NVId OILVYWIHOS

¥O1VHANTD 3D¥N0S (VWS)
(B35) 1S0an HOHMIN NVOIS
(YM1) MOANIM LNdN (VMO) AIGWISSY
i MOANIM LNdLNO
\l 318vL
ﬂ < LNNOW ¥OSN3S
™ ]
— == ) TSN JoSN3s
(xg) ¥3ANVdX3 Wv38 .hsx/m_i,;
(00) ¥3EWVYHD SOILdO EIRA S Gy
(OSM) ¥3IEGWVHI8NS

MOANIM = (15} y3gWvHD HOSN3S

145



¢ 34Nl

ALITIIOVS Sdld 40 MJIA NOILVAITI OILVNIHOS

S140ddNS

(xg)

S3ld

d38NWVHO

gv1s JINSIIS

SMOTTIE NOLLVTIOSIN

S

T

b}

£

d43ANVdX3 Wv3id

MOQNIM

{

~S~—5937

1

/

-
1d0ddNS

(SKWS)
LNNOW

1831 |
¥3ANN |
HOSN3S

Aoovmumz<zo mu:ao.\
(OSM) ¥3EWVHOENS MOAONIM

(0S) ¥IENWVHD

dOSN3S

dOSN3S

1 34NLXI

dOSN3S

146



NGE'¢ X NGE'¢
d00d

d3GANVHOENS MOANIM l/

NI
MIENYHO SOILdO 40 M3IIA NOILVYATT3

L

S3ld

|
I

[ o et e e e e e

"l

*
_ !
| %IA;,VI.IWIILI-}]IIIII
L r%lD‘lrl]r]r:_llr
43GWVHD SOILd0 |

anoxts &N -
.

EF

_— MOGNIM 1NdlnO |
HIBWVHO ¥OSN3S

SH3L3IN GG

147



v 44N914

JIGNVHO SOILd0 SOAIVMOL ONIHMOOT
J38NVHO dOSNIS 40 MIIA NOILVAI S

1l Mﬂm
K ¥%\”w///n 400
e _ TINNOSYId
| |
| |
i INTVA |
| 3LV |
| |
NI'Y X WEY L m NGT X WE'P
4000 — | | - 4000
| I
RIS |

SY3LIN £

148



S Jd4NOI4

NFLSAS TVWHIHL NIOOALIN dINOI

SLINN
- IVINA3HL

ZNO

ST1IMd109
VYMORVINS

A1ddNns

()

SANOZ
SIGNY HO
SOILdO

A1ddNS

RCa

WO
|‘v||.

A

—

NaNL3d

149



9 4d4M9O14
LINN TYWHIHL ZNO ¥3GNVHO HOSN3S

SdANd WNNOVA Ol

!

4IENVHD
JOSN3S
.
!
¥3LV3IH |
NIML - _m
N N
B L1

gIXIN g

ZN9/ZN1 ¥3LV3IH

150



[ 34013
LINN TVANY3IHL ZNOS ONILYINOYIO3Y

o S3NOZ

TYWNE3HL ZND

S3NOZ ,
IVNE3HL ZND

NILVIH WML

I I
AN
y3LV3H Ainl

|

| -

— |z MIONVHIX3 LV3H

w o MO14d3LNADS
T
>
I_
— |5
MOSSIHINOD
Z \_—u\/\/\/\”—_‘
- NAANST
MIXIN_ 93LV3A MITO0DTALIV %
ZN9/ZN1

¢N1 AlddNS ZNO

151



s JANYIA
AIINVIXI WV3IE SAId

AO4 T3LLINSIA-NON

Tdnd 099'0 X o002 ®
JINYNINT — NOISNVdX3
43 L3INVIC NONaIg  No3E XE e
_¥313W-L2 NYIS \ (N Tdnd LIx3
,/mu “ L N\ ¥3L3WVIa
S/ d313n-18
ONILNNOW S
140ddNS e
JILYWIANIN S
SOYNIW
SONAINW AdYANODIS
AdYILY3L YOITIS 03SNA
INAON3Z

152



o 44N

avis OINSIAS IANNOL GLgl

HAAVT Ld0ddNS TIOS OL N3AI™EA 07::1|J/////I

]

]

0

WC ¥ /

"

/////d ////d
/
/

..n...
sy

e ey

WO'¢

STTdNODOWEIHL—

L4
* a

NL

| MIGAVHD SOILdO

JIGANVHDO HOSN3IS

|
|
Aleg*

153



Ol

J4M9O14

NOILVINSNI J3NVHDO JOSN3S

NOILVINSNI OL
INIWHOVLLY NIMS 'S’'S

T13HS Ol
LINIWHOVLLY NOILVTINSNI

TT3HS s

|

mumz<zo-)/ A = NOILYINSN

NIMS

R0
0
anLs Bod\saQ \
ANLS 9NILONANOD~NON —

154



L 34014
DILYWIHOS X08 3ATVA

400714 IN

SO
_ 1¥0ddNs

# J4NSOTONT

¥3IQV3IH .\\ WNNOVA
H¥IENVHD AddNs
WNNJVYA Ad08 -
NOILVINSNI IATVA _
WNNDYA
u%N %&5 -

’ N%! AATVA

\

\
A\

ﬂ}@@-@%@%@@' DO

69000

155

SH3ALIN &

avaHx1Ng \ (VOIdAL
.rIo_._. WNNJVA A1 >

SH3L3N ¢'L

MZON oL
ONIdId




cl JANHBI
LNALS DNIASOT WILSASENS INNOW JOSN3S

© ©

MI3INA TTYNOILIIS-SSOAD

NOILISOd T3AN3LX3 ———

NOILISOd 03139138 ——=
o

3

11

LN
NS

] \3 :

. g, ¥Y1707 uzUV ™~

(dAl> 9NIdv3d JquHmuImm/

H

&

&
—
H

11T

156



INFRARED SENSOR TEST METHODOLOGY AND FACILITIES® 537~
>

. A

Jere J. Matt

AF/DOTFy N91‘19139

and .

Ronald Dawbarn 2 & s
Calspan Corporation, AEDC Operations 7 e
Arnold Engineering Development Center ﬁ 'D L/g ‘
Arnold Air Force Base, Tennessee 37389 L “

z

ABSTRACT

As the Air Force Systems Command-designated Center of Expertise for Space
Simulation Testing, AEDC has defined a test methodology for the ground testing of infrared
sensor systems. This test methodology and the test facilities envisioned to implement it
were the topic of a paper entitled "Surveillance Systems Test and Evaluation Facilities”, by
Mr Ronald Dawbarn and me presented at the 14th Space Simulation Conference in 1986.
This paper is a progress report on the implementation of that test methodology and
describes the status of the test facilities presently existing or under construction to
implement it.

INTRODUCTION

In May of 1984 the Air Force Systems Command designated AEDC as the Center of
Expertise for space environment and simulation testing. In this capacity, the Center is to
provide test and evaluation expertise in several assigned functional areas, including space
sensors. AEDC has extensive experience in the test and evaluation of space systems and
infrared (IR) sensors in particular. Figure 1 presents a summary of the testing record in the
area of infrared sensor systems. The period from 1982 to 1983 was spent in a major modi-
fication of the primary test chamber, 7V. The test and evaluation of such systems is partic-
ularly challenging when one considers that they must be able to operate in hostile natural
and man-made environments against extremely large numbers of targets (see Fig. 2).

Performance Testing Levels

Obviously, the duplication of the entire sensor environment in a ground test facility is -
impractical and unnecessary. AEDC has undertaken the task of defining a test
methodology for IR space sensors as a way to break their evaluation into reasonable
segments. Through studies conducted by AEDC support contractors and contractors
outside of AEDC, a common set of sensor test issues were identified (see Fig. 3). These
issues can be addressed through a family of ground test facilities as indicated in Fig. 4. Of
particular interest on this chart is the Focal Plane Array Test Chamber (FPATC) and the
Large Sensor Test Chamber (LSTC) testing levels, which together address approximately
85 percent of the common sensor issues. The development and status of these various

“The research reported herein was performed by the Arnold Engineering Development Center (AEDC),
Air Force Systems Command. Work and analysis for this research were done by personel of the Air Force
and personnel of Calspan Corporation/AEDC Operations, operating contractor for the AEDC flight dynamics
facilities. Further reproduction is authorized to satisfy needs of the U. S. Government.

This paper is cleared for public release.
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test facilities at AEDC will be the focus of this present work and are depicted in simplified
fashion in Fig. 5.

Focal Plane Array (FPA) Level Testing

The goal of testing at this level is the functional validation and characterization of the
FPA with point and extended sources. The FPA is the common element in all IR sensor
systems, whether a surveillance sensor or a seeker, starer or a scanner. The AEDC
Component Checkout Chamber was modified in 1988 to conduct testing at this level and
renamed the Focal Plane Characterization Chamber (FPCC). This is a multipurpose
chamber with point and extended blackbody sources traceable to National institute for
Science and Technology (NIST) standards. In addition, the chamber is equipped with
spectral calibration capability. The FPA chips are mounted in individual test dewars which
permit immediate check-out of wiring connections and provides chip cool-down to
operating temperatures. These dewars are quickly interchanged on the test chamber,
permitting high volume testing. Real-time graphical data display capability is also provided
with this facility (see Fig. 6). The facility is capable of producing 75-m spot sizes and target
temperatures from 77 to 1,000°K. The basic capabilities of the facility are outlined in Fig. 7,
and Fig. 8 summarizes the FPA performance parameters available. A wide range of data
presentation formats are possible, as depicted in Fig. 9. In summary, the AEDC FPCC is a
state-of-the-art IR test capability designed to support high-throughput FPA characterization
testing. Test capabilities include radiometric flood, spot, and spectral response. Future
capability enhancements include module testing and radiation testing.

FPA/Signal/Data Processor Level Testing

The goal of testing at this level is to provide mission scenarios to the sensor focal
plane/signal/data processors. The scenes can involve many dynamic objects moving
against complex backgrounds (see Fig. 10). The concept chosen for the prototype AEDC
FPATC employs a laser-based, direct write scene generator. Testing at this level is
economical from a facility standpoint as the sensor telescope is not involved: therefore, the
large optics normally required to fill the entrance aperature are unnecessary. This facility
was identified as meeting approximately 65 percent of the sensor ground test issues
depicted in Fig. 4 and is presently under construction at AEDC. The facility makes use of
IR lasers and beam steering devices to “"paint" a scene over the sensor’'s FPA. An early
concept for the facility is depicted in Fig. 11. This facility is scheduled to begin operation in
FY93.

FPA/Signal/Date Processor/Telescope Level Testing

Testing at this level involves both off-axis rejection (OAR) and integrated sensor
functionality testing, i.e., radiometric and goniometric calibration.

OAR testing can be accomplished in a chamber or optics laboratory designed for this
purpose. This type of testing is usually accomplished with a surrogate focal plane for the
detector and a high-powered COq laser as the source. The AEDC Mark | is ideal for this
type of testing because of its size, and it has been used in the past for this purpose.

Integrated sensor functionality testing at this level requires the sensor entrance
aperature to be filled. The entrance aperature will size the facility optics which, in turn, size
the entire facility along with the choice of scene generation technology. Two facilities are
under development at AEDC to meet IR sensor testing needs at this level: the LWIR
Environmental Threat Simulator (LETS) and the Large Sensor Test Chamber (LSTC).
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The LETS facility is an extensive modification to the existing AEDC 7V facility. The
facility is designed to conduct calibration and mission scenario testing of exo-atmospheric
IR seekers in the 15-cm entrance aperture diameter range. Real time environment and
target simulation is pianned for this very versatile facility to reduce the risk and the number
of flight tests which might be needed in a development program (see Fig. 12). Figure 13
depicts the LETS layout and the high-level capability planned for the facility. Significant
progress has been made on this facility, as shown in Fig. 14. Initial operation is scheduled
for FY92.

The LSTC facility will be designed to conduct calibration and mission scenario testing
of space surveillance sensors. LSTC will be somewhat similar to the LETS facility, but will
be sized for sensors with entrance apertures roughly twice as large. Requirements for the
facility have been well documented by the Strategic Defense Initiative Organization (SDIO),
the Army’s Strategic Defense Command (SDC), and the Air Force's Space Systems
Division (SSD). The concept definition contract will be conducted in FY90, with one of the
options being a modification to the existing AEDC 10V facility depicted in Fig. 15. Because
of the wider wavelength requirement for the LSTC, the scene generation technology will be
somewhat different from that employed in the LETS facility, but will be able to provide the
complexity required for scenario testing at the sensor level. The facility is scheduled to
begin operation in late FYS3.

Survivability Testing Level

Figure 4 also mentions survivability testing being conducted in the Radiation Effects
Test Facility (RETF). Several studies have been conducted on test facilities at this level.
The result of this work is a facility named DECADE to be constructed by the Defense
Nuclear Agency at AEDC. An early concept for this facility, is shown in Fig. 16. This facility
will provide the ability to test relatively large segments (1 m2) of space system electronics
in a simulated nuclear environment to ensure system hardness in operational scenarios.
The facility is scheduled to begin operation in FY95.

CONCLUSIONS

AEDC, as the AFSC designated center of expertise for space system testing, has
developed a test methodology for sensor systems and planned the associated facilities.
This paper has presented a broad overview of the status of that effort. Many of the sensor
systems currently in development are adopting this method of ground testing to minimize
their risks as they move into the flight test portion of their program.
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Fig. 9. FPA data presentation formats.

® STANDARD DEVIATIONS
® 2/3-DIM GRAPHICS

® TREND PLOTS

® ENGINEERING UNITS
® HISTOGRAMS

® AEDC TEST SUMMARY REPORTS

e MAGNETIC DISKS/TAPE

e TABULAR DATA
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Fig. 16. DECADE Radiation Effects Test Facility.
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THERMAL CONTROL FOR THE GROUND SIMULATION OF = To 24 ?/
A SPACE IR SENSOR SYSTEM :

E. Lee and A. Warren Ngl - 19140

Grumman Space Systems Division
An Operating Division of Grumman Corporation A )

G. Gasser and M. Tierney

Itek Optical Systems ,

A Division of Litton Industries ¢ ;7 x./ﬂ
l

ABSTRACT

Active and passive thermal controls for simulations of a space IR sensor system operating in
cryogenic temperatures were designed, built, and tested from a component level to a system
level. The test results from component tests and integrated system tests have compared very
well with theoretical predictions, and thus verify component and integrated thermal math
models. These verified models can be modified for use to predict flight systems thermal per-
formance.

Thermal vacuum simulations and demonstration of a space IR system consisted of a target and
background scene generator, telescope mirrors supported by a graphite-epoxy metering struc-
ture, and an IR sensor. These components are required to operate at cryogenic temperature
levels. Each component has its unique thermal control requirement. The electro-optical devices
operated in the scene generator are required to be maintained at room temperature, while the
other areas are operating at 220K. Target and scene blackbodies are operating at temperatures
varying from 300K to 1100K. In order to minimize the heat transfer from these blackbodies
to the surrounding structure, an active thermal control system using vaporized LN is used.
The structure environment is maintained at 220K by electrical heating elements in an enclosed
shroud. Mirrors in the telescope area are maintained at 120K by using shroud enclosed elec-
trical heaters. Additional individual mirror heaters are used during warmup cycles to minimize
mirror surface contaminations. To prevent and minimize temperature gradients in large mir-
rors during warmup phase, the chamber shroud temperature is controlled to a required tem-
perature rise rate. The IR sensor is maintained at 120K during demonstration tests using heater
and cold straps connected to the chamber shroud.

This paper contains descriptions of thermal control systems for the test article from compo-
nent design level to integrated system level, discussions of component and integrated demon-
stration tests, and correlation of test data with thermal finite difference models.
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SPECIAL REQUIREMENTS IN THE DESIGN OF A SENSOR TEST A D

AND INTEGRATION LABORATORY ’ U
S. Bellanca and E. Lee / Ay
An Operating Division of Grumman Corporation Q
Grumman Space Systems Division -

J. Campbell
Consultant

ABSTRACT

Special requirements are imposed on the design and operation of a sensor test and integra-
tion laboratory. Cryogenic temperature, vibration isolation for electro-optical equipment,
contaminant control, thermal control to reduce or minimize thermally induced stresses on
mirrors and supporting metering structure, thermal vacuum chamber shroud temperature
uniformity and varying temperature control capability to bring optical equipment from cryo-
genic temperature to ambient environment, and real-time data processing are some of the strin-
gent requirements that must be addressed before a facility can be accepted to perform sensor
test and integration. Most of the sensor tests are performed at cryogenic temperature, and
thermal isolation of the test article from the ambient temperature is a strong consideration for
the thermal vacuum chamber design. Additionally, equipment heat and parasitic heat sources
must be able to remove from the chamber without exceeding the chamber shroud temperature
gradients.

This paper will describe how these requirements were met in the design, build, and acceptance
test of the Grumman Sensor Test and Integration Laboratory (STIL). Thermal vacuum cham-
ber characteristics and its supporting data acquisition and display system, real-time data proc-
essing, test control, and some of the chamber acceptance test results are also presented. A
brief description of a sensor test that is currently being conducted at the STIL facility, and the
corresponding test results are also included.
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IAL SPACE : A TEST LABORATORY FOR THE ISO CRYOGENIC PAYLOAD.

A. CUCCHIARO, M. HENRIST, J-P. MACAU, N. NINANE and ~ s
R. BLANPAIN. L,// &Q
Centre de Recherches IAL SPACE - Université de Liége

ANGLEUR - LIEGE (Belgium)

1) INTRODUCTION

The ESA Infrared Space Observatory (ISO) satellite 1is a
3 axes pointed plateform designed to make accurate pointed
observations of astronomical objects and sources in the
wavelength range between 2.5 and 200 microns.

ISO is composed of a service module and a payload module
which is a large cylindrical vacuum vessel. The vessel is in
fact a cryostat (capacity of 2250 1 of liquid He II) which
containts the telescope and the four focal scientific
instruments. The latters being cooled up to a temperature
less than 4K.

The qualification of the payload requires to measure
respectively :

- the image quality of the telescope through WFE (wave
front error) measurements,
- the optical alignment of the scientific instruments with
respect to the telescope axis and the telescope focus,
and this under cryogenic conditions (typically 5K).
Consequently, since 1988, the FOCAL 5 IAL Space facility
( see the paper of M. HENRIST et al in the same proceedings)
has been upgraded in order to perform the cryogenic optical
tests of the ISO optical subsystem.

2) EXPERIMENTAL CONSTRAINTS

Optical testing under cryogenic conditions represents a
certain number of constraints, the main ones being :

_ the cool down and the warm-up phases of the experimental
set up components (optics, thermal shrouds, thermal
paffles, telescope assembly...) must be actieved in
a way which avoids excessive stresses in the different
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materials,

- the alignment between the different optical elements
(telescope, OGSE, baffles,...) must be kept inside
severe margins between 300K and 5K,

- the WFE measurements for image quality evaluation are
achieved through interferometric methods which need
high mechanical stability even in cryogenic conditions,

- the thermal control, the monitoring and the thermal
measurements require to acquire, store and analyse in
real time (high frequency scanning) data of about 150
sensors with a high accuracy,

- the thermal losses must be minimized in order to avoid
thermal overgradients between the different components
of the tested device and to reduce the consumption of
cryogenic fluid.

Consequently, a dedicated experimental set-up has been
designed, manufactured and installed in FOCAL 5 in order to
fulfil the test objectives taking into account this above-
mentionned constraints.

3) CRYOGENIC EXPERIMENTAL SET-UP

3.1. Cryogenic box.

The experimental set~up which has been developped allows
to perform the cryogenic optical tests for the single optical
components as well as for the overall telescope assembly of the
ISO payload. The configuration for the complete telescope
assembly is shrown on figure 1.

The basis was to create a cryogenic environment to cool
and warm up the experimental components as fast as possible
Without introducing excessive stresses in/Or between the
different materials. One way was to use only the radiative
transfer by enclosing the specimens within cold boxes, but
the cooling time has been estimated of about 6 months which
was unacceptable in terms of time schedule.

Another way was to fill the cold enclosure with a conductive
gas (e.g. gazeous helium). This solution led also to an
excessive cooling time (2 weeks).
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Figure 1 : Experimental set-up configuration.

The solution closen combines the radiative transfer
effect which reduces the thermal gradients and consequently
the stesses, with a conductive coupling through straps. This
allows to reduce the thermal cycle (cool down and warm up)
to about 6 days.

As shown on fig 1, the cold enclosure is a double wall
cryobox fed by ligquid helium (at 4.6K). The guard wall is
fed by liquid nitrogen (77K) . Inside, the specimens and their
supports are cooled in conductive mode though flexible copper
straps (see fig 2) attached to cold plates where circulates
refrigerated gazeous helium. As the optics of the specimens
are mechanically coupled to the cold plates, it has been
found that the induced vibrations were lower using gazeous
helium rather than ligquid. By this way, the warming sequence
and the subsequent baking is also easier using hot gazeous
helium.
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Figure 2 : Strarping of calibraticn miror.

3.2. Optical supports.

A critical problem encountered concerns the supports
of the optical devices. Indeed

a) the optics and the different mechanical structures
must be cooled up to 5K whereas the optical bench which supports
the overall system must stay at 300K.
b) for WFE measurements, the optical alignment must
be kept during the cool down and warm up phases and this
without induced low frequency vibrations.

The soclution adopted to face these problems is represented

on fig 3.

~ The bottom part of the support, the one comprising the
different movements (tilt, rotation) allowing initial alignment
and which is interfaced with the optical bench is manufactured
in invar for thermal expansion reasons.

- The central part is composed by two quartz tubes and an
intermediate invar plate. The guartz tubes present the
advantages that the material have

- a thermal expansion coefficient close to zero

- a very low thermal conductivity
- a good strengh under heavy loads.
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Figure 3 : Tvpical crycogenic support.

The intermediate invar plate 1is connected by copper straps
to the double wall cryo-box and constitute a thermal barrier
for the heat flux coming from the bench.

- The upper part has also been realized in invar.

The risks of quartz breakage are warranted by a fiber
glass tube inside the guartz one and does contribute neither
to the thermal conductivity nor to the mechanical properties
of the support.

The overall structure of the support is completely decoupled
from the rest of the cryo-box in order to keep the required
vibrational stability.

3.3. Liquefier.

As previously mentionned, the cryogenic box as well as
the cold plates are respectively fed with liquid and refri-
gerated helium. In fact, to perform the crvo-test, there were

two solutions : - to use helium dewars
- to produce cold helium with a liquefier.
The liquefier option has been chosen because :

a) it allows to use at the same time liquid and gazeous
helium which is very important at the level of the cold
plates vibration problem.

b) the number and the duration of the cryo test justify the
investment.
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c) the driving of the thermal cycles is more flexible and
the liquefier allows continuous operation.

The model installed in the IAL Space facilities is the KPS
model 1630 which provides liquid helium at 4.6K and gazeous
refrigerated helium at a minimum of 4.6K with a total
capacity of 40 1/h or equivalent in refrigerated gas.

3.4. Instrumentation of the experimental set-up.

The thermal control of the overall experimental set-up
requires to manage in real time,high accuracy data in the
temperature range from 4K to 50K.

The number of sensors is close to 150 and have been homemade
and calibrated. They are diodes fed by DC at 10 microamps.
The temperature is given by the electrical resistance of the
diode.

The sensors are calibrated in a cryostat by comparison
with a standard sensor delivered by Lake Shore (California).
The junctions are encapsulated in small copper cvlinders.
The wires are thermalized by many loops around the diode
inside the copper cylinder which is screwed on the surface
to be measured.

The accuracy obtained is +/- 0.1K between 4K and 50K.

3.5. Control and monitoring system.

The control of the overall experimental set-up is achieved
through thermal data acquired by a 3497 data logger and
managed by a HP 9000, serie 370, working station.

A dedicated software (home made), working under Unix,
X windows and NFS, allows multitasking programs. The users
can define easily in real time : sensors groups

gradient groups

scanning speed

drawings

temperature curves

histograms

synopses

alarms and warmings.
Examples of such displays can be found on fig 4, 5 and 6.
These synopses shows the performances of the cryogenic box
as well as the ones of the control and monitoring system.
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4) PERFORMANCES AND RESULTS

Up to now, the cryogenic tests performed in IAL Space
facility concern the structural and thermal model of the ISO
optical subsystem. The concerned items tested have been

the primary mirror
the Calibration autocallimation flat mirror
the telescope (see fig 7)

After a cool down sequence of about 80 hours, a thermal equili-
brium between the different parts of each specimen has been
reached. The temperatures were comprised everywhere between
4.6K and 10K. This being good enough to allow a close estima-
tion of the thermomechanical behaviour of each specimen

tested. The warm-up sequence has needed a equivalent time
duration (3.5 days).

The optical quality of the individual mirrors or of the
overall telescope was performed through interferograms taken
from an interferometer Zygo MARK IV working in phase mode.
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Figure 7 : ISO STM TELESCOPE

This method implies a very good position stability
of the optics to be measured with regards to the reference
optical cavity which is situated outside the cryogenic box
(see fig 1). A typical example of interferogram taken at
cryotemperature of about 5K can be found on fig 8. It
concerns the overall STM Telescope.
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Figure 8

The future tests will be dedicated to the Flight models
of all the items which have been mentionned. For these, in
addition, to the constraints already described, the particu-
lar contamination will constitute a major problem one will
be faced with. Indeed a specification of 1.5 ppm/per day
is hard to reach with the experimental conditions hereabove
presented.
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ABSTRACT

The requirement to produce high level acoustic noise fields with increasing accuracy in
environmental test facilities dictates that a more precise understanding is required of the factors
controlling non-linear noise generation.

This paper gives details of various non-linear effects found in acoustic performance data taken
from the .A.R. Spacecraft Acoustic Chamber. This type of data has enabled the LA.R. to test large
spacecraft to relatively tight acoustic tolerances over a wide frequency range using manually set
controls.

An analog random-noise automatic control system was available and modified to provide
automatic selection of the chamber's spectral sound pressure levels. The automatic control system
when used to complete a typical qualification test appeared to equal the accuracy of the manual
system and had the added advantage that parallel spectra could be easily achieved during preset tests.

INTRODUCTION

The Institute for Aerospace Research (I.A.R.) of the National Research Council, Canada,
operates a spacecraft acoustic test chamber for aerospace research and development at the
Aeroacoustic Facility (ref. 1) of the Structures and Materials Laboratory.

The spacecraft chamber has been required to generate high level acoustic noise fields with
increasing spectral accuracy to simulate rocket and aeroengine noise for qualification testing of
aerospace structures and equipment. In the future it is likely that this trend will continue and
therefore: acoustic test sound level spectra may need to be controlled to accuracies of + 1 dB; the
spectra may be defined in finer bands than the 1/3 or 1/1 octave bands at present in use; sound level
tolerances at low and high frequencies may be tightened to match those at mid frequencies;
exploratory tests at progressively higher levels may be restricted to one relatively low level test,

e.g. -10 dB, for expensive spacecraft.

Complications to the production of accurate acoustic levels for spacecraft tests are that the
generation process is highly non-linear and not easily predicted, and that the acoustic absorption and
insertion effects of a large spacecraft are not accurately known in advance of the spacecraft being
placed and tested in the chamber. The short duration of a spacecraft acoustic test will usually preclude
any manual readjustments of the generators' controls being made during the test. Although spectral
level test requirements cover the range of frequencies from 20 Hz to 10 kHz, it should be noted that
presently available commercial electro-pneumatic noise generators may only have direct control in
the nominal frequency ranges of up to 500 Hz for 30 kW generators, and up 101,250 Hz for 10 kW
generators.

*Investigation supported by the Institute for Aerospace Research, N.R.C.C., under Intense Noise Project
#23310.
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The remainder of the spectral levels in the higher frequency ranges have to be filled by non-linear
harmonics from lower frequency inputs and by auxiliary aerodynamic (ref 2) or loudspeaker noise
sources (ref 3).

It is therefore essential for accurate manual control and for the design of automatic control
systems that quantitative data be assembled of the effects of the main control parameters (electrical
current and gas pressure) on the non-linear acoustic performances. The main purpose of this paper is
to illustrate some of these non-linear effects by presenting performance data from a 30 kW type
generator that was connected to the LA.R. Spacecraft Chamber by a 32 Hz horn and which was being
used to produce qualification test spectrum at overall levels of 146.6 dB for Ariane or Space Shuttle
type launches.

The I.A.R. Spacecraft Chamber has floor dimensions 0of 9.75 m (32.0 ft) x 6.9 m {22.6 ft) and a
height of 8.0 m (26.2 ft) giving a total internal volume of about 540 m3 (19,000 t3). A side view of the
chamber with its complement of three 30 Kw, one 10 kW and four N.A.E. aerodynamic generators
connected to 25, 32, 100 and 200 Hz horns is shown in figure 1.

SYMBOLS
1 r.m.s. of electrical
current supplied to generator (amp)
IdB 20 log 1p{]), electrical current
level (ref 1 amp)
P air pressure supplied to generator (p.s.i.g.)
dB 1/3 octave sound pressure level (ref 20 pPa)
O.AS.P.L. overall sound pressure level
(25 Hz - 10 kHz) (ref 20 pPa)

ACOUSTIC PERFORMANCE TESTS (MANUAL CONTROL)

Manual Control System

The noise generator's control system is illustrated in figure 2. The manual control system
consisted of an electrical random noise generator which supplied spectrally shaped drive current to
the armature of the electro-pneumatic generator. The drive current spectrum was shaped over the
frequency range of 25 to 630 Hz by fifteen adjustable 1/3 octave filters located in the equaliser unit.
The overall current, (I), was adjusted to the required level by the gain on the audio power amplifier.
Compressed air was supplied at selectable pressures, (P), to the generator and in most of the tests
described here was held constant at 30 or 10 p.s.i.g. The acoustic sound pressure level spectrum in the
chamber was measured by an array of six 1/2-in. diameter pressure response condenser microphones
and the averaged spectrum was displayed and recorded on a 1/3 octave real time analyser.

Preliminary Set-up

In a preliminary experiment, to meet the representative spacecraft qualification tolerances
over the 25-500 Hz range, the air supply pressure was set to 30 p.s.i.g. and the gains of the power
amplifier and the fifteen equaliser filters were adjusted until the sound level spectrum in the chamber
was as close as practicable to the mean spectrum between the two tolerance lines for the frequency
range of 25 to 500 Hz. The drive current which best met this mean spectrum occurred at 18.5 IdB,
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although it will be noted in figure 3 that the spectrum and the overall level tolerances can be met over
a wider range of frequencies when the current is increased to 20 and 21 1dB. The 18.5 IdB setting was
used as a reference in the following tests.

Variation of Sound Spectra Levels with Drive Current (30 p.s.i.g.)

The air supply was selected at a fixed value of 30 p.s.i.g. and sound level spectra were recorded
for a series of drive current levels. Figure 4 shows selected spectra over the drive current range of 0 to
21 1dB with the corresponding overall sound levels increasing from 122 dB to 148 dB. An important
feature to note, in addition to the effect of increased current on overall levels, is that the spectral
slopes at frequencies below the maxima levels become more steep while slopes at frequencies greater
than the maxima levels become less steep with increase of current. This non-linear effect on spectral
shapes must be taken into account if the spectral shape is set during a preliminary spacecraft test at
lower levels, e.g. at -10 dB or -5 dB. The asymptotic value of about 111 dB which is reached at
frequencies between 1 kHz and 10 kHz, when the drive current is reduced below 9 1dB, is due to the
residual noise of air flowing through the noise generator at 30 p.s.i.g.

The sound pressure levels in each 1/3 octave band and the overall level are plotted against the
current level in figure 5. These curves are valuable for predicting sound level spectra at any selected
drive current and for anticipating areas in which spectral control may be difficult. Distinct
characteristics are recognisable in the set of frequency band levels up to 630 Hz which are directly
controllable by the equaliser and in the set of frequency band levels above 630 Hz which are related to
harmonic distortions. The modulator residual airflow noise also makes significant contributions to
the levels for frequencies below 630 Hz and for the overall level when the current falls below 6 IdB. A
general characteristic is that the slopes of the sound pressure level curves increase with increase of
frequency and decrease with increase of current. Typical slopes range from 1 dB/1dB for the 25 Hz
band to 2 dB/1dB for the 400 Hz band, while the overall level has a slope of approximately 2 dB/1dB at
10 IdB and 0.9 dB/1dB at 20 IdB. A current level increase of 6.5 IdB would be required in this case to
raise the overall level by 10 dB from a 136 dB pretest low level to the target qualification level of 146
dB overall.

Variation of Sound Spectra Levels with Air Pressure (18.5 Idb)

The air pressure to the noise generator was set at a series of values between 30 p.s.i.g. and 5
p.s.i.g. while the drive current remained at the qualification level of 18.5 IdB. Typical spectral levels
are shown in figure 6. The effect of decreasing the drive air pressure was to progressively decrease the
overall sound pressure level from 145.8 to 138.4 dB and to steepen the slopes of the spectra levels on
either side of the maxima which occured at 400 and 500 Hz. The sound pressure levels in each
frequency band are plotted against air pressure in figure 8. As the air pressure is reduced from 30 to 5
p.s.1.g.. the sound pressure levels for the 1/3 octave frequency bands of 25, 500 and 10,000 Hz fall 9.5;
4.5 and 16 dB respectively . It will be noted that the overall sound pressure falls only 1.9 dB as the air
pressure is reduced to 15 p.s.i.g. and therefore a significant saving can be made in compressed air flow
requirements in cases where a trade off is posssible between higher drive current and lower air
pressure. In some cases it may be advantageous (o run the generators at lower pressure when spectra
with steeper slopes on either side of the maxima are required or because more linear response
characteristics are needed for more accurate performance predictions. To illustrate this a new set of
sound level spectra were recorded for various drive currents with the supply air pressure set at 10

p.s.i.g.
Variations of Sound Spectra Levels with Drive Current (10 p.s.i.g.)

Sound level spectra with the generator's air pressure set at 10 p.s.i.g. were repeated for a series
of drive currents. Typical spectra for a range of drive current levels from -5 IdB to 21 IdB are plotted in

figure 7 and detailed plots of the 1/3 octave and overall levels are plotted against current level in figure
9. The most significant change in performance when comparing figure 9 (10 p.s.i.g.) with figure 5 (30
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p.s.i.g.) is that, over the direct control frequency range of 25 to 630 Hz, the slopes of the sound pressure
level curves are close to 1 dB/IdB for the 10 p.s.i.g. and therefore in this frequency range spectral
shapes are much less sensitive to current level changes than those found at 30 p.s.i.g. In the case of
sound pressure levels at frequencies of 800 Hz and higher, it will be seen that the slopes are greater, but
are similar to those found at 30 p.s.i.g. for the higher frequency range. The airflow generated
background noise effects are now lowered to approximately 99 dB for the highest frequencies and are
only marginally detectable in the lower frequency range between 50 and 25 Hz. It will be noted that
the overall levels are 143 dB at 20 IdB and 132 dB at 8 IdB for an air pressure of 10 p.s.i.g. (figure 9), but
corresponding levels in the 30 p.s.i.g case (figure 5) are 147.5 and 128.5 dB respectively.

When comparing overall sound pressure levels at 10 p.s.i.g. with those at 30 p.s.i.g. it will be
noted that, for current levels above 12 1dB, the overall sound pressure levels for 30 p.s.i.g. are greater,
whereas below 12 IdB those for the 10 p.s.i.g. case are greater. This explains the anomaly that with
certain selected lower drive currents the overall level and some 1/3 octave levels will decrease as the
drive pressure is increased.

Al TIC PERFORMANCE TEST (A MATIC CONTROL

Automatic Control System

An analog random-noise vibration automatic control system that is no longer in production
was added to the generator system, as shown in figure 2, with the object of reducing the pretest time
involved in accurate manual testing and in compensating for spacecraft acoustic absorption.

A target spectrum is preselected on the control unit's equaliser and the automatic controller
adjusts the drive current until the spectrum levels in the test chamber match the target spectrum
levels. The technique for switching from a preset acoustic level to a test acoustic level differs from the
vibration technique because of the non-linear effects in acoustic generation. The acoustic technique
achieves a step increase of acoustic levels by decreasing the gain of the microphone amplifier signal
by an amount exactly equal to the required increase. At the same time the gain of the controller's
amplifier may be increased by an amount that would not allow acoustic spectral levels to overshoot.
(The maximum allowable control gain increase may be assessed from the performance curves for the
appropriate air supply presssure; e.g. figure 5 gives 6.5 IdB for an overall level increase from 136.6 to
146.6 dB).

Set-up Procedure

The generator's air supply was set to a pressure of 30 p.s.1.g. and the controller's equalisers in
the frequency bands between 25 and 600 Hz were adjusted until the empty chamber's sound pressure
levels spectrum met the qualification launch spectrum tolerance as shown in figure 10. This
qualification level was met with the microphone amplifier attenuation set to 20 dB.

Varlation of Sound Spectra Levels with Selected Levels

Various gains (microphone attenuation settings) were selected over the range of 0 dB to 23 dB
and the acoustic spectra recorded alter steady conditions had been reached on the analyser. A
selection of achieved spectra are shown in figure 11. The overall and 1/3 octave band levels have been
plotted against the selected gain in figure 12. It will be noted in the latter figure that the 1/3 octave
levels for 80 to 500 Hz are parallel and increase accurately with a slope of 1 dB/dB. Therefore the
automatic controller has an advantage over the manual control system in that pretest and test
acoustic levels can be set up accurately with the same spectral shape and that non-linear and
spacecraft absorption effects can be corrected.
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COMPARISON OF AUTOMATIC CONTROL WITH MANUAL CONTROL FOR QUALIFICATION TEST
WITH -10 dB PRETEST

Automatic Control Pretest (-10 db) and Qualification Test

The compressed air supply to the generator was adjusted to 30 p.s.i.g. with the relative
humidity in the chamber stabilising at 2 % with an ambient temperature of 22° C + 2° C. The
automatic control system with its equaliser target spectrum as previously set up was switched on with
the pretest gain setting of 10 dB. The 1/3 octave real time analyser was selected with a 4 sec.
exponential averaging time and a sampling rate of 2 per sec. The qualification test level was selected
by switching the controller gain to 20 dB at a time of 20 sec. The generator was switched off at a time of
70 sec. The time histories of the overall and selected 1/3 octave sound pressure levels are given in
figure 13 with the achieved qualilication test spectrum and tolerances being shown in figure 15.

Manual Pretest (-10 db) and Qualification Test
The manual control equaliser settings remained as set for all the previous manual tests.

The air pressure, the chamber ambient conditions and the analyser settings remained as in the
above automatic control test. The power amplifier was adjusted to provide an overall level of 136.6 dB
for 20 sec. before being readjusted to the setting which gave an overall level of 146.6 dB. The generator
was then switched off at a time of 70 sec. The time histories of the overall level and selected 1/3 octave
levels are plotted in figure 14 with the achieved qualification test spectrum and tolerances being
shown in figure 16.

CONCLUSIONS

Details are contained of the non-linear acoustic performance of the LA.R. Spacecraft Acoustic
Chamber while it was being driven by a 30 kW electro-pneumatic generator and a 32 Hz horn using a
manual control system to provide qualification and pretest acoustic spectra levels to simulate typical
rocket launch noise. This type of performance data becomes increasingly important as tighter test
tolerances require the development of more accurate test methods. The acoustic performance became
more linear when the noise generator's air pressure was reduced from 30 p.s.i.g. to 10 p.s.i.g..

The second part of this paper reports on the performance of an analogue random noise
vibration automatic control system which was adapted to cater for the non-linear characteristics of
the noise generators. This automatic control system proved itself capable of matching the spectral
accuracy of the manual control system during a typical qualification test and is likely to demonstrate
considerable saving in time when testing spacecralt with large acoustic absorptions or when the
pretests require the same spectral shape to be produced at lower levels.
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ABSTRACT

Modern analytical techniques have expended the ability to evaluate solid rocket motors
used in launch vehicles. As more detailed models of solid rocket motors were
developed, testing methods were required to verify the models. Experimental modal
analysis (more commonly known as modal testing) of space structures and launch
vehicles has been a requirement for model validation for many years. However,
previous testing of solid rocket motors has not typically involved dynamic modal testing
of full scale motors for verification of solid propellant or system assembly properties.
Innovative approaches to the testing of solid rocket motors were developed and modal
testing of a full scale, two-segment Titan 34D Solid Rocket Motor (SRM) was performed
to validate detailed computer modeling. Special modifications were made to convert an
existing facility into a temporary modal test facility which would accommodate the test
article. The assembly of conventional data acquisitior equipment into a multiple
cha.nel count portable test system has made modal te.iing "in the field" feasible.
Spe-~ial purpose hydraulic exciters were configured to apply the dynamic driving forces
required. All instrumentation and data collection equipment were installed at the test
site for the duration of the test program and removed upon completion. Conversion of
an cxisting test facility into a temporary modal test facility, and use of a multiple
channel count portable test data acquisition system allowed all test objectives to be met
and resulted in validation of the computer model in a mimmum time.

INTRODUCTION

The Titan 34D design was reassessed following the 34D-9 launch failure in 1986. Two
SRM make up the solid propellant portion of the Titan 34D launch vehicle. An
individual motor comprises of 5 1/2 segments. Each segment is about 3.3 meters (130
inches) long, 3.05 meters (120 inches) in diameter, and weighs about 3.6x10° N (8x10%
pounds). A cutaway view of a segment is shown in Figure 1.
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The recovery program involved development of detailed finite element analysis models
of the motor segments and the full motor assemblyl. These detailed models were then
evaluated to assess the loads (both static and dynamic) which occur prior to and during
launch. The effects of launch dynamics on the segment joints as well as the overall
system were evaluated during this program. A finite element model representation of
the SRM is shown in Figure 2.

Previous testing of SRM typically involved static evaluation of the loads and deflections
which were used to correlate computer models. Beam representations of the SRM were
used to evaluate dynamics for controls information. The latest recovery program also
focussed attention on the participation of dynamics in the behavior of the SRM joints.
In order to validate the model dynamic predictions, an extensive modal test was
performed on a two-segment portion of SRM in a specially modified test facility.
Testing was performed with segments containing live propellant so that the true
propellant properties were included in the test. Two segments were used in the test so
that the joint which is used to connect the segments was an integral part of the
evaluation and verification of the model.

An existing facility,which permitted testing of live propellant articles, was modified to
handle the large test article while accounting for the live propellant. This facility was
used in order to keep the program cost under control while allowing the facility to be
readied in as brief a time as possible.

Because the remote test facility did not include test hardware, a portable system was
assembled to allow all parts of the system to be moved to the site, set up for the test
and then removed at the completion of testing

This paper describes the configuration of the test facility for this special testing program
and details the portable test system which was used for conducting the test.

TEST FACILITY

The test article size and weight required that a test facility be identified which would
accommodate the two-segment SRM specimen. In addition, the test was to be conducted
below ground level for safety reasons. The test facility which was selected would
satisfy this requirement, but its isolated location required that portable test equipment
be ased to perform the modal test. While the identified test site would accommodate
the SRM test article, the existing site needed to be converted into a temporary modal
test ng facility.

The modal survey test facility consisted of two primary buildings. The main test
building, where the modal testing was performed, contained a 6.1 meter (20 feet) deep
by 5.5 meters (18 feet by 18 feet) square concrete lined test pit to accommodate the
test article. A temporary instrumentation building was fabricated adjacent to the main

1"Dynamic analysis and testing for the Titan 34D Recovery Program”. SDRC Final Report
to CSD, October, 1987.
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building to serve as a storage and temperature conditioning facility for the SRM
segments prior to their installation in the main test facility. This temporary building
was also used to install some of the instrumentation to be used in the modal test prior
to the assembly of the test article. ~Movement of the SRM segments between the
buildings was accomplished using a crane. Each of the SRM segments was lowered into
the test pit through a roof opening in the main test building. Final assembly of the
segments then occurred in the main test facility where the test article was installed in
the vertical orientation.

Since the main building was an existing one, special modifications to the building and
the test pit had to be made in order to perform the modal test. The modal testing was
to be performed with the two segments assembled and then suspended to simulate a
free—free boundary condition.  This free—free boundary condition was simulated by
supporting the test article from the forward segment joint with an airbag suspension
system. The two segment test article was supported from above to place the joints in
tension as it is in flight. Since this suspension system had a very low stiffness associated
with it, the rigid body modes of the test article on the suspension system were very low
in frequency (below 2 Hz) which gave the appearance of a free boundary condition.

The suspension system was built over the top of the test pit. The overhead support
assembly consisted of a tubular ring attached to the floor by four vertical strut
assemblies. Twenty airbag isolators were mounted on top of the tubular ring for
suspension of the test article as shown in Figure 3. A load plate was installed on top of
the airbags. Steel rods and cables were attached to this ioad plate on one end and the
test article on the other. A handling ring, installed on the upper joint of the test article,
was used to attach the steel cables which ran from the test article to the suspension
system. The parameters used for the generation of a finite element model to analyze
the overhead support are listed in Table 1. The general layout of the test facility is
shown in Figure 4.

In addition to the suspension system, a support stand had to be installed in the bottom
of the pit to allow the test article to be stacked and assembled prior to the suspension
system being attached and activated. This base support was comprised of a main
supporting ring with eight equally spaced legs around the circumference. The base
support was analyzed using a finite element model, and its main parameters are also
summarized in Table 1. Final instrumentation was installed on the test article after the
two segments were joined while resting on this base support stand. Once all of the test
articie assembly and instrumentation were completed, the airbag suspension system
was 1inflated, lifting the test article off of the support stand.

Work platforms were also installed in the test facility which allowed access to different
levels of the test article for installation of instrumentation and the attachment of
hydraulic exciters. The dimensions of the specimen and the pit allowed access to install
instrumentation around the joint between the two segments.

213



TEST FACILITY STRUCTURAL EVALUATION AND VERIFICATION

Proof load testing of the overhead support structure was performed to verify structural
integrity of the main elements of the assembly. This included testing of the upper ring
with steel cable sling assemblies as well as the main frame with the airbags under the
designed loading conditions. The test setup for the proof loading was as shown in
Figure 5. A specially designed bottom ring was secured to the bottom of the test pit
and connected to the sling assemblies by twenty steel stranded cables.  Separate
turnbuckles on each cable were used to achieve equal cable tension prior to
pressurization of the suspension system. Four pressure gauges were used to control the
airsprings as the air pressure was increased to that required for the proof test
(8.27x10° Pascal or 120 psi). Four LVDT's monitored airspring heights in the range
from 0.05 to 0.15 meter (2 to 6 inches). The total maximum proof load was limited to
3.9x10° N (2.0x10° pounds) which is 25% higher than the suspended weight of the
assembled test article.

During the proof test, the air pressure in the air springs was gradually increased and
recorded every 3.45x10% Pascal (5 psi), together with the recording of airspring heights
and the upper ring position. After the maximum load of 9.07x10°5 N (2.04x10° pounds)
had been achieved, the air pressure was removed and the overhead support assembly
and its mounting was thoroughly inspected. Since no sign of failure or plastic
deformation was observed, the fixture had passed the proof load test and was approved
for subsequent operations. At this time the positioning and stacking of the two-segment
test article was performed in preparation for the execution of the modal testing
program.

PORTABLE TEST SYSTEM

A portable large channel modal test system allowed the remote testing to be setup and
performed in six days. The excitation systems and the aata collection equipment used
were both designed and assembled to be easily transported and installed at remote
facilities. The next sections describe the equipment which was used.

Excitation Equipment

The size and heavy damping properties of solid rocket propellant dictated that large
excitation forces be used for conducting the modal survey. Hydraulics exciters were
chosen since the system size could be kept to a minimum which would allow it to be
much more portable than electrodynamic exciters with equivalent force capability. The
hydraulic exciters were powered using portable hydraulic pumps and actuated with
high speed servo valve actuators. The high speed actuators allowed the frequency
range of interest (2 to 128 Hz) to be met for the modal sutvey. Four hydraulic exciters
were employed for the test. Two of the exciters were installed at the aft joint of the aft
SRM segment. The other two exciters were installed at the handling ring of the forward
segment. The exciter locations are shown in Figure 6.

Exciter locations were selected by using the finite element analysis model prior to the
test.  Predictions of the test article frequency response functions (FRF) were made and
these were evaluated to determine whether all of the dynamic modes in the frequency
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range of interest could be extracted with the exciters positioned at these locations. This
type of evaluation allowed the fixturing which was required to attach the exciters to the
test article to be fabricated ahead of time while giving high confidence for a successful
test. The two shakers at the aft end of the test article were rigidly constrained to a
backup structure. The shakers installed at the forward end of the test article were
attached to reaction masses since there was no rigid structure which could be used to
react against.

The hydraulic shakers are shown in Figure 7. Special consideration was given to the
safety of using a hydraulic shaker attached to a solid propellant test article. Fittings
were designed for attachment of the shakers to the test article which would serve as a
mechanical fuse and limit the amount of force which could be applied to the SRM
segments. With these fittings, if a preset force level limit was exceeded, the fitting
would slip, thereby keeping any additional force from transmitting to the test article.

Both random and sinusoidal excitation signals were used to drive the test structure. The
random signals were provided by independent sources so that burst random (or random
transient) excitation [1] could be employed. Multi—-Point Random (MPR) excitation [2]
was used as the primary investigative excitation type for the modal survey.
Confirmation of mode shapes and investigation of damping characteristics were
performed using sinusoidal excitation with a closed loop Multi-Phased Stepped Sine
(MPSS) [3] shaker control and mode measurement system.

Signal Measurement and Conditioning Equipment

A high channel count data acquisition system was required for the test program to
obtain all of the necessary FRF for the modal survey. Due to the nature of modal tests
and the requirements for the stationarity of the data [4], roving instrumentation was
not used. As a result, all of the instrumentation was instalied prior to the test so that all
dat: could be collected quickly once the testing was underway. A total of 230
accelerometers were installed on the two SRM segments, on the propellant bore, on the
propellant inhibitor, and on the outer casing. These transducers were installed at 132
locations which had been defined by pretest analysis efforts. Figure 8 shows the
distribution of the measurement locations which were used in the test. An equal
number of amplifier channels were provided so that there was a one-to—one
correspondence between the accelerometers and the signal conditioning.  Load cells
were installed at each of the shaker excitation locations to measure the applied force.
The resulting force and accelerometer measurements were used to compute the FRF for
the test article.

All of the signal conditioning equipment was installed in a standard 19-inch
instrumentation rack which was used to transport the equipment to the test site. The
same rack contained a switch box to select the set of data which was acquired at any
time during the test. Oscilloscopes, which were used to monitor the signals from all
chaunels during the data acquisition process, were also rack mounted for portability.

Having all of the test equipment installed in racks prior to shipment to the test allowed
the setup time to be kept to a minimum while the test harcware was tied up. All of the
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accelerometers, as well as the other control equipment and the data acquisition system,
were installed over a four day period.

Data Acquisition Equipment

The data acquisition system for this modal survey was built around a GenRad 2515
computer aided test system. This system is a 16 channel data collection and processing
system.  Using the four excitation signals from the load cells and twelve response
measurements at a time, all of the measurements on the test article were made. The
excitation signals were monitored continuously while groups of twelve responses were
measured and the corresponding FRF were obtained. Multiple time ensembles were
collected and averaged to compute the FRF. As each set of FRF was computed, the data
was stored on the data collection system disk and transfered to the data analysis
computer for processing. In order to collect all of the FRF data using random excitation,
twenty data sets of twelve each were collected.

Sinusoidal data acquisition was performed in addition to the random excitation. The
test data acquisition system has been modified with the addition of a 240 channel
multiplexed data collection system for MPSS operation [5]. Using this hardware single
frequency sine dwell mode shapes were measured and stored on the data acquisition
system storage media. Multiple force levels were also used to determine the linearity of
the dynamic response of the system. The mode shapes were transferred to the data
analysis system where they were compared to the data obtained from the random
survey; orthogonality checks were completed with respect to the analysis mass matrix.

Data Analysis Equipment

A Vax computer was used to process the modal data at the test site. By having the data
analysis computer available, the test data was immediately transferred to the analysis
system for review. Data processing was performed while further data acquisition
proceeded.  This arrangement' of the test system permitted rapid evaluation of the
modal results to determine whether further testing was needed and allowed quick
identification of any instrumentation errors which could be fixed prior to further data
collection.

Data transfer between the data collection system and the data analysis system was
performed using direct transfer of the storage disk as well as a communications link
between the two systems. All of the modal parameters were extracted on the data
analysis system. Then the mode shape results were transferred back to the data
acquisition system where animation of the mode shapes were performed.

Figure 9 shows the entire setup which was used during the modal test program.

CONCLUSION

Requirements for specialized tests often demand that remote facilities be used for
testing. Even when test locations are convenient, extensive effort may be required to
install all of the test equipment prior to the start of a test. Portable test equipment
allows a test to be setup rapidly to reduce the impact on the overall program schedule.
Nevs sophisticated numerical algorithms have been developed and greatly improved the
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collection of data during modal tests. The assembly of a complete portable modal
testing capability has allowed modal testing to be performed in virtually any location
with reduced setup time. This has kept overall test time and program costs to a
minimum. Further improvements in the test hardware computational capability and
portability have taken place since this test was conducted. Extremely sophisticated
modal test laboratories can be quickly transported from one site to another keeping test
time to a minimum.
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Table 1. Support Structure Parameters.

Structure Base Support QOverhead Support
Diniensions 3.1 m diameter by 1 m height 67 x 6.7 x25m
Material A36 Steel Weldment A36 Steel Weldment
Weight, kN 6.7 29.4
Design Load, kN 800 815
Maximum Vertical 0.3 1.7
deflection, mm
Maximum calculated 74.4 64.5
stress, MPa
Factor of safety on yield 3.34 3.85
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FIGURE 1. A cutaway view of the Titan 34D SRM segment showing the dimensions.
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A finite element model of the Titan 34D SRM was developed in preparation

for the modal test and for loads analysis.
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FIGURE 3. The test article suspension system used twenty airbag isolators to support
the two segment assembly.
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The test facility layout shows the orientation of the test article as installed.
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FIGURE 5.  The configuration of the proof load test which was performed prior to
installation of the test article to verify the suspension system.
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FIGURE 6. Four exciter locations were used to perform the modal survey: two at the top
segment handling ring and two at the bottom segment flange.
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FIGURE 7. The hydraulic exciters as installed:
a) top segment radial exciter
b) top segment skewed exciter
¢) bottom segment horizontal exciter
d) bottom segment axial exciter
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FIGURE 9.

The computer controlled, multiple channel data acquisition system, and
automated data analysis system allowed all data to be rapidly collected and

analyzed.
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INNOVATIONS IN DYNAMIC TEST RESTRAINT SYSTEMS -/ 7

Christopher J. Fuld
McDonnell Douglas Space Systems Company

MP (2 &
ABSTRACT —

Recent launch system development programs have led to a new generation of large scale
dynamic tests. The variety of test scenarios share one common requirement: restrain and capture
massive high velocity flight hardware with no structural damage. The Space Systems Laboratory
of McDonnell Douglas Space Systems Company in Huntington Beach Ca. has developed a
remarkably simple and cost effective approach to such testing using ripstitch energy absorbers
adapted from from the sport of technical rockclimbing. The proven system reliability of the
capture system concept has led to a wide variety of applications in test system design and in
aerospace hardware design.

INTRODUCTION

Falling is a common occurrence in sport rock climbing. As a result, technical rock climbing
safety systems have reached extremely high levels of reliability and simplicity. A climber’s
restraint system consists essentially of a rope and its anchors. The rope serves as a high strength
energy dissipation system which effectively limits restraint forces. Specialized devices, ripstitch
energy absorbers, further augment the force limiting capabilities of the system. The climber
skillfully integrates the parameters of his situation with safety system elements to form a system
which assures a ‘‘safe motion envelope’” should a fall occur.
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Restraint System Design is Applicable to a Wide Variety of Test Applications
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An analogous challenge exists in aerospace dynamic testing. Test articles must be exercised and
captured within a safe motion envelope large enough to record pertinent dynamic response data.
Structures must be restrained in a controlled force manner. The test engineer integrates high
reliability restraint elements with a wide variety of system parameters to assure success. These
parameters include the test article, the safe motion envelope, test data parameters and the restraint
system itself.

THE TEST ARTICLE

Kinematic and Mass Properties

Restraint systems apply external forces to control and ultimately bring to rest the test article.
The motions of the test article before during and after the application of the restraint forces are
all equally important. The initial free motion of the test article involves some combination of
translation, roll, pitch and yaw velocities and accelerations. The restraint system applies a set of
forces which modify the motions of the test article. The magnitude and location of the restraining
forces determine the resulting kinematic properties of the test article (Figure 1).

103185

Counter
Torque

Free Flight Restraint
Kinematics Reaction

Figure 1. Dynamic Test Kinematics

The mass and kinematic properties of large test articles result in great restraint system design
challenges. Large fairing structures have enormous moments of inertia and significant angular
velocities. Angular velocities are reduced by applying restraint forces which generate a counter
torque (and hence an angular acceleration) which suitably positions the body at rest. Computer
modeling has proven quite helpful in simulating the dynamic response of the system.

Structural Strength
The test article structural strength must be considered from the standpoint of restraint system
loading. Aerospace structures are designed for optimum strength to weight ratios, hence reverse
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loading situations encountered in restraint situations tend to load structures in their weakest mode.
While single point loading (as incurred with rebound restraint systems) can present real problems,
the distributed nature and loading magnitudes of primary restraint systems have proven in our
applications to be orders of magnitude less then the loadings incurred during the ordnance
separation event.

SAFE MOTION ENVELOPE/ TEST DATA PARAMETERS

Dynamic motion tests are performed to gather pyroshock and flexible body motion data. While
shock event is completed relatively soon after the separation event, motion data is usually
significant for a period of time thereafter (depending on the natural frequency of the test article).
As this freeflight time is typically on the order of .25-.5 seconds, the test article must translate
for an appreciable distance, .45-1.5 meters (1 .5-5 feet), to allow for high speed camera and strain
gage data acquisition prior to restraint system engagement. The safe free motion and catch
envelope is thus tailored to this data constraint and the external geometries of associated facilities
and support structure. Restraint loading and free motion parameters are hence variables to be
optimized.

RESTRAINT SYSTEM ELEMENTS

Restraint system design involves predicting system behavior and then designing for beyond
envelope margin. The Space Systems Laboratory has extensively tested system elements to fully
characterize element performance.

Rip-Stitch Energy Absorbers (Figure 2)

While rip-stitch energy absorbers (or rippers) are nothing new to climbers, the application of
the device to test is somewhat novel. A length of webbing folded over and stitched appropriately,
the shock loaded ripper tears the stitches at a constant mean force level, and in the process absorbs
energy. Altering the thread material, thickness or stitch pattern alters the tear force. Modern
industrial sewing machines are capable of mass-producing low cost assemblies with impressive
tear out force repeatability (£5%) at a low unit cost ($10 and up).

SSC 113445 103218

Figure 2. Ripstitch Energy Absorber Assemblies
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How Rip-Stitch Energy Absorbers Work
Rippers absorb energy through the classic work equation:

E= " Fa

where

E = net energy dissipated by the ripper
F = mean ripper tear force

S = total ripper tear out distance

: 07/30/90
Ripper assemblies are sewn in a variety of force values, tear out distances and stitch patterns.

Overall average rip force levels for readily available single assemblies range from approximately
445-4450 Newtons (100 Ibs to 1000 Iby). Arrest force values can be increased by employing
parallel ripper assemblies. Such arrangements amplify the force in a relationship dependant on the
assemblies stitch pattern.

Rip-Stitch Energy Absorbers Stitch Pattern

Ripper stitch patterns vary between manufacturers. Typical stitching methods include bar tacks
sewn normal to the webbing in long stripes, bar tacks sewn perpendicular to the webbing, and
sinusoidal stitch patterns. Rip stitch energy absorber force profiles are unique to the type of stitch

pattern (Figure 3).
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Figure 3. Ripstitch Energy Absorber Force Profiles

Most restraint applications are insensitive to energy absorber frequency response, hence stitch
patterns are usually not a significant system design issue. One exception occurs in parallel ripper
arrangements (to amplify restraint force). Ripper elements utilizing perpendicular bar tacks may
demonstrate a ‘phasing’ effect which reduces the system restraint force (Figure 4).

Rip-Stitch Energy Absorber Testing

While high speed data acquisition has been successfully employed to measure ripper tear out
force, a simple evaluative test has been devised by SSL to characterize vendor shipments and
validate uniformity. The method employs a simple vertical drop test utilizing a known rigid weight
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Figure 4. Parallel Ripstitch Energy Absorber Force Profiles

with measured freefall and tear out distances (Figure 5). The relationship of net ripper force to
the measured setup distances can be shown to be:

i

wg s
Il

Release
System

= average ripper force

weight of rigid drop mass
total mass free fall distance
total ripper tearout distance

1.

1 07/27/190
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Figure 5. Energy Absorber Drop Test Approach
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Restraint System Strength and Elasticity

Rippers, webbing and rope are typically fabricated from synthetic materials such as nylon or
polyester fiber. Such software possesses impressive strength and an elastic behavior defined by
the chemistry of the fiber and the weave of the assembly. Rip stitch energy absorbers limit element
loading to levels determined by the test article, kinetic energy, safe catch envelope and the amount
of residual stored energy in the system.

In normal situations, rip stitch energy absorbers limit the amount of stored spring energy in the
system (due to inherent elasticity) to extremely low levels. The amount of stored energy resulting
from elasticity is a function of the system spring constant and effective damping resulting from
the assembly. Measurement of these parameters has been achieved through modeling tests
involving the spring/damper system during transient oscillatory motion (Figure 6). System stored
energy is an obvious consideration; large tests such as the Titan 86 Foot PLF Separation Test
required extensive analysis.

BN SN 103173 M4DD
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Impact studies have
also been performed)

Figure 6. Experimental Technique To Measure Restraint System Element Kinematic Properties

Elasticity is not a completely undesirable element in restraint systems. Elasticity preserves an
extra safety factor; should an off margin scenario occur, the fiber elements absorb an incredible
amount of energy during impact stretching. The importance of rebound restraint systems increases
in these situations.

Rebound Restraint
Dynamic restraint systems are always designed to accommodate an off-nominal event, indeed
such possibilities justify testing. As such occurrences raise the likelihood of increased stored
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energy, the limiting of rebound effects is essential. Rebound limiting is accomplished by applying
a benign restraining force to the test article in a manner which is conducive to the overall test
requirements.

Some tests have utilized gravity to limit rebound. The HEDI 1DO018A Interstage separation test
employed a unique overhead suspension system which utilized gravity to mitigate rebound effects
(Figure 7). The Modified Titan PLF separation test utilized an overhead compound pendulum
suspension technique to dampen rebound (Figure 8).
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Figure 7. HEDI 1D018A Overhead Suspension System
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Figure 8. Titan Overhead Compound Pendulum Suspension
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Active retracting clutch systems have been used with complete success by SSL. Nylon ropes
are suitably attached to the test article and routed to pulleys and rope clutches (Figure 9). A
tensioned bungee cord propels the systems during test to prevent excessive rope slack. The
clutches engage during rebound and limit control resulting motion. Engagement shock is
significantly reduced by integrating a ripper in the retractor line.
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Figure 9. Active Rebound Restraint System

TEST APPLICATIONS
HEDI 1D018A Interstage Separation Test, 19 July 1988 (Figure 10)

Test Article Specifications

Length: Interstage: 0.58 m (1.95 ft)

Kill Vehicle (KV): 0.54 m

Diameter: 0.5 m (1.6 ft) nominal

Weight: Interstage — 407 kg (898 Ib) KV — 367 kg (810 Ib)

Separation System: Severance/thruster system

Predicted Separation Velocity: Interstage — 5.27 m/s (17.5 ft/s) KV - 5.67 m/s (18.9 ft/s)
Actual Separation Velocity: Interstage — 5.9 m/s (19.8 ft/s), KV - 6.57 m/s (21.9 ft/s)

Restraint System Specifications

Configuration: external harness/reaction frame, overhead pivotal suspension tube with integral
rip stitch energy absorbers.

Rip stitch energy absorbers: Horizontal — Twelve, 1424-N (320 Ibf) energy absorbers,
Vertical - Four, 1424-N energy absorbers incorporated in overhead pivot suspension

Rebound Restraint: pendulum suspension

Free Travel: Horizontal — 0.65 m (2.1 ft), Vertical — 0.08 m (0.25 ft)

Restraint Distance: Horizontal — 0.65 m (2.1 ft), Vertical —~ 0.15 m (0.5 ft)
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Figure 10. HEDI IDO18A Separation Test
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Test Instrumentation Specifications

High-Speed Cameras: Two Hicam cameras, 1000 fps positioned perpendicular and tangentially
to separation plane.

One Hicam, overall view 500 fps

Other: Twenty-eight accelerometers; Eight pressure transducers

Test Summary

The HEDI IDO18A test successfully demonstrated the separation system performance and
acquired necessary pyroshock data. The test restraint system functioned flawlessly and was the
laboratory’s first implementation of rip-stitch energy absorbers.

Delta II Payload Fairing Separation Test, March through November 1988 (Figure 11)

Test Article Specifications

Length: 8.6 m (28 ft)

Diameter: 2.5/2.9 m (8 ft/9.5 ft)

Weight: 658 kg (1452 Ib)

CG location: 3.6m (12 ft from aft end)

Moment of Inertia: 2283 kg m>(1587 slug ft?) (pitch axis)
Separation System: Ordnance separated bisector
Predicted Separation Velocity: 5.4 m/s (18 ft/s)

Actual Separation Velocity: 6.3 m/s (21 ft/s)

Predicted Pitch Rate: 0.034 rad/s (2 deg/s)

Actual Pitch Rate: 0.034 rad/s (2 deg/s)

Restraint System Specifications

Configuration: external capture net, 5 cm polyester webbing. Vertical restraint foam cushion

Rip stitch energy absorbers: twenty-two (11 per net side) attached to horizontal net members.

® Eight 667 N (150 Lb,) fwd CG

B Fourteen 445 N (100 Lb,) aft CG

Rebound Restraint: four active retracting clutch system six (3 per half) attached to PLF 4 m fwd
of CG

Free flight: 0.9 m (3 ft) horizontal

Restraint Distance: 0.6 m (2 ft)

Test Instrumentation Specifications

High speed cameras: Twelve 1000 fps Hicam cameras positioned along PLF separation plane
Accelerometers : Forty-four
Strain gages: Twelve

Test Summary

The Delta II PLF Separation shock test program consisted of four tests of the flight and
force-margin separation systems. Testing included evaluation of an alternate separation system
configuration and simulated separation at 0.7 g due to diminished gravitational effects. The test
effort was successfully completed in November 1988 qualifying the Delta II PLF for flight. The
separation test capture systems functioned flawlessly enabling four ordnance separations to be
performed on the same PLF with no test induced damage.
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(a) Deita ll PLF Installed in 39-Foot Chamber Prior to Separation

{b) Delta Il PLF Post-Test Configuration

Figure 11. Delta Il PLF Separation Test
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Modified Titan Fairing Separation Test, 5 October 1988 (Figure 12)

Test Article Specifications

Length: 5.25 m (17.5 ft)

Diameter: 5 m (16.7 ft)

Weight: 1208 kg (2664 1b)

Cg location: 2.52 m (8.4 ft) from aft end

Moment of inertia: 2100 kg m*(1459 slug ft?) (pitch axis)
Separation System: ordnance separated trisector

Predicted Separation Velocity: 5 m/s (16.6 ft/s)

Actual Separation Velocity: 5.8 m/s (19.4) ft/s Avg.

Predicted Pitch Rate: 0.14 rad/s (8.3 deg/s) (Forward End Out)
Actual Pitch Rate: 0.04 rad/s (2.2 deg/s) Avg

Restraint System Specifications

Configuration: internal reaction radial restraint, overhead compound pendulum vertical
restraint

Rip stitch energy absorbers:

Horizontal restraint system: total twenty-four attached to each trisector to central reaction
frame.

B Six 667 N (150 Iby); tearout 0.8 m (2.6 ft) distributed forward of cg for anti-pitch effect

B Eighteen 445 N (100 Iby) tearout 0.8 m distributed aft of CG
Vertical restraint: total four per trisector 3337 N (750 Ibf) tear out 0.2 m (0.67 ft).
Rebound Restraint: 12 active retracting clutch systems

Test Instrumentation Specifications

High Speed Cameras: Sixteen 1000 fps Hicam cameras positioned along PLF separation planes,
Two video cameras
Other: Twenty-seven accelerometers, Eighteen strain gages, Three pressure transducers

Test Summary

The modified Titan PLF separation test posed a tremendous challenge to SSL. The required safe
free motion envelope was extremely small relative to the 39-foot Space Chamber’s cryogenic
shroud walls. In a major departure from traditional fairing restraint methods, the radial capture
system was placed inside the fairing and directly attached to the structure with ripper straps. This
significantly improved the efficiency of the restraint system over external net based approaches
and increased restraint control of the fairing trisector trajectories. The fairing was vertically
restrained with an overhead suspension system designed to reduce rebound effects. The test was
a complete success despite significant variations from expected pitch rates. The energy margin
designed into the radial capture system was expended and the resulting rebound was controlled
by the rebound restraint system.
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(b) Removal of PLF Following Successful Test
Figure 12. Modified Titan PLF Separation Test
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Delta 10 Foot Payload Fairing Separation Test, 14 November 1989 (Figure 13)

Test Article Specifications

Length: 3.6 m (12 ft)

Diameter: 2.4 m/3m (8/10 ft)

Weight: 517 kg (1140 1b)

Cg location: 1.44 m (4.8 ft) from aft end

Moment of inertia: 192.8 kg m?(134 slug ft?) (pitch axis nominal)
Separation System: ordnance separated trisector

Predicted Separation Velocity: 4.5 m/s (15 ft/s)

Actual Separation Velocity: 4 m/s (13.3 ft/s)

Predicted Pitch Rate: 1.19 rad/s (70 deg/s) (Forward End Out)
Actual Pitch Rate: 1.6 rad/s (95.7 deg/s)

DAC 103638 DAC 103776-11

% N

(a) Deita 10-Foot PLF Test Set-Up Prior to Test

(b) Delta 10-Foot PLF Trisector Captured in
Restraint System Following Separation

Figure 13. Delta 10-Foot PLF Separation Test

Restraint System Specifications

Configuration: Radial restraint: circumferential ripper band (structureless)

Vertical restraint: 2-point overhead suspension with integral ripstitch energy absorbers

Rip stitch energy absorbers:

® Radial restraint system- Five bands with three 245 N (55 Ib;) ripstitch energy absorbers
installed in each band. Bands vertically positioned offset PLF pitch rate.
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® Vertical restraint system- Two 1602 N (360 Ib) ripstitch energy absorbers attached to
overhead support structure.

Rebound Restraint: Six (2 per trisector) active retracting clutch systems.

Free flight: 0.45 m (1.5 ft) horizontal

Restraint Distance: Radial 1.2 m (4 ft), Vertical 0.54 m (1.8 ft)

Test Instrumentation Specifications

High Speed Cameras: Six 400 fps Hicam cameras positioned along PLF separation plane
viewing upward at LED self-lighting camera targets; Two video cameras

Other: Thirty-six accelerometers, Twelve strain gages, Six pressure transducers

Test Summary

The test successfully qualified the Delta 10-foot diameter PLF. The test approach significantly
simplified both PLF dynamic restraint and photo data acquisition. The circumferential ripper band
radial restraint system reduced support structure requirements; the vertical restraint system utilized
existing handling points eliminating test article structural loading concerns. The test article was
successfully captured despite variations from predicted pitch rates which depleted much of the
energy margin designed into the restraint system The photo data acquisition reduced test camera
and lighting requirements as well as greatly simplifying photo data reduction. The test served as
a proving ground for the test approach utilized for the Titan 86-Foot PLF Separation test.

HEDI 1CD02 Interstage Separation Test (Figure 14)

Test Article Specifications

Length: 4 m (13.6 ft)

Diameter: 0.5 m (1.6 ft) nominal

Weight: 661 kg (1458 1b)

Cg location: Sprint/interstage: 1.1 m ( 3.6 ft) from aft end, KV: 0.84 m (2.8 ft) from aft end
Separation System: Severance/Thruster System

Predicted Separation Velocity: 5.4 m/s (18 ft/s)

Actual Separation Velocity: 5.6 m/s (18.7 ft/s)

Restraint System Specifications

Configuration: horizontal restraint external reaction frame, vertical restraint pendulum
suspension. Restraint system directly attached to test article with webbing harness.

Rip stitch energy absorbers:

Horizontal: four compound ripper assemblies per separating half. Each ripper assembly
consisted of three rippers per assembly. Rip force 1691 N (380 Ib,) per energy absorber.

Vertical: four ripstitch energy absorbers per separating half. Rip force 1691 N (380 Ib;) per
energy absorber.

Rebound Restraint: four active retracting clutch systems, pendulum suspension

Free travel — horizontal: 0.6 m (2 ft), vertical: 0.15 m (0.5 ft)

Arrest distance — horizontal: 0.4 m (1.3 ft), vertical: 0.19 m (0.63 ft)

Test Instrumentation Specifications

High speed cameras: Two Hicam cameras 1000 fps positioned perpendicular to test specimen.
One Hicam camera 1000 fps aligned at nose viewing aft. Two 200 fps overall cameras

Accelerometers: Sixty-six

Pressure Transducers: Four
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(a) HEDI ICDO2 Separation Test Prior to Test
DAG 1042391

(b) HEDI Test Article Folliowlng Successful Separation
Figure 14. HEDI ICD02 Separation Test

Test Summary

The HEDI 1CDO2 test repeated the IDO18A test of July 1988 in an actual airframe to increase
the fidelity of the separation pyroshock data. The test was performed one month after ATP,

demonstrating the advancement of test design techniques. The test was a complete success and
gathered useful data.
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PAM-S Separation Tests, December 1989-January 1990 (Figure 15)

Test Article Specifications

Length: 2 m (6.7 ft)

Diameter: 1.14 m (3.8 ft)

Weight: 1072 kg (2364 Ibs)

m Aft Adapter: 907 kg (2000 Ib) offloaded with bungee cord and counter weights.

m Motor Support: 79.38 kg (175 1b)

Separation System: Two Phase separation event (Aft adapter and Motor Support). Dual
Clampband/Spring Thrusting System

DAC 104477

) : ' a
(a) PAM-S Separation Pre-test Configuration (b) Test Article Following Separation Test
Figure 15. PAM-S Separation Test

Restraint System Specifications

Configuration:

m Aft Adapter Restraint: Four rip stitch energy absorbers directly attached to external frame.
Zero G simulation utilizing counterweights and bungee cord

m Motor Support: Four rip stitch energy absorbers directly attached to external frame.

Rip stitch energy absorbers: vertical restraint: Eight

Rebound Restraint: Four clutch systems installed on Aft Adapter counter balance system
Free travel:

® Aft Adapter: 1.125 m (3.75 ft)

®m Motor Support: 0.15m (0.5 ft)
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Arrest Distance:
B Aft Adapter: 0.08 m (0.25 ft)
8 Motor Support: 0.1 m (0.35 ft)

Test Instrumentation Specifications
High Speed Cameras: Four Hicam cameras 1000 fps. Two overall video cameras
Accelerometers : Seventy-four

Test Summary

The PAM-S separation test qualified a specialized Payload Assist Module (PAM) design for the
Ulysses solar mission. The successful effort consisted of five total separation tests; two
separations of the Aft Adapter/IUS, two separation tests of the motor support assembly, and a full
system test of the two stage system using the vehicle ordnance sequence system. The restraint
system function included a zero-G simulated separation of the Aft Adapter/IUS.

Titan 86 Foot Payload Fairing Separation Tests, October/November 1990 NASA
Sverdrup Plumbrook Station (Figure 16)

Test Article Specifications

Length: 25.8 m (86 ft)

Diameter: 5 m (16.7 ft)

Weight: 6124 kg (13500 Lb)

CG Location: 9.3 m (31 ft) from aft end (nominal)

Moment of Inertia: 43083 kg m” (29940 slug ft?) (pitch axis, nominal)
Separation System: ordnance separated trisector

Predicted Separation Velocity: 5.61 m/s (18.7 ft/s) (nominal)
Predicted Pitch Rate: 0.2 rad/s (12 deg/s) (forward end out, nominal)

103188

I

(a) Titan 86-Foot PLF in Final Rest Position (b) Titan 86 PLF Separation Test Restraint System Operation
In NASA Plumbrook Test Facility

Figure 16. Titan 86-Foot PLF Separation Test
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Restraint System Specifications

Configuration:

Radial restraint: circumferential ripper band (structureless)

Vertical restraint: 2-point overhead trisector suspension with integral ripstitch energy absorbers.

Trisectors suspended from spreader bar structure attached to chamber polar crane.

Rip stitch energy absorbers:

Radial restraint system- Twenty bands with three 1157 N (260 Ib,) ripstitch energy absorbers
installed in each band at separation joints. Vertical position of bands determined to offset PLF
pitch effects.

Vertical restraint system- Six energy absorber assemblies (two per trisector) attached to
overhead support structure. Each assembly consists of Five 4227 N (950 lby) ripstitch energy
absorbers.

Rebound Restraint: Twelve (4 per trisector) active retracting clutch system with integral 2448
N (550 Iby) rip stitch energy absorbers.

Free flight: 1.5 m (5 ft) nominal horizontal

Restraint Distance: Radial 0.9 m (3 ft) nominal, Vertical 0.54 m (1.8 ft)

Test Instrumentation Specifications

High Speed Cameras: six 400 fps cameras positioned along PLF separation plane viewing
upward and downward at LED self-lighting camera targets, three 400 fps cameras positioned
along PLF trisector center lines; two 400 fps overall cameras; two video cameras.

Other: One-hundred-twenty-one accelerometers; three-hundred-sixty-one strain gages; twenty-
four pressure transducers

Test Summary

The Titan 86 Foot PLF separation test will be the largest fairing separation test attempted to date
and reflects significant advances in restraint system design. The test restraint system is essentially
structureless, moreover an innovative high speed camera instrumentation approach has greatly

reduced the camera quantity, lighting, and related support structure requirements for a test of this
magnitude.

CONCLUSIONS

Large scale dynamic tests include a significant element of risk. The application of a deceptively
simple and effective restraint system approach has significantly reduced this risk. The high
reliability restraint technology has evolved from a systems oriented approach which utilizes
industry proven components. The versatile technology has been successfully applied to a wide
variety of test applications.
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ABSTRACT

The effects of atomic oxygen on boron nitride (BN) and silicon nitride (Si3N4)
have been evaluated in a low Earth orbit (LEO) flight experiment and in a ground
based simulation facility at Los Alamos National Laboratory. In both the in-flight and
ground based experiments, these materials were coated on thin (=250A) silver films,
and the electrical resistance of the silver was measured in situ to detect any
penetration of atomic oxygen through the BN and Si3N4 materials. In the presence of
atomic oxygen, silver oxidizes to form silver oxide, which has a much higher electrical
resistance than pure silver. Permeation of atomic oxygen through BN, as indicated by
an increase in the electrical resistance of the silver underneath, was observed in both
the in-flight and ground based experiments. In contrast, no permeation of atomic
oxygen through SigN4 was observed in either the in-flight or ground based
experiments. The ground based results show good qualitative correlation with the
LEO flight results, indicating that ground based facilities such as the one at Los
Alamos National Laboratory can reproduce space flight data from LEO.

INTRODUCTION

The low Earth orbit (LEO) environment, consisting primarily of atomic oxygen,
reacts with and degrades many commonly used spacecraft materials.1.2  For
spacecraft traveling at 8 km/sec, atomic oxygen strikes forward facing surfaces with a
collision energy of about 5 eV. The effects of the LEO environment, especially atomic
oxygen, on materials need to be understood in order to predict long term material
behavior. Materials such as boron nitride (BN) and silicon nitride (SizaNg4) are of
interest to the space materials community because they are candidate optical coatings
for spacecraft mirrors. For use on long duration missions, these materials must
withstand the environment without undergoing significant changes in optical
properties.
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Due to the scarcity and high cost of space flight experiments, ground based
simulation facilities provide an alternate means of evaluating space effects on
materials. In order to validate ground based testing, however, correlation of ground
based data with space flight data is necessary. In this paper, space flight and ground
based results for BN and SigN4 are presented. These materials were flown in a
Space Materials Experiment (SME) funded by the Strategic Defense Initiative
Organization (SDIO) through the U.S. Army Materials Technology Laboratory (AMTL)
and integrated by Sparta, Inc.3 The SME was a LEO experiment flown as a part of the
Delta Star mission, launched March 24, 1989. A variety of materials, including BN
and Si3gN4, were flown on an active panel which was instrumented so that telemetry to
a ground station for evaluation was possible. Experiments on BN and Si3Ng4 were
also conducted at the Los Alamos National Laboratory (LANL) simulation facility. The
LANL facility is capable of exposing materials to hyperthermal atomic oxygen (1-5 eV)

at real-time and accelerated fluxes (1-103 X that of LEO).4

TECHNIQUE TOQ EVALUATE THIN FILMS

The technique used to evaluate the BN and Si3gN4 films in both the Delta Star
space flight and LANL ground based experiments consists of using silver oxidation as
a sensor for atomic oxygen penetration through the films.5 A schematic of the sensors
used is shown in Figure 1. The sensor has two strips of silver (=250A) deposited on
top of an alumina or sapphire substrate. Coatings of known thickness are deposited
over the silver films, and the electrical resistance of the silver is measured in situ
during exposure to detect atomic oxygen penetration through the coating. Silver
oxidizes in the presence of atomic oxygen to form silver oxide, and the electrical
resistance of the oxide is much higher than that of pure silver. The electrical
resistance data for silver can be converted to electrical conductance (inverse of
electrical resistance) to evaluate the layers of silver remaining since electrical
conductance is proportional to the thickness of a conductor.

EXPERIMENTAL CONDITIONS

For the Delta Star SME, the spacecraft was flown in LEO at an altitude of 500km
and inclination of -48° with an estimated flux of 1.8 x 1013 atoms/cm2-sec. During the
orbiting of the spacecraft, sample temperatures varied between 10°C and 40°C. At the
LANL facility, samples were exposed to atomic oxygen at kinetic energies of 1.0 eV
and 2.2 eV. The estimated O-atom flux for the 1.0 eV exposures was 4.5 x 1016
atoms/cmZ2-sec, using an Ar/O2 gas mixture for the beam. The estimated O-atom flux
for the 2.2 eV exposures was 1.9 x 1016 atoms/cm2-sec, also using an Ar/O2 gas

mixture. In both the space flight and ground based experiments, electrical resistance
of the silver was measured in situ during exposure to the atomic oxygen environment.

Auger electron spectroscopy (AES) and scanning electron microscopy (SEM)
were performed at Photometrics Microanalytical Laboratories (Huntington Beach,
California). Transmission electron microscopy (TEM) was performed at the University
of California at Irvine.
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SAMPLE PREPARATION

For the samples exposed at LANL, the sample substrates were made of
sapphire, with surface roughness of <0.05 um. Silver (z250A) and either BN (750A) or
Si3N4 (700A) were then deposited on the sensors. The SigN4 thin films were sputter-
deposited at the McDonnell Douglas Space Systems Company (MDSSC-HB)
Microelectronics Center using an ion beam system. These films were reactively
sputtered using a Si target in N2 gas to a total thickness of about 700A. The BN thin
films were sputter-deposited at Naval Weapons Center (China Lake, California) using
rf diode reactive sputtering. These films were sputtered using a BN target in Ar/N2 gas
to a total thickness of about 750A.

For the samples flown on the Delta Star SME, the sample substrates were
made of alumina, with surface roughness on the order of 2-3um. The SigN4 samples
were coated by Battelle Northwest Laboratories and provided through the Air Force
Weapons Laboratory. Si3N4 of 0.35um and 0.70um thicknesses was coated on the
flight samples. The BN samples were coated by Spire Corporation and provided
through the Army Materials Technology Laboratory. The thickness of the BN coated
on flight samples was 1.0um.

RESULTS

To evaluate the data from the oxygen sensors, the silver films were assumed to
be of uniform thickness across the surface, and the electrical resistance of the silver
was converted to electrical conductance to evaluate the rate of decrease in silver film
thickness as a function of atomic oxygen fluence. In both the space flight results from
the Delta Star mission and the ground based results from LANL, no permeation of
atomic oxygen through SigN4 was observed. The data from the Delta Star flight
experiment is presented in Figure 2, which shows the conductance of silver
underneath the Si3N4 films plotted as a function of atomic oxygen fluence. Data for
both the 0.35pum and 0.70um Si3N4 indicated no silver oxidation. Similar results were
obtained from LANL. Data taken at LANL for SigNg4 (700A) during exposure to an
atomic oxygen beam at 1.0 eV energy (Figure 3) and at 2.2 eV energy (Figure 4) also
indicated no silver oxidation or permeation of atomic oxygen through Si3N4.

Auger analysis of a sample with 700A Si3zNg4 coated over Ag (=250A) on a Si
wafer substrate showed that after atomic oxygen exposure at LANL (2.2 eV, 210°C,
total fluence of 4.7 x 1020 atoms/cm2), the oxygen concentration at the surface
increased from 23 atomic % to 42 atomic %, while the nitrogen concentration at the
surface decreased from 24 atomic % to 12 atomic %. Auger depth profile of the
exposed sample indicated that oxygen was present only within 50A of the surface.
Optical microscopy up to 100X magpnification and SEM up to 10,000X magnification of
SigN4 coated oxygen sensors did not reveal microcracking of the Si3N4 films after
exposure at LANL. TEM was used to study Si3N4 films which had been deposited on
sodium chloride (NaCl) crystals before and after atomic oxygen exposure at LANL.
This technique permitted easy removal of the film for TEM; the NaCl was dissolved in
water and the SigN4 films were then collected on copper grids. The films showed
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some microcracking which appeared to be primarily in areas where there were
irregularities on the NaCl surface. Electron diffraction was also done on the SizN4
films, and it indicated that the film was amorphous before and after atomic oxygen
exposure.

Permeation of atomic oxygen through BN was observed in both the space flight
results from the Delta Star mission and the ground based results from LANL. The data
from both the flight experiment and LANL clearly indicated that there was transport of
atomic oxygen through BN, Data from the Delta Star flight experiment for a sensor
with two strips of Ag (=250A) coated with 1.0um BN are presented in Figure 5. Data
from the LANL simulation facility taken with a 1.0eV atomic oxygen beam (Figure 6)
and with a 2.2 eV atomic oxygen beam (Figure 7) for sensors coated with 750A BN are
presented in Figures 6 and 7. In both sets of results, the conductance data indicated a
steadily decreasing silver thickness (oxidation of silver to silver oxide) underneath the
BN films with increasing atomic oxygen fluence.

For samples exposed at LANL, Auger depth profiles of a sample with 750A BN
coated over Ag (=250A) on a Si wafer substrate showed that there was oxygen and
carbon, in addition to boron and nitrogen, through the entire thickness of samples both
before and after atomic oxygen exposure (2.2 eV, 45°C, total fluence of 1.7 x 1020
atoms/cmz-sec). Because a pure BN standard was not available, absolute atomic
compositions of the elements present were not calculated using Auger analysis since
the sensitivity factors required were unknown. The carbon concentration in both the
exposed and unexposed samples was estimated to vary between 5 and 15 atomic %
through the thickness of the films. The oxygen concentration in both the exposed and
unexposed samples was estimated to vary between 5 and 20 atomic % through the
thickness of the films. A 25% decrease in the thickness of the BN film after exposure at
LANL was detected in the Auger depth profile and confirmed using ellipsometry.
Optical microscopy up to 100X magnification and SEM up to 10,000X magnification of
BN coated sensors after exposure at LANL did not reveal microcracking in the film.

Data on BN from the Delta Star SME, however, did not indicate erosion of this
material from exposure to the LEO environment. A BN (0.1 pm) coated quartz crystal
microbalance (QCM) was included in the SME, and results showed a slight mass gain
of 0.75 ug/cm2 after 150 days of mission elapsed time. It is unclear at this time
whether the mass gain was due to contamination of the surface or due to oxygen
incorporation into the BN.

]} ION

The experimental data from the LANL ground based facility shows good
agreement with space flight data from the LEQO Delta Star mission in that the same
trends were observed for Si3N4 and BN. Both space flight and ground based data for
Si3N4 showed that this material did not allow oxygen transport through it. The stability
of SigN4 to atomic oxygen may be attributed to the conversion of SizgNg4 to SiO2
during exposure. The conversion of SigN4 to SiO2 has been observed in both
thermal atomic oxygen® and hyperthermal atomic oxygen systems.”
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The space flight and ground based data for BN, however, showed that there
was oxygen transport through this material. In both the space flight and ground based
experiments, oxidation of silver underneath BN was observed. Direct correlation of the
rate of oxygen transport through the BN (rate of oxidation of the silver) from the space
flight and ground based data was not attempted because of the differences in the
preparation techniques and thickness of the BN films as well as the differences in the
substrate surface roughness on the sensors. Even though the LANL results showed a
thickness loss in the BN, the remaining thickness of this material during atomic oxygen
exposure was sufficient to completely cover the silver surface. There was oxidation of
silver underneath, and therefore, oxygen transport through the remaining BN
overlayer.

The loss of BN material under ground based exposure conditions needs to be
studied further. The ground based exposures were performed under atomic oxygen
fluxes which were >103 greater than the orbital conditions. Atomic oxygen surface
catalyzed recombination may have heated the surface to drive off volatile oxide
intermediates8 into the gas phase thereby producing surface recession. Under the
relatively low fluxes at the Delta Star altitude, surface catalyzed recombination would
have been greatly reduced. Results from the Delta Star SME showing oxidation of
silver underneath BN but no mass loss in BN with LEO environment exposure
confirmed that there was oxygen transport through this material, even under low
atomic oxygen flux conditions. Since the characteristics of the BN (purity, density)
probably play an important role in the behavior of these films in an atomic oxygen
environment, a quantitative comparison of the silver reaction rates between the ground
based and space flight data was not attempted.

In summary, the ground based experimental results from LANL show good
qualitative agreement with space flight results from the Delta Star mission. The ability
to reproduce LEO space flight results in a ground based simulation facility using the
same technique (oxygen sensors) indicates that ground based facilities are able to
simulate the LEO atomic oxygen environment. In the future, additional experiments to
quantitatively correlate ground based data and space flight data using identical
samples and techniques are needed.
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Figure 1: A schematic of the atomic oxygen sensor. The thickness of the silver is =250A, and
substrates are made of sapphire or alumina.

Conductance of Ag vs. Atomic Oxygen Fluence
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Figure 2: Plot of conductance of silver underneath films of Si3N4 as a function of atomic oxygen
fluence for a sensor flown on the Delta Star Space Materials Experiment. The data
indicates no silver oxidation; there was no atomic oxygen transport through the SizN4
films.
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Conductance of Ag vs. Atomic Oxygen Fluence
Si3N4 (700A) Coated Sensor
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Figure 3: Plot of conductance of silver underneath a 700A film of Si3N4 as a function of atomic
oxygen fluence. The sensor was exposed at Los Alamos National Laboratory to an
atomic oxygen beam of 1.0 eV energy and at a sample temperature of about 45°C. The
data indicates no atomic oxygen transport through the SigN4, as was observed in the
Space Materials Experiment.
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Figure 4: Plot of conductance of silver underneath a 700A film of Si3N4 as a function of atomic
oxygen fluence. The sensor was exposed at Los Alamos National Laboratory to an
atomic oxygen beam of 2.2 eV energy and at a sample temperature of about 60°C. The
data indicates no atomic oxygen transport through the Si3Ng4, as was observed in the
Space Materials Experiment.
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Conductance of Ag vs. Atomic Oxygen Fluence
BN (1.0um) Coated Sensor
Flown on Delta Star Flight Experiment
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Figure 5: Plot of conductance of silver underneath 1.0um films of BN as a function of atomic
oxygen fluence for a sensor flown on the Delta Star Space Mat.erials Experiment. The

data shows steadily decreasing conductance (layers of remaining silver) as the silver is
oxidized to silver oxide, indicating atomic oxygen transport through the BN.
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Figure 6: Plot of conductance of silver underneath a 750A film of BN as a function of atomic oxygen
fluence. The sensor was exposed at Los Alamos National Laboratory to an atomic
oxygen beam of 1.0 eV energy and at a sample temperature of about 70°C. Atomic
oxygen transport through the BN was observed, as was also observed in the Space
Materials Experiment.
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Figure 7: Plot of conductance of silver underneath a 750A film of BN as a function of atomic oxygen
fluence. The sensor was exposed at Los Alamos National Laboratory to an atomic
oxygen beam of 2.2 eV energy and at a sample temperature of about 40°C. Atomic
oxygen transport through the BN was observed, as was also observed in the Space

Materials Experiment.
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ADVANCES IN ATOMIC OXYGEN SIMULATION

Joseph F. Froechtenigt and Lyle E. Bareiss M
Martin Marietta Astronautics Group
Denver, Colorado

ABSTRACT

Atomic oxygen (AO) present in the atmosphere at orbital altitudes of 200 to 700 km has been dem-
onstrated to degrade various exposed materials on Shuttle flights. The relative velocity of the AO with the
spacecraft, together with the AQO density, combine to yield an environment consisting of a 5 electron volt
(V) beam energy with a flux of 1014 to 1015 oxygen atoms/cm2/s. An AO ion beam apparatus that pro-
duces flux levels and energy similar to that encountered by spacecraft in low-Earth orbit has been in exist-
ence at Martin Marietta Astronautics Group since 1987. Test data has been obtained from the interaction of
the AO ion beamn with materials used in space applications (carbon, silver, kapton) and with several special
coatings of interest deposited on various substrates. The ultimate design goal of the AO beam simulation
device is to produce neutral AO at sufficient flux levels to replicate on-orbit conditions. A newly acquired
mass spectrometer with energy discrimination has allowed 5 eV neutral oxygen atoms to be separated and
detected from the background of thermal oxygen atoms of = 0.2 eV. Neutralization of the AO ion beam at
5 eV has been demonstrated in the Martin Marietta atomic oxygen facility. Research is in progress to in-
crease the flux of the neutral beam to perform testing in a realistic exposure time. Neutral AO testing will
be performed and the results compared to those obtained on materials exposed to the actual space environ-
ment.

INTRODUCTION

Much has been written in recent years about the phenomena related to spacecraft interactions with
the ambient molecular environment at orbital altitudes (Ref 1). The subject phenomena include the effects
of neutral AO on spacecraft materials and the emitted radiation (or "Shuttle Glow") observed on or near
spacecraft surfaces in low-Earth orbit. These phenomena can result in extremely deleterious effects on
spacecraft systems exposed to the environment through degradation of thermo-optical and physical prop-
erties of exposed materials and through the induced background radiation detectable by on-board optical
SEnsors.

To address these obvious concerns by spacecraft and instrument designers, Martin Marietta devel-
oped the Oxidation/Materials Erosion and Glow Analysis (OMEGA) facility to simulate the high-velocity
(8-km/s) AO "wind" experienced by low-Earth orbiting spacecraft (Fig. 1). The initial challenge in the .
development of OMEGA was to produce a clean AO beam at 5 eV (equivalent to 8 km/s) at sufficient
uniform flux levels to simulate on-orbit conditions. This was achieved over 3 years ago for AOions (i.e.,
O™), however, concern arose within the technical community that a purely neutral beam was required to
eliminate questions about ion vs neutral surface chemistry effects. Itis interesting to note that essentially
all other AQ simulation systems in the industry today have at least one such major deficiency which limits
their credibility (e.g., low beam energies, impure beams, flux rates that are too high or too low, etc). Re-
cent research on OMEGA has, therefore, concentrated on: 1) O+ ion surface chemistry, and 2) developing
a neutral AO beam. We now have promising evidence that a neutral beam has been achieved.

259



ION GUN FACILITY

The ion gun facility at Martin Marietta is an ion beam device that utilizes electrostatic lenses and
magnetic fields to control the kinetic energy and beam purity of the selected ion species (Ref 2). A
schematic diagram of the ion beam optics is shown in Figure 2. The ion beam apparatus is divided
into four subsystems: an ion source, an acceleration and focusing lens subsystem, a mass analyzer,
and a decelerator lens subsystem. A neutralizer subsystem is being investigated to convert the beam
of ions exiting from the decelerator into a beam of neutral atoms.

The ion source consists of an electron emitting filament, an anode to accelerate the electrons, and
a magnet surrounding the ion source to increase the path length of the electrons for more efficient dissoci-
ation of the molecular oxygen (O,) and subsequent ionization of the AO. A beam energy power supply
is provided at the anode which allows the energy of the AO ions to be controlled to 5 eV above ground.
Along with the AO ions, a mixture of various ions formed from the residual gases in the ion source cham-
ber are extracted by the booster plate of the accelerating lens with an energy of approximately 6,000 eV.
This beam of various ions immediately passes through a modified Einzel lens which decreases the energy
of the ions to 3,000 eV and, thus, acts as a focusing lens. The energy of 3,000 eV is needed to transport
the ions from the exit of the focusing lens, through the mass analyzer, to the entrance of the decelerator
lens (a distance of = 1 meter). As the beam passes through the mass analyzer, the magnetic field of the
analyzer is adjusted so as to pass only the AO ions. This beam of AO ions is then transported through the
decelerator where the beam energy is lowered from 3,000 eV to 5 eV at the exit lens of the decelerator.

ATOMIC OXYGEN TESTS
Test Configuration

For the AO ion beam testing, the sample holder is situated approximately 0.32 cm (0.25 in.) in front
of the exit lens of the decelerator. The sample holder is an aluminum block which has anodized surfaces
to electrically insulate the test specimen from the holder. The AQ ion beam at 5 eV impinges upon the test
specimen through a well-defined aperture of 1.27 cm2 ( 0.50 in.2), and this current is continuously moni-
tored to allow the AO ion fluence to be calculated.

Test Materials

The samples tested consisted of ten thermal control type coatings deposited on various substrates,
an optical transmission filter, and a mirror sample. The shapes and dimensions of the substrates plus coat-
ings were either 2.54 cm (1 in.) square or 2.54 c¢m (1 in.) diameter and 0.15 cm (0.06 in.) thick. The type
of coating and substrate materials for the samples tested is shown in Table 1.

Procedure for AQ Ion Tests

Prior to testing, the solar absorptivity (o) and total normal emissivity () were measured for each
sample, and then a weight measurement was taken. The sample was then photographed and placed in the
sample holder. With the test configuration in place, the system was evacuated to 6 x 107 torr. Oxygen
gas flow was initiated, and the AO ion beam was selected and focused on the sample. The pressure during
exposure increased to 2 x 10-6 torr. The current was monitored continuously with an electrometer and the
data recorded. After exposure to the AO ion beam, the system was brought to ambient conditions and the
sample removed. The same test procedure was followed for all samples. The posttest procedure consisted
of photographs, weight measurements, solar absorptivity, and emissivity measurements. In addition, the
filter sample had pre and posttest transmission measurements performed.
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RESULTS AND DISCUSSION

The total fluence of AO ions was calculated using the time-averaged current during exposure and the
1.27 cm? ( 0.50 in.2) aperture area. The reaction efficiency, R, for each sample was calculated from the
mass change measurements and the time-averaged current using the expression:

R = Amq CI’117+
pIAt 0] (1)

where Am is the mass change, q is the electronic charge, p is the coating density, I is the average cur-
rent, and At is the total exposure time.

The test results are given in Table I. The reaction efficiencies for the thermal coatings all appear to be
somewhat high compared to similar test data (Ref 1 and 4). The apparent discrepancies may be attributed
to differences in the surface chemistry experienced for ions and neutrals or possibly test sample precondi-
tioning issues which are still under investigation. Most of the carbon compound coatings exhibit a low
tolerance to the AO environment for mass loss with the exception of the SiC (C-C) sample. It was found
out later that the ZrSiO4 (Mo)-BN sample had been exposed to other environmental testing prior to this test
and this may have influenced its results. The transmission filter and the silicon-coated mirror both per-
formed excellent after the AO ion exposure. With regards to the thermo-optical absorptivity and emissivity
measurements, the CaO/ZrO, (Mo) and the ZrSiO4 (Mo)-BN samples both had substantial changes. Both
of these samples were white coatings and were visibly discolored after exposure. Auger electron spec-

troscopy measurements indicated that the discoloration may have been caused by some carbon deposition
during exposure.

With the persistent concern over the uncertainties induced between ion and neutral AO surface chem-
istry coupled with the apparent variations in materials reaction efficiencies with ion and neutral beams
discussed herein, basic research into optimum beam neutralization techniques has continued at Martin
Marietta.

After investigating numerous approaches, the proposed method of neutralizing the AO ion beam is
by a grazing incidence technique. The neutralization subsystem is shown in Figure 3. Figure 4 shows the
neutralization subsystem in place in the target chamber. As the AO ions exit the last lens of its decelerator
with an energy of 5 eV, the effect of space charge in the beam results in the beam expanding radially as it
transverses the copper charge exchange cell lon gitudinally. As the positive AO ions approach the cylin-
drical surface of the cell at low grazing angles of incidence, free electrons available at the surface attach
themselves to the AO ions resulting in partial neutralization of the AO ion beam. This technique is being
investigated using nickel as the charge exchange material (Ref 3). Any positive AO ions that are not neu-
tralized are removed from the longitudinal direction by using deflection plates as shown in Figure 3. The
neutral AO beam is detected and the flux measured by a VG mass spectrometer which incorporates a cylin-
drical mirror analyzer (CMA) so that not only is the mass of the species determined but also its energy.
This technique enables the oxygen atoms at 5 eV to be distinguished from the natural background of ther-
mal oxygen atoms at 0.2 eV.

Although the results of the current beam neutralization research are quite preliminary at this writing,
the data are indicating up to a 50% neutralization efficiency of the 5 eV O+ beam. Further testing is cur-
rently underway to confirm these results, however, such a major breakthrough would provide the techni-
cal community with the only ground test facility capable of simulating all of the key AO environmental
parameters simultaneously.
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TABLE L. - ATOMIC OXYGEN TEST DATA FOR VARIOUS MATERIALS

Reaction Thermal Properties
Fluence Efficiency Before After
Sample (Substrate) O*/cm? cm3/O* o € o £

C-C 1.3E18 3.4E-23 - - - -
TiB; (Mo) 4.3E17 8.3E-22 - - - -
B4C (C-C) 3.5E17 1.65E-21 .96 .89 .97 .90
TiB;, (C-C) 7.3E17 5.4E-22 .89 .78 .90 .82
C-C 1.7E18 4.0E-23 .86 .66 - -
Al,O3 (Mo) 1.6E15 - 37 .80 S1 .82
B4C/SiC (C-C) 7.9E17 1.9E-22 71 71 ~ —
SiC (C-C) 1.1E18 2.3E-24 79 .82 .82 .82
CaO/ZrO; (Mo) 2.8E15 - .56 .80 .59 78
Al,O3/BN/Cuw/BN (SiO5) 1.7E15 -

ZrSi04 (Mo)-BN 6.7E14 1.3E-20 45 .90 44 .89
AlLOs/Ag (Si) 7.8E16 ———
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ABSTRACT

A large portion of the space based applications in the near future are for low Earth orbit includ-
ing the Space Station Freedom. The lifetime requirement for materials on the Space Station
Freedom is 30 years. Materials must be selected which will withstand the deleterious effects of
low Earth orbit. Environmental effects in the low Earth orbit include atomic oxygen, ultraviolet
radiation, ionizing radiation, and hypervelocity impact. These effects can adversely affect the
surface properties of materials. This is particularly critical in the case of thermal control mate-
rials where the efficiency of the thermal control is dependent on the stability of the surface
properties.

The current baseline thermal control coating for the Space Station Freedom radiators is silver
Teflon. The surface property requirements for the coating are a solar absorptance of 0.2 and
an infrared emittance of 0.8. These optical properties yield the most desirable radiator effici-
ency. The effects of atomic oxygen and ultraviolet radiation on the baseline coating and sev-
eral other candidate thermal control materials were studied.

The thermal control radiator materials in this study included silver- and aluminum-backed
Teflon, sulfuric acid anodized aluminum, sputter-deposited silicon dioxide on aluminum, and
silver- and aluminum-backed polychlorotrifluoroethylene (PCTFE). The samples were exposed
to an atomic oxygen fluence of approximately 1020 atoms/cmz. The atomic oxygen fluence for
long-life spacecraft in low Earth orbit such as Space Station Freedom is approximated as 1022
to 1023 atoms/cm?2, Therefore, this simulation yields a fluence that is two to three orders of
magnitude less than the thirty-year life. Several of the samples were exposed to an ultraviolet
radiation environment of 600 hours at two solar constants in the near ultraviolet radiation
region of the spectrum. The radiators will be positioned edge-on to the sun and are expected to
be exposed to approximately 10,000 equivalent sun hours. Therefore, this simulation models
1/10 of the expected exposure. However, it has been shown that the majority of change in op-
tical properties occurs in the first 400 equivalent sun hours of exposure.

The simulation of several of the low Earth orbit environment constituents provided a valu-
able data base to aid in the selection of the radiator thermal control material to meet the life
requirements of the Space Station Freedom. This study illustrates the effects of the environ-
ment on thermal control coatings and the importance of this factor in the selection process for
long life spacecraft materials.
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W.R. Hardgrove P /
TRW Space and Defense Sector ¢f7f'é; &

ABSTRACT

Tests were run in TRW's Combined Environment Facility to examine the
degradation of thermal control materials 1in a simulated space environment.
Thermal control materials selected for the test were those presently being used
on spacecraft or predicted to be ased within the next few years. The
geosyncnronous orbit environment was selected as the most interesting. One of
the goals was to match degradation of those materials with available flight data.
Another aim was to determine if degradation can adequately be determined with
accelerated or short ferm ground tests.

INTRODUCTION

These tests were run in TRW's optical test chamber which is one of three
chambers in the Combined Environment Facility (See schematic in Figure 1). This
chamber exposes samples to a combined environment of low energy protons, low
energy electrons, high energy electrons, near ultraviolet, and far ultraviolet.
Thus, synergistic effects of the space environment can be studied. The chamber
design permits in situ measurement of solar absorptance so that its degradation
can be measured without removal from vacuum.

The nature of thermal control material degradation, being a thin layer or
first surface phenomenon, requires a simulation of space radiation environment
different from the depth penetration model standards. A radiation survivability
analysis has converted the particle population to low energy particles which
penetrate thin surface layers. Monte Carlo techniques adapted the low energy
particle levels to the potential test materials. Results of the analysis were
adjusted to match the capabilities of the facility.

Testing consisted of a pattery of three tests. Three different samples of
ecach material were included in the tests for repeatability. The third set of
samples was run at a different acceleration rate in an attempt to compare the
effects of test acceleration between tests as well as to actual flight data.

1. This work was done under TRW IRAD, "Advanced Thermal Management of
Spacecraft," Project No. 88330122, 89330122.
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SYMBOLS AND ABBREVIATIONS

Symbols:
A entrance area to the Faraday cup, .312 cm2
a solar absorptance

s
adjustment factor for relative lengths from the source to the sample
plane and Faraday cup, .80

I Faraday cup current

K charge per proton or electron

n efficiency of the Faraday cup screen

¢ flux desired ~ p+/cm2 sec or e-/cm® sec
Subscripts:

e denotes electrons

p denotes protons

Abbreviations:

CEF Combined Environment Facility

EUVSH Equivalent Ultraviolet Sun Hours

FUv Far Ultraviolet

HEE High Energy Electrons
LEE Low Energy Electrons
LEP Low Energy Protons
NUV Near Ultraviolet

SELECTION OF MATERIALS

Although many different materials have been run in TRW's combined
environment facility, the thrust of this testing was to examine thermal control
materials presently used on spacecraft or potentially to be used in near term,
i.e., within the next five years, The presently used materials included the
usual white paints, i.e., 293, ZOT, and S13GL0 as well as second surface
mirrors. Thermal analysis engineers were polled for other near-term candidates.

Based upon these inputs, seventeen different thermal control materials were
selected for study as listed in Table 1. Since the sample plane of the CEF is
capable of handling 26 samples and three samples of each material were desired
for repeatability, these prospective samples were broken down into two sets as
shown in Table 1. The SSM's, which are normally used as contamination monitors
during tests of this kind, were used with both sets.
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ENVIRONMENTAL PARAMETERS

Since many spacecraft are being designed for geosynchronous orbit, this
environment was selected as most interesting. TRW's radiation survivability
department was tasked to determine the environment which best matches the CEF
capabilities with the radiation environment of geosynchronous orbit. Based upon
requirements of present TRW spacecraft and various environmental studies, they were
able to determine a fluence profile for a spacecraft in geosynchronous orbit.

With this data and computer techniques which use Monte Carlo methods to
establish penetration levels in different materials, analysts modeled the
penetration depth of the various types of particles into the materials of
interest. Details of the models are discussed in footnote 2. For the analysis,
particle levels which were available in the test facility were matched with the
same penetration levels as those in the geosynchronous environment.

In this study it was postulated that surface property damage is a function of
ionization rather than displacement. With this assumption, a greater number of
penetrations through the materials causes a worse degradation of the thermal
control surface. Based upon the analysis, the corresponding fluxes which
penetrated each thermal surface completely were determined. These fluxes are
presented for the first set of samples in Table 2.

Since this test was a multiple sample test, i.e., a test to evaluate more
than one type of sample simultaneously, it was necessary to establish a flux to be
used on the complement of the samples. Because complete penetration was
determined to cause the most damage due to ionization, the maximum fluences on
each sample would cause the most damage. Therefore the maximum fluence for each
type of radiation would cause the most severe damage for the total. These
selected worse or dominating cases are outlined for each particle type in Table 2.

PRE TEST MEASUREMENTS/CALIBRATION

Prior to the test the NUV source was calibrated using a water-cooled, TRW
designed, resistor sensor device. This device was attached to the chamber front
which places its test plane at the same location as the sample plane. Flux at
various settings on the lamp were determined by measuring the resistance change at
small openings representing each sample location, This data was read into a
computer which with software automatically compares the change between the NUV
source and a known source at each location. The same procedure was performed
after test shutdown to determine overall NUV fluences during the test sequence.

Normal emittance measurements were made ex situ before and after the test
sequence. These values were found by using a Gier-Dunkle Instruments Model DB100
Infrared Reflectometer. Details of the operation of this instrument are described
in reference 1.

Ex situ spectral directional reflectance measurements of the samples were
made prior to the test using a Beckman DK2A ratio recording spectrophotometer Wwith
an integrating sphere attachment of the Edwards type. Details of how these
instruments function are discussed in references 2 and 3. These solar absorptance
measurements were also made ex situ after completion of the test and removal of
the samples from the chamber.
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IN SITU MEASUREMENT/CALIBRATION

After the chamber was at vacuum (approximately 1x10_6 torr), the solar
absorptance of the samples was measured in situ with the Beckman DK2A and
repeated periodically during the test sequence to establish the solar absorptance
degradation of the sample with time. Next the preliminary calibration of the LEP
and LEE was performed. Both sources were calibrated with a Faraday cup which is
mounted on an adjustable wand in the chamber. For the pre test calibration the
proton source was turned on and adjusted to maintain the required 30 KeV
voltage. Then the source was adjusted to maintain the necessary current to give
an average flux as desired at the sample plane. Current was measured by a
picoammeter and was determined through the characteristics of the Faraday cup in
the chamber in relation to the flux by the following equation

AnK
A
p b

A standard nine point calibration was used to describe the average flux over
the sample plane. This calibration covers the corners and midpoints. Fluxes at
other sample locations were determined by averaging the flux between any two
calibration points based upon relative distances to that location.

Calibration of the electron source utilized the same Faraday cup and
techniques as described under the proton source calibration. For the pre test
calibration, the electron gun was set at the desired voltage of 7 KeV. After the
required current was derived from the equation for the desired flux, the electron
source was adjusted to project this current on the Faraday cup in front of the
center sample in the sample plane. Since the source is angled into the chamber,
there is a fall off from left to right over the sample plane. A kill switch on
the proton source allows the electron source to be calibrated with the proton
source activated.

For the test runs the NUV was set at the maximum current run level at which
the pre test calibration was performed. The FUV was set to maximize the energy
level at the sample plane. The FUV beam was reflected off a mirror in its path
thereby allowing adjustments to direct the beam into its own Faraday cup. Flux
at the sample plane was based upon past calibration matches with this current
using both an open and an 8102 filter condition.

The HEE has a scattering plate in line with the chamber. Current at the
plate has been previously calibrated as discussed in reference 4, A current
accumulator was used with this previous data to determine when various fluence
levels were met,

TEST CONDUCT

Since the proton and low energy flux can be monitored in situ, they were
checked periodically utilizing the standard nine point calibration method and
adjusted, if necessary, to maintain the required flux levels. For test runs 1 and
2, i.e., sample sets 1 and 2, the samples were exposed for an equivalent of 10
years 1In geosynchronous orbit. During the tests, in situ spectral reflectance
measurements were made at equivalent proton and electron fluence 1levels to
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represent 1, 3, 5, and 10 years of orbital flight. The third test run was a
decelerated test which represented 1-1/2 years in orbit. In this test
measurements were made at fluences which were equivalent to 3, 6, 12, and 18
months in orbit.

DISCUSSION

The purpose of these tests was to determine if short term ground tests could
closely approximate long term, i.e., 5 years or more, degradation of thermal
control surfaces. Therefore tests 1 and 2 were accelerated at a high rate to
gain the maximum results in the shortest time. For this test series, the maximum
acceleration rate was governed by the LEE source. This source was able to
provide enough flux to simulate a year of fluence in 72 hours, or an acceleration
rate of approximately 120:1. Since both the proton and high energy electrons
could provide higher acceleration rates, they were backed down to match the
acceleration of the LEE.

Acceleration capability of the solar simulating source was much less than

that of the particle sources. The maximum intensity of the NUV varies between
2.0 and 3.0 equivalent suns. The FUV source has no real acceleration capability,
i.e., each exposure hour is equivalent to approximately 1 hour in real time.

Therefore both the NUV and FUV were run at their maximum levels.

One of the ground test uncertainties in simulating long term degradation is
that the acceleration affects the change in properties. Therefore, the third test
served as an acceleration effect evaluation by approximating real time exposure
rates. This test used the same material types as used in test 1 except that Z93
white paint from set 2 was also included. The final acceleration rate was 27
times the proton and electron levels. This level was chosen to match the NUV
acceleration rate of 2 EUVSH and the effects of a rotating spacecraft, i.e., 1/n
suns,

TEST RESULTS

FLUENCES

During the test sequences, current readings at the nine <calibration
locations were periodically recorded. The readings from the FUV Faraday cup were
also recorded at each monitoring time. These data and times were entered along
with the pre- and post- test NUV calibrations into a computer program. The
program accumulates data during the test sequence and prints out the accumulated
fluences of these four sources at any desired time period. Since the high energy
electron source uses an accumulator it is integrated in real time and stopped
when it reaches the required fluence level. The measured accumulated fluences
and the desired levels are compared in Table 3.

PROPERTY DEGRADATION

At any point of interest, when the accumulated flux of the sources was near
that desired for that time, the sources were shut down and spectral reflectance
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measurements made, In situ spectral measurements were performed by moving each
sample from the sample plane into a quartz tube on one side of the vacuum
chamber. This test tube fits into the side of an Edward's sphere so that
measurements can be made with the attached DK2A. Since the tube introduces some
error, these measurements are relative to the initial in situ measurements; i.e.,
delta changes.

Spectral reflectance data was entered into an HP9000 computer with the aid of
an HP98T4A. A standard TRW computer program was used to integrate the spectral
data over the Thekaekara/NASA solar irradiance curve to determine the solar
absorptance, ag, for each specimen. An HP9872S plotter graphed reflectance curves
for each sample.

Spectral reflectance data was used with another TRW-developed program to
determine end-of-1life properties. This program assumes that solar absorptance
degradation is an exponential function, Through a series of curve fitting and
cross-referencing at various wavelengths, the program derives an optimum
exponential curve fit of the existing data and calculates the maximum solar
degradation. Average degradations of the samples are presented in Table 4. Also
included in the table are the calculated end-of-life values.

ACCELERATED/DECELERATED TEST COMPARISON

- For this parametric evaluation, samples with high degradations were chosen
since low degrading samples would match well by definition. Therefore, the most
significant changes would appear in the highly degrading samples or, in these
tests, Z0OT, S13GLO white paint and silvered Teflon. Solar absorptance data from
these tests are plotted in Figures 2 through 4 for the three materials. Included
Wwith the silvered Teflon data of Figure 4 are results from a previous low rate of
acceleration test as discussed in Reference 4.

Data from the two tests for the S13GLO match reasonably well although the
lower acceleration environment 1initially causes a higher degradation in the
sample. However, the curve seems to c¢ross over around one year and the high
acceleration rate test appears to predict more degradation than the test nearer
real time. This condition holds true for both the ZOT and the silvered Teflon as
shown in Figures 3 and 4, The ZOT samples actually exhibit a significant
deviation between the two tests for the first year to a year and a half. However,
the data also appears to cross over at approximately 20 months so that the highly
accelerated test data becomes more conservative, i.e., higher degradation.

The silvered Teflon follows the same pdattern initially. However, between the
6 month and 9 month measurement there was a significant change in solar

absorptance. Originally this was thought to be a measurement problem. But an
examination of the samples showed a definite darkening of the sample which would
probably cause the deviation in absorptance,. At present, the reason for this

abrupt change cannot be explained. Interestingly, the 0 to 6 month data seems to
project a curve which may line up with the curve for the data from the highly
accelerated test.

For comparison purposes, data from a low acceleration test run in 1977 per
Reference 4 is included for this sample. Acceleration rates for the test 1977 in
were 3m:1. This data shows reasonable agreement with the high acceleration test
as run in 1987/1988.
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FLIGHT/TEST COMPARISON

Crux of the simulated space test is how its results correlate with actual
flight data. Therefore a comparison was made between flight data from three
sources and the accelerated simulation test. Data from References 5 and 6 were
used as two of the sources for the flight data. The other information includes
the most recent property degradation data acquired from TDRSS which 1is one of
TRW's long term satellites.

For this comparison the same three materials were used for the same reason
as before, i.e., higher degradation exhibits maximum deviation. Test data for
the S13GLO illustrated in Figure 5 shows good agreement with the TDRSS data
although it is slightly more conservative. The curve shapes for the test and
flight data seem to be the same. Conversely, the ZOT data, as both shown in
Figure 6 seems to differ drastically between flight and test. ZOT data from the
flight shows very little degradation. For the silvered Teflon as depicted in
Figure 7 the test appears to be more conservative than the flight data. There 1is
a good match between the 2 mil samples from the flight and the test sample which,
however, was 5 mil.

CONCLUSIONS

Overall the test environment causes a solar absorptance degradation
conservatively higher than flight. Nevertheless, the test can be useful in
determining if a material will exhibit high degradation in space. Therefore,
samples of new materials can be evaluated by short term acceleration
simulations. However, for accurate data on a candidate material a limited

acceleration is in order.

One interesting note from the tests is that the S$13GLO data shows the match
between flight and test data. Also, the S13GLO test and flight proton dosages
matched best. Since there 1is conjecture that protons are the most damaging
environmental component for materials of this type, perhaps a better proton match
for other materials would exhibit correspondingly better correlation.

In conclusion, these tests indicated that an accelerated combined
environment simulation may be used to evaluate thermal control materials which
exhibit a high degradation in space or are stable, Further, the tests are

generally conservative so that this data can be used for "worst case" analyses.
Possibly, with a better environmental match and minimum allowable acceleration
times, accurate end-of-life properties extrapolations can be obtained.
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Set 1

“Thickness
Sample Type Cm (In)

1) Second Surface Quartz Mirror .015-.020 (.006~-.008)
2) Silvered Teflon .019 (.0085)
3) ZOT White Paint .013-.020 (.005-.008)
4) S13G White Paint (with new binder) .013-.020 (.005-.008)
5) Astroquartz .023 (.009)
6) Aluminized Kapton, Sputtered ITO Overcoat .003 (.001)
7) Leafing Aluminum Paint .003-.005 (.001-.002)
8) Fibrous Reinforced Composite Insulation .508 (.200)

(FRCI)

Set 2
“Thickness
Sample Type Cm (In)

1) Second Surface Quartz Mirror .015-.020 (.006-.008)

2) Black Kapton .005 (.002)

3) Z-93 White Paint .013-.020 (.005-.008)

4) Chem Filmed Aluminum = - - -- === 77°

5) FRCI-II 508 (.200)

6) Beta Cloth .020 (.008)

7) White Chem-Glazed Paint .013-.020 (.005-.008)

8) Expanded Teflon on Kapton .013/.005/.003 (.005/.002/.001)

9) VDA on Coated Aluminum

10004

Table 1 Spacecraft Thermal Control Materials
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30 KeV 7 KeV 800 KeV

Proton Electron Electron

Sample ¢(p/cm2) ¢(e/cm2) ¢(e/cm2)
1) Second Surface Quartz Mirror 3.57x1016 6.O2x1016 1.88x1016
2) Silvered Teflon 3.35x10'®  6.74x1016  3.58x1016
3) ZOT White Paint 2.92x10'% 9.03x10'® 1.73x10'®
4) $13G White Paint 4.02x1019 u.98x10'® 1.85x10'6
5) Astroquartz 3.55x10'0  7.07x1010  1.93x1016
6) Aluminized Kapton-Sputtered ITO Overcoat  1.42x10'6 |1.08x10'7] |4.10x10'®
. . . 16 16 16

7) Leafing Aluminum Paint 3.09x%10 8.40x10 1.71x10
8) FRCI 3.86x10'0  5.6ux1016 1.88x1016

Table 2 Recommended Test Particle Fluences for Simulation

of 10 Years on Geosynchronous Environment
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Source

Goal

Actuals

Set 1

Set 2

30 keV Protons

7 keV Electrons

4. 02x1016 prem?

1.08x1017 e/cm2

6.6Hx1016 p/cmz**

1.11x10"7 p/om?*x

7.31x101° prom2x*

7.H9x1016 e/cmz**

800 keV Electrons M.10x1010 e/cm2 T R N.1Ox1016 e/cm2**
NUV 27884 EUVSH¥* 2290 EUVSH 1900 EUVSH
FUV 27884 EUVSH* 1073 EUVSH 1651 EUVSH

¥ NUV and FUV requirements are fo
time/w)
accelerated test.

(orbit

These sources

are

run at maximum

r a spinning or earth-oriented spacecraft
levels
NUV values are averages over the sample plane while FUV

during the

X%

values are maximums.

Protons and electron fluences are average values over the sample plane.

Table 3 10-year Equivalent Test Fluences
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Figure 1. CEF Schematic
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Environmental Simulation

Radiation Simulation Source
Component _Simulation Radiation Source Characteristics®
Far Ultravialet Electrodeless Krypton Gas Lamp 01010 018 um

Up to 5X Sun Intensity
Near Ultraviolet  3-kW Short-arc Xenon Lamp 0.18t0 0.40 pum

Up to 3X Sun Intensity
Radiation Belt Van de Graaft Accelerator 70keV to 1.1 MeV
Electrons 10’ to 10'? e/cm?sec
Plasma Sheet Electron Flood Gun 051010 keV
Electrons Upto 10" e/cm?sec
Radiation Belt  lonization Equivalent Electrons 70 keV 10 1.1 MeV
Protons from Van de Graaff Accelerator 107 to 10'2 e/cm?sec
Solar Flare lonization Equivalent Electrons 70 keVio 1.1 MeV
Protons from Van de Graaff Accelerator 107 to 10'2 e/cm?sec
Plasma Sheet Hydrogen-ion Plasma Generator Up to 30 keV
Protons Up to 10'2 p/cm?sec
Vacuum GN, Aspiration, Cryosorption, 10610 108 torr

and 400 #/ sec lon Pumping

*Radiation zone at the target plane is =15 cm (6 in) diameter.
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SPACE SIMULATION FACILITIES
PROVIDING A STABLE THERMAL VACUUM FACILITY

Martin L. Tellalian > s

. R 0 2L

Chicago Bridge & Iron Company C(pg‘\'“‘
Oak Brook, Illinois

ABSTRACT

CBI has recently constructed the Intermediate Thermal Vacuum Facility
for Grumman Aerospace Corporation at Bethpage, N.¥. Built as a
corporate facility, the installation will first be used on the Boost
surveillance and Tracking System (BSTS) program. It will also be
used to develop and test other sensor systems. Completed in March
1989, the facility is composed of a 79.3 cubic meter (2800 f£ft?)
stainless steel chamber, a ligquid nitrogen cooled shroud and a
pumping system to enable evacuation from one atmosphere to 2.7 x 10°°
Pascals (2 x 10-7 torr) in 24 hours oOr less. The horizontal chamber
has a horseshoe shaped cross section and is supported on pneumatic
isolators for vibration isolation. The chamber structure was
required to have a minimum natural frequency of 50 Hz or higher.
Through the use of consultants and in-house expertise, CBI designed
the foundation configuration, pneumatic 1isolation system, and
stiffened shell to meet the stability and stiffness requirements.
The design process included measurement of the ambient ground
vibrations, analysis of various foundation test article support
configurations, design and analysis of the chamber shell and modal
testing of the chamber shell. A detailed 3-dimensional finite
element analysis was made in the design stage to predict the lowest
three natural frequencies and mode shapes and to identify local
vibrating components. The modal testing of the chamber shell was
made on site with the isolated chamber in place including all piping
and attachments. This paper describes the design process used by CBI
and compares the results of the finite element analysis to the
results of the field modal testing and analysis for the 3 lowest
natural frequencies and mode shapes. It also presents concepts for
stiffening large steel structures and methods to improve test article
stability in large space simulation facilities.

INTRODUCTION

Space simulation facilities often require extremely stable test
article support systems. It is increasingly common for owners to
specify the stiffness of the chamber and/or maximum allowable
displacements of the test article support system. Chamber stiffness
is typically specified as a minimum dynamic natural frequency. CBI
recently completed Grumman's BSTS thermal vacuum facility which had
both a specified minimum chamber natural frequency and a maximum test
article support displacement. TO meet these stability requirements,
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CBI developed and coordinated the entire design, analysis,
procurement, installation, and testing of the facility.

Ambient ground vibrations were measured and applied to finite element
models of 5 potential chamber and test article support

configurations. The different configurations contained various
pneumatic isolation systems for the support of the chamber and/or
test platform. A three dimensional model of the selected

configuration was analyzed to produce the most economical design of
the entire support system, including the seismic mass foundation,
while meeting stability requirements. 1In addition, the chamber shell
was designed to have a minimum natural frequency of 50 Hertz.

The preliminary chamber design was based on classical solutions of
geometric sections and panels. A detailed finite element model of
the chamber was analyzed to determine the significant structural
frequencies. The analysis predicted a minimum natural frequency of
53 Hertz. The analysis also identified 1local vibrating elements
which were subsequently restrained with additional reinforcement.
Once installed, the lowest three chamber natural frequencies were
field measured through modal analysis. The measure results compared
well with the finite element results. 1In addition, the measured test
article displacements were within the minimum specified.

FACILITY DESCRIPTION

VACUUM CHAMBER

As shown in Figure 1, the chamber has a horseshoe shaped cross
section in a vertical plane with a flat bottom. The shell is 6.9M
(22'-6) long. The inside radius of the upper cylindrical section is
1.9M {6'-2). The vertical height from the floor to the top of the
cylinder is 3.9M (11'-8). The width of the flat floor is 2.7 (9'-
0). One end of the chamber is fixed and contains ports for three
889mm (35") cryopumps and a 1.1M x 1.8M (3'-6" x 6'-0") personnel
door. The other end of the chamber is a full opening door. All
interior surfaces are A240 Type 304L stainless steel with a 44
finish. The test article can be supported from ten hard points. The
hard points are in five pairs which straddle the chamber centerline
and are spaced 1.2m (4' - 0) apart. The chamber is designed per ASME
Section VIII Division 1 where applicable. The chamber is supported
on six pneumatic isolators. The six isolators are connected in three
pairs to form a 3 point system. Each pair has a height sensor servo
valve to control the isolator height. The isolators are supported on
a 136,000 kg (300,000 1b) concrete seismic mass which is 4.6m (15')
wide, 7.6M (25') long, and 1.8M (6') deep with cut outs on both sides
for the isolators. The chamber foundation is independent from all
other foundations to minimize the transmission of equipment
vibrations to the chamber foundation.
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PUMPING SYSTEM

The chamber can be evacuated from atmospheric pressure to 2.7x10°%
Pa (2x10°7 torr) in less than 24 hours. CBI installed two Leybold
Heraeus WAU-2000/S400F blower/roughing trains and two nominal 35"
diameter High Vacuum Equipment Corporation cryopumps with vibration
isolated cold heads. The system also includes a Balzer 500 1/s
turbomolecular pump for helium removal during high vacuum and leak
checking. The cryopumps were installed nearly flush with the rear
head plate to minimize conductance losses.

THERMAL SYSTEM

The facility contains a 100% optically dense aluminum shroud which is
composed of six sections. The shroud provides a 3353 mm (11'-0")
diameter x 6096mm (20'-0") long test envelope. The LN./GN, shroud
can be maintained at a -190°C +5°C (-310°F +10°F) temperature with a
uniformly distributed heat load of 5 kW. In addition, the shroud can
maintain any temperature between -171°C to 116°C (-275°F to +240°F)
within +3°C (+5°F). The design pressure of the shroud is 1034 kPa
(150 psig) with design temperatures of -195°C and 149°C (-320°F and
+300°F).

SYSTEM PSD VIBRATION ANALYSIS

SUPPORT SYSTEM REQUIREMENTS

During the proposal stage of the facility, CBI offered to assist
Grumman in the design of the test article support system. CBI1
proposed that the entire system be studied from the soil to the test
article platform. The goal of the study was to economically design a
system which would 1limit the relative displacement of the test
article platform to one micron or less. To accomplish this goal, CBI
proposed and received acceptance for a Power Spectral Density, PSD,
seismic study. The support system design included the design of the
test article platform isolation and attachment details as well as the
chamber support system. CBI provided a site survey specification
which was used by Grumman to acquire a PSD seismic survey of the
site. CBI hired the Ralph M. Parsons Company, Pasadena, California
to assist CBI in the selection of a suitable support system
configuration through a PSD study. The analysis was based on the PSD
for the site, the chamber details, and the basic characteristics of
the test platform.

PSD METHOD OF ANALYSIS

Initially, five sets of two dimensional analyses were conducted to
determine which support configurations of the vessel and internal
platform satisfied the relative motion reguirements. Isolation
system frequencies in the range of 0.5 Hz to 2.5Hz were considered in
the two dimensional analysis. The five configurations examined are
shown in Figures 7 through 11. These two dimensional analyses
demonstrated that any of the five combinations of vacuum chamber
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and/or internal platform isolation systems would satisfy the one
micron relative motion limitation.

RELATIVE MOTIONS ON THE INTERNAL PLATFORM

Case Vertical Displacement Angular Rotation
(micron) (nano-radians)

A .216 135

B .180 150

C .204 147

D .312 173

E .048 47

The most simple and economical configuration studied consisted of a
pneumatically isolated chamber with the test platform rigidly

attached to the chamber. In addition to the economy of keeping
isolators outside of the chamber, this configuration facilitates
future modifications if additional stability were required. Thus,

this configuration was chosen for further study.

A three dimensional finite element model was then developed which
included the vacuum chamber, the external chamber isolation system,
and the internal platform. The three dimensional model assumed that
the chamber was isolated from the ground wusing six pneumatic
isolators with a nominal isolation frequency of 1.0 Hz. The internal
platform was assumed to be connected directly to the chamber

structure without wusing an isolation system. The models of the
chamber and platform were analyzed separately to ensure that their
stiffnesses were accurately represented. This chamber mode gave a

first model frequency of 60 Hz which compared well with the
preliminary results. At the time of the analysis, the platform had
not been designed but it's approximate mass and stiffness were known.
The possive platforms first three modal frequencies were 42, 61, and
102 Hz which was consistent with Grumman's estimated first mode
frequency for the platform. When the chamber and platform were
confined and supported on the 1 Hz isolation system, the first two
modal frequencies were 37 Hz and 44.6 Hz. The analysis identified 33
modal frequencies of the chamber platform system below 150 Hz. These
33 modes were used to determine the overall modal response.

The stiffnesses of each of the mechanical connections to the chamber
penetrations were included in the three dimensional finite element
model. The mechanical connections consist of flex hose and pipe
bellows. The ground motion vibrations were applied to the chamber
through the connections to the vessel penetrations as well as through
the six external chamber isolators. The stiffness of the nozzle
connections are shown in the table below. N-S is the north-south
direction which is along the horizontal longitudinal axis of the
chamber. E-W is the east-west direction.
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NOZZLE STIFFNESS

NOZZLE QUANTITY N-S STIFFNESS E-W STIFFNESS VERT STIFFNESS

# No. Kg/mm Kg/mm Kg/mm
1 2 1.34 1.79 1.34
2 1 5.84 5.57 5.57
6 2 1.07 1.07 1.07
7 5 2.68 2.68 2.68
9 1 2.55 2.55 3.39

10 1 7.04 5.18 5.18

11 1 2.55 2.55 3.39

14 1 0.89 0.89 0.89

The input PSD spectra was 5.0x107*° g2/Hz over the frequency range of
.1 Hz to 10 Hz and 5.0x10°° g*/Hz over the frequency range of 10 Hz
to 300 Hz. The PSD spectra were applied in both the vertical and
horizontal directions simultaneously.

The PSD analysis was performed on the Stardyne computer program by
the Boeing Computer Service in Seattle, Washington. The system model
contained 267 nodes, 291 beam elements, 34 triangular plate elements,
and 175 quadrilateral plate elements.

PSD ANALYSES RESULTS

The two dimensional model of the selected configuration produced a
minimum displacement of .05 microns while the three dimensional
analysis maximum displacement was .94 microns. The three dimensional
analysis included the stiffness and vibration input of the major
chamber attachments which may account for the increase in the
relative displacements for the 3-D model.

PSD SUMMARY

The results of the PSD study indicated that the use of external
isolators would meet the stability requirements. The high natural
frequencies of the chamber and platform system increases the
performance of the isolation system. The primary method of vibration
attenuation of the isolation system is to have the natural frequency
of the isolation system as low as possible and to have the natural
frequency of the isolated structure as high as possible. Generally,
structural frequencies should exceed the isolation frequency by a
factor for 10 to 15. In this case, this ratio was approximately 37
which results in a very large attenuation of the ground vibrations.

FOUNDATIONS AND ISOLATION SYSTEM DESIGN

A large concrete seismic mass was used to support the chamber
isolation system. The 160,000 kg (300,000 1lb) seismic mass is
roughly 5 times the weight of the entire chamber. The design is
based on the concept that the foundation should be rigid and

293



independent of surrounding foundations. A rigid foundation will tend
to force the ground motions introduced into the base of each isolator

to be in phase. The independent foundation will help prevent
equipment vibrations from direct transmission to the chamber
foundation. The concrete foundation and surrounding sandy soil

provide excellent damping to improve the vibration attenuation.

The isolation system was procured and installed by CBI based on the
results of the PSD study. The isolators are 635 mm (25") in diameter
and 1194 mm (47") high. Each isolator has a 9072 kg (20,000 pound)
capacity and 1lifts the chamber approximately 6 mm when activated.
The isolators were connected in three pairs to form a three point
support system. The height sensor servo valves are capable of
maintaining each of the three isolator pairs within .13mm of each
other to provide an active vibration isolation system. The isolators
operate with nitrogen gas between 552 and 690 kPa (80 and 100 psig).

SHELL STRUCTURE DESIGN PROCEDURE

The chamber shape was selected by CBI to provide the flexibility
required for the support configuration, proper frequency response,
transportability, and economy. In the preliminary stage, equivalent
cylinders and flat panels were analyzed with classical solutions to
determine the theoretical natural frequencies. A similarly stiffened
cylinder was analyzed by a CBI Technical Services pProgram entitled
"General Shell of Revolution Stress Analysis - Dynamic Version".
This is a multi-segment numerical integration procedure developed by
A. Kalnins and presented in the Journal of Applied Mechanics,
September 1964. A 6.9M long cylinder with simply supported ends and
identical circumferential stiffening was chosen which had a minimum
natural frequency of 60 Hertz. The flat portions of the chamber,
namely the lower shell and heads, were compared to the classical
solutions for flat plates as presented by Blevins in his text

entitled "Natural Frequencies and Mode Shapes". These design
elements were then combined to provide the preliminary design. The
design was checked per ASME Section VIII, Division 1. Procurement

and fabrication of the chamber shell was initiated based on this
design.

CHAMBER FREQUENCY ANALYSIS

METHOD OF ANALYSIS

The preliminary design was then modeled to determine the lowest
dynamic frequencies and mode shapes. This analysis was done entirely
in-house by CBI analysts using programs either developed by CBI or
commercially avilable. The approach was to use the finite element
method, FEM, to analyze the chamber. The lowest natural frequencies
and mode shapes were calculated using a CBI Technical Services
computer program, entitled "Automatic Dynamic Incremental Nonlinear
Analysis (ADINA)." The ADINA program is a general purpose computer
code for the linear and nonlinear, static and dynamic, displacement
and stress analysis of solids, structures and fluid-structure
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systems. The ADINA program is licensed from ADINA R&D, Inc. of
Watertown, Massachusetts and is verified for use on CBI's IBM 4381
computer through the solution of over 75 linear and over 70 nonlinear
verification problems.

GEOMETRY & MODELING

The chamber is geometrically symmetric about a vertical plane which
runs along the length and passes though the center of the chamber.
The structure is also symmetric about a vertical plane through the
cross section at the mid length except for the ends of the chamber.
The chamber has a full cross section stiffened closure door at one
end and a stiffened fixed head at the other end. The stiffening
patterns on the door and head are completely different. 1In addition,
ihe fixed head contains large openings for the cryopumps and a
personnel access door. To enable the use of two planes for symmetry,
two chamber configurations were analyzed with 1/4 models. The two
models represent chambers with identical ends, either two full doors
or two fixed heads. Although two models had to be analyzed, the

final results were finite element models with good detail and limited
size due to two planes of symmetry.

The element types used to model the chamber were sixteen-noded shell
elements, four-noded shell elements, four-noded isoparametric beam
elements and two-noded beam elements. All stiffening was discretely
modelled. Rigid links, constraint equations or contiguous modelling
methods were used to connect the stiffening to the pressure boundary.
The "vessel-door" model contained about 1350 nodes, 460 elements, and
5800 degrees of freedom. The "vessel-head" model contained about
1430 nodes, 710 elements, and 6500 degrees of freedom. Figures 2 and
3 show finite element plots of the "yessel-door" and "vessel-head"
models, respectively.

Constraint equations were used in the "yessel-door" model to connect
the chamber door to the vessel shell. oOnly displacement
compatibility was enforced across the door to shell interface. This
permitted independent rotation of the door and shell interface. This
accurately represented the pressure seated closure. In the "vessel-
head" model, the same modelling approach was used to connect the
personnel access door to the fixed head.

The high vacuum valves and cryopumps were assumed rigid. The vessel
contains penetrations for three cryopumps. Cryopumps are installed
on the two outer ports only. The center port is blanked off and is
for future use. The chamber was modeled with the third cryopump in
place. Their mass was connected to the fixed head using rigid links.
Items such as closure door hinges and mounting brackets, small
penetrations and viewports, and access holes cut through the webs of
stiffeners were assumed insignificant and were not modelled. The
mass of the internal shroud was assigned to the model nodes nearest
the shroud support points.

The chamber isolation supports were included in the model. Each
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isolator was modelled using a set of four beams. The beams were
oriented vertically. They were fixed at the bottom and pinned at the
top where they connect to the chamber bottom. The assumed stiffness
values used for each isolator were 1500#/in vertical and 7504%/in
lateral.

MATERIAL PROPERTIES

Linear elastic material behavior was modelled. The important
material properties are modulus of elasticity, Poisson's ratio, and
weight density. The vacuum chamber is made of two materials. The
pressure boundary material in contact with the vacuum is A240 TP 304L
stainless steel. The stiffening and non-pressure parts are A36
carbon steel.

LOADING AND BOUNDARY CONDITIONS

Only inertial loading was considered. The mass of the chamber shell,
door, head, personnel access door, and stiffening was included by
discretely modelling these components. The mass of the high vacuum
valves, cryopumps and internal shroud was included through the use of
concentrated nodal mass input.

Each model was run using four different sets of boundary conditions
along the planes of geometric symmetry. These were: symmetry-
symmetry, symmetry-antisymmetry, antisymmetry-symmetry, and
antisymmetry-antisymmetry.

CHAMBER FEM RESULTS

The first mode has a frequency of 53 Hertz and is shown in Figure 4.
The mode shape is essentially an ovalling of the central portion of
the chamber shell about the vertical & horizontal center lines. The
mode shape is symmetric about the vertical planes of symmetry along
the length for the chamber and at the mid-length of the chamber. It
is shown using the mesh from the vessel door model.

The second mode has a frequency of 63 Hertz and is shown in Figure 5.
The mode shape is essentially an ovalling of the central portion of
the chamber shell about a set of axes inclined approximately 45°.
The mode shape is anti-symmetric about the vertical plane of symmetry
which runs along the length of the vessel and is symmetric about the
vertical plane of symmetry at the mid-length of the chamber. It is
shown using the mesh from the vessel door model.

Three modes are closely spaced in the frequency range of 68 to 72
Hertz. The only mode of these three which does not include movement
of the center cryopump has a frequency of 72 Hertz and is shown in
Figure 6. 1Its mode shape is movement of the cylindrical portion of
the shell between the end and middle circumferential stiffeners.
This mode shape is symmetrical about the vertical plane of symmetry
which runs the length of the chamber and is anti-symmetric about the
vertical plane of symmetry at the chamber mid-length across its
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width.

The FEM results were consistence with the theoretical dynamic results
of the preliminary design. As stated earlier, an equivalent cylinder
was analyzed and found to have an n=2 mode frequency of approximately
50 Hz. The n=2 mode is an ovalling of the cross section which will

take place at any angle around a cylinder. By using an irregular
cross section like a horseshoe, two n=2 modes are developed which
occur at consistent orientations. Both the FEM analysis and the
modal analysis identified two n=2 modes with frequencies of
approximately 50 Hz and 63 Hz. The test platform supports are

located near the node lines for the lower n=2 mode and all support
points move in phase which minimizes the effect of the lowest chamber
mode on the test article stability.

Phe initial configuration of the chamber was slightly modified due to
the results of the FEM analysis. The FEM analysis identified local
stiffener modes whose natural frequencies were below fifty Hertz.
The modes were local lateral displacement of the stiffener flanges.
These modes were eliminated by adding gusset plates to prevent
lateral movement of the stiffeners. In addition, the middle
circumferential stiffener initially was composed of the 305 mm x 19
mm (12" x 3/4") bar only. The lowest shell mode with this stiffener
was 51.5 Hertz. The addition of the 250mm x 31.7 mm (10™ x 1 1/4")
flange to this stiffener raised the first shell mode frequency to
53.5 Hertz. The chamber was built with this flange added to the
middle circumferential stiffener.

MODAL ANALYSIS

FIELD VERIFICATION

The chamber, foundation, and isolation system were furnished and
installed by CBI based on the results of the design and analysis.
Once the chamber was completed including all attachments and systems,
the chambers three lowest structural natural frequencies were
determined by experimental modal analysis. Experimental modal
analysis is the process of combining field measured dynamic response
data to determine the dynamic behavior of a structure. It was used
in this case to verify the FEM results. The modal analysis was
performed at the direction of CBI by Wiss, Janney, Elstner
Associates, Inc. of Northbrook, Illinois.

MODAL DATA ACQUISITION

Due to the longitudinal symmetry of the chamber, a grid pattern of 50
points was laid out on half of the chamber. Ten additional data
acquisition points were established on the chamber door and fixed
end. Dynamic frequency response function (FRF) data was obtained at
all 60 points on the chamber with piezoelectric accelerometers. A
hand-held impulse force hammer was used to strike the middle
circumferential stiffener. The FRF data is basically a ratio of the
output response to force input. Piezoelectric accelerometers, type
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4335, manufactured by Bruel & Kjaer (B&K) were used for measuring

acceleration response vibration amplitudes, The electrical signal
from each accelerometer was routed to a B&K type 2635 charge
amplifier. This amplifier was used to electrically condition the

signal from the high impedance accelerometer. The hand-held impulse
force hammer, type 086B05, manufactured by PCB Piezotronics, Inc.,
was used to apply a transient, dynamic force to the vacuum chamber.
This impulse hammer produces an electrical signal proportional to the
force output. It was routed to a PCB Piezotronics type 480D06
battery power unit for electrical conditioning.

The conditioned accelerometer and impulse force signals were analyzed
and recorded on a Scientific Atlantic Model SD380Z, four channel
spectrum analyzer. One channel received impulse force time history
data from the modal hammer and two other channels received
acceleration response data from two perpendicular accellerometers.
Computer analyses were subsequently performed at the WJE laboratories
using Star Modal Software (SMS) which is a product of Structural
Measurement Systems 1Inc. This software uses frequency response
function data to identify the modal properties for a structure. The
modal parameter outputs of this software are frequency, damping, and
mode shape characteristics. All frequency data are given in units
for Hertz (Hz). Damping values are given in units of percentage
relative to critical damping.

MODAL ANALYSIS RESULTS

The sum of the FRF amplitudes for the S50 shell positions are shown in
the Figure 12. This preliminary summation identified three
significant resonant frequency ranges of approximately 46-50 Hz, 62-
66Hz, and 71-74 Hz. The peak at 60 Hz was determined to be
electrical 1leakage noise. The Star Modal Software uses these
selected frequency ranges and a curve fit process to identify the
modal parameters. An analytical expression for a FRF is matched to
the measurement data and modal parameters identified. A global curve
fitting process developed by Structural Measurement Systems was used
to determine their frequency and damping of the structure with the
following results.

Mode Frequency Damping
Number Hertz % Critical
1 48.0 .60
2 64.3 .44
3 72.3 .56

The mode shapes identified by the modal analysis confirmed or agreed
with the results for the finite element analysis. The modal analysis
confirmed the ovalling of the shell between the ends for modes 1 and
2. The modal data was insufficient to determine the third mode shape
but agreed with the FEM results in that the only significant
distortions where located in the cylindrical portion of the shell
between the stiffeners.
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The central stiffeners on the front door were found to have a
resonant frequency of 54 Hz. The door plate frequency between the
stiffeners was 120 Hz. similarly, the 1lowest fregquencies of the
fixed end of the chamber were 120 and 136 Hz.

COMPARISON OF FEM ANALYSIS AND EXPERTMENTAL MODAL ANALYSIS

The table shown below compares the results of the FEM analysis and
the Modal Analysis. Although the modal analysis is dependent on the
curve fitting procedure used and the frequency ranges selected, the
accuracy is within 2%.

MODE FEM Hz MODAL Hz
1 53 48.0
2 63 64.3
3 12 72.3

The frequency results for the first mode are within 10% of each
other. The second and third mode values are within 2% and .5% of
each other, respectively. 1In addition to the inherent approximations
of the FEM, the following items may account for some of the
discrepancy in the results.

Although there are a number of areas where the model differs from the
actual structure, the greatest difference is the attachment of the
full door to the chamber. The FEM analysis assumed that the door was
seated against the chamber with a force sufficient to prevent
displacement of the door relative to the vessel end. When under full
vacuum, the door is seated against the chamber with a force in excess
of 115,000 Kg. The modal analysis was conducted with the chamber at
atmospheric pressure. C-clamps were used to hold the door against
the chamber. Although firmly held in place, the clamping force was
not sufficient to compress the o-ring seal sufficiently to cause
metal to metal contact between the door and chamber. Thus, the door
to shell contact was through the elastomeric o-ring. The mode shape
jdentified by modal analysis d4did not indicate excessive displacement
of the chamber at the door. However, the modal analysis mode shapes
were not sufficiently detailed to jdentify anything more than the
general mode shape. It should Dbe noted that an equivalently
stiffened cylinder with one open end has an ovalling first mode
frequency of approximately 30 Hz.

The mass of the FEM model did not completely correspond to that of
the chamber configuration when field tested. The locations of some
attachment were not known when the chamber was analyzed and thus were
not included. The chamber contains 14 nominal 300 mm diameter view
ports. Ten of these are located 90° from the top of the chamber with
five viewports on each side. These 50 Kg viewports are located at
the location of maximum radial displacement for the first mode and at

a node line for the second mode. The chamber also contains a
platform at the top of the chamber which is at a location of maximum
radial displacement for the first mode. The mass of the thermal
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shroud was distributed over the entire chamber in the FEM analysis.
The shroud was not in place during the modal analysis.

The FEM model discretely models the chamber stiffening but does

contain some variations. The actual stiffening is stitch welded to
the chamber but continuously attached in the model. These variations
are minor and most 1likely not significant. It should be noted

however that the +third mode shape does not include stiffener
displacement and was accurately predicted by the FEM analysis.

CONCLUSIONS

Through the use of design and analysis procedures, CBI successfully
provided a thermal wvacuum facility which exceeded the customer's
stability requirements. The following points should be considered
for future installations.

The specific ambient ground vibrations and soil conditions of a
proposed facility must be determined and analyzed to accurately
predict the facility stability. A Power Spectral Density analysis
can be used to select and design the most economical support
configuration. So important is the PSD analysis that CBI has
developed the in-house capability to perform the PSD analysis since
the completion of the Grumman facility.

Vibrations transmitted to the test article foundation must be
limited. 1In this facility the test article was supported indirectly
by the seismic mass. The seismic mass was independent of all other
foundations. In addition, all the vibrating components associated
with the system were supported on vibration isolated equipment skids
even though supported on independent foundations.

Vibration inputs to the facility through penetrations and attachments
can significantly increase the accelerations and resulting
displacement of the test platform. Flexible hose and bellows were
used on all attachments. Their stiffness was known and included in
the analysis of the facility.

Detailed finite element models can successfully predict the mode
shapes and corresponding frequencies of the chamber. Models must
represent the final configuration as closely as possible. Basic
geometric shapes can be used to identify general behavior of the
facility. Naturally, the accuracy will be dependent on how closely
the facility corresponds to the configurations studied.

Experimental modal analysis can be used to accurately determine the
dynamic characteristics of a completed facility. Natural frequencies
can be determined with a relatively small number of data points.
Mode shapes are more difficult to determine and thus require closely
spaced data points.

Knowledge of the vessel behavior can be used to limit both the test
platform support vibrations and the vibration inputs through chamber
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attachments. Supports and attachments should be placed at 1low
frequency node 1lines. An irregular cross section or irregular
stiffness is required to orient the modes and establish a consisent
phase angle. Minimizing the effect of low frequency modes can be
extremely beneficial for very large chambers which require tremendous
stiffening to provide similarly high natural frequencies.
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Figure 4. First Mode Frequency of the 1/4 Model — 53 Hz
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gure 5. Second Mode Frequency of the 1/4 Model — 63 Hz
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Figure 6. Third Mode Frequency of the 1/4 Model — 72 Hz
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ABSTRACT \ -

The thermal vacuum facilities of IAL SPACE have been tailored
for testing of the ESaA payloads. They have been progressively
upgraded for cryogenic payloads including 4K (liquid heljium
temperature) experiments.

A detailed review of the three vacuum chambers, ranging from
1.5 meter to 5 meter diameter, is presented including the
corresponding capabilities in the vacuum, thermal and optical
fields.

The various aspects of cleanliness, product assurance and
quality control are also presented.

INTRODUCTION

IAL SPACE is a research center of the University of Liege,
Belgium, which has been devoted since 1962 to space research, in
close cooperation with the European Space Agency (ESA) from the
beginning. After a series of sounding rocket payload development,
IAL SPACE has been involved mainly in the thermal vacuum testing
of optical payloads for satellites. Some major steps of this
activity are listed hereafter

- ultraviolet telescope (S2/68 experiment) aboard the TDI
satellite, launched in 1962 by a THOR DELTA vehicle;

- infrared radiometer of the weather forecast METEOSAT satellite;

- Hubble Space Telescope : detectors of the European exXxperiment,
called Faint Object Camera (FOC) ;

- imaging camera of the GIOTTO probe, launched at the encounter
of the Halley comet;

- complete payload of the HIPPARCOS astrometry satellite;

- infrared telescope of the Infrared Space Observatory (ISO)
satellite, to be launched from 1992 by an ARIANE vehicle.

The latter payload is quite ambitious. It is composed of a
600 mm diameter telescope, placed into a cryostat with 2200 liter
of liquid helium in order to keep the experiment at around 4K
during 18 months. All necessary tests have to be carried out in
this temperature range.
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Figure 1 : view of FOCAL 1.5 From left to right : monochromator,
imaging telescope, vacuum chamber.

The pumping system is composed of a mechanical roughing pump,
a turbomolecular pump and, when necessary, a cryopump. The
ultimate vacuum is better than 10-5 mbar in the whole temperature
range.

2) FOCAL 2

This chamber is made of stainless steel with an horizontal
axis; the diameter is 2 meter and the length is 5 meter without
lids. It is equipped with and optical bench (1.3 X 4.7 meter),
the feet of which are resting on an external seismic block. The
optical bench does not touch either the chamber or the ground of
the clean room. The resulting stability is quite good (vibration
level in the 10-6 g range), so that interferometric measurements
can be carried out under vacuum.

For thermal regulation, FOCAL 2 had been completely lined
with thermal shrouds for the TD and METEOSAT test campaigns. In
order to get more flexibility to install viewports, feedthroughs,
..., the shrouds have been removed and replaced by a railway system,
which allows dedicated shroud assemblies to be attached and moved
along. The modification enhances the available space, and greatly
improves the flexibility of the facility. In particular, the
modified chamber can accomodate experimental setups coming from
the large chamber FOCAL 5 (see next paragraph) and vice-versa,

. ORIGINAL PAGE IS
5 OF POOR QUALITY



provided the overall dimensions are compatible. This was
purposely designed in the case of the ISO project, in order to
have a backup test facility in case of planning problems.

Figure 2 : view of FOCAL 2 (lids removed). The optical bench
(below) and the railway system (top) are clearly visible.

The thermal connections of FOCAL 2 are fixed on interchangeable
flanges of a standard type. They are able to feed the shroud
assemblies in the range -190C to +80C, by using nitrogen which is
prepared in a thermal group with an automated valve assembly.

The pumping system is able to reach a vacuum of 10-5 to 10-6
mbar, depending on the outgassing of the test setup. It is
composed of a mechanical roughing group, a turbomolecular pump
and two cryopumps with large vacuum valves. This configuration
authorizes long vacuum sequences on experiments with significant
outgassing rates, by using the cryopumps in alternance, while
enabling fast returns to the atmospheric pressure since the
cryopumps can be isolated from the chamber.

3) FOCAL 5

This chamber is one of the largest in Europe. It has a
diameter of 5 meter and a length of 6 meter without the lids, with
an horizontal axis. It is equipped with a large optical table
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(1.8 X 6 meter) which is mechanically insulated from the chamber
and rests on a separate 350 ton seismic block. The resulting

w3
E ]
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;

Figure 3 : view of FOCAL 5 (lids removed) with a part of the
IS0 shroud assembly attached on the trolley.

vibration level is 'between 2 and 4.10-6 g, with a first resonant
frequency around 16 Hz, giving access to the interferometric
measurements on tall payloads. The seismic block has the shape
of a cross, the arms of which can support the external optical
equipment needed for the optical measurements (interferometers,
theodolites,...).

The pumping system is able to achieve a vacuum of 10-6 mbar
within 3 hours, depending on the setup. It is composed of a
mechanical roughing group, ©One turbomolecular pump and a large
duplex cryopump fed by a helium liquefier.

A number of flanges, the diameters of which vary between
350 and 2000 mm, are distributed over the chamber with a
comprehensive set of electrical and fluid feedthroughs, and of
optical windows.

The payloads can be handled throughout the length of the
chamber by means of a monorail crane of 1000 kg capacity, one
section of the rail being permanently attached inside the chamber
and the other section being fixed to a movable trolley outside the
chamber. In case of need, an extra length of rail enables an
unloading at any end of the chamber.

The thermal shroud system has been designed in an original way,
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in order to accommodate various payload shapes while keeping the
fluid rates to a minimum. To achieve that, no Permanent shrouds
are installed. Instead, a trolley is rolling on two bars under
the "ceiling" of the chamber. The trolley can be equipped with
dedicated thermal shrouds which can surround the test payload
without touching neither the optical bench nor the payload (in
order to avoid vibration caused by the fluid circulation). All
fluid feedthroughs are located in the bottom of the chamber, so
that the piping is also decoupled from the optical bench.

Presently, FOCAL 5 has 10 independent thermal loops, each one
being able to control the temperature of a shroud between -190cC
and +60C by means of a mixture of hot and cold nitrogen. For each,
loop, the process control software can achieve either a stable
temperature (to 0.1C in the whole range) or temperature changes
with preset speeds. Additionally, two loops can deliver ligquid
nitrogen without temperature regulation, for simple cold space
simulations.

In order to fulfill the ISO test requirements, three cold
helium loops have been installed, which are able to cool the
shrouds and the experiment either with 4 gaseous or a liquid phase
helium, supplied by the liquefier system. The results indicate
that a effective temperature of less than 5K has been obtained in
the whole test setup, the total weight of which exceeds 500 kg.

The data handling and command system is based on a data logger,
several HEWLETT-PACKARD 9000 workstations and a home-made process
control software based on MONITROL. It can handle up to 500
thermal channels, record them and give realtime displays as well
as historical graphs, temperature and gradients automatic
control,...

4) CLEAN ROOM

All the above facilities are located in a controlled
environment area of 650 square meter and 10 meter high, with two
airlocks in series (each one being 10 meter high and 80 square
meter area). The temperature and humidity are regulated, and the
cleanliness class is 10000 (Fed.Std. 209). An external room (100
square meter) can receive the customer's payload checkout
equipment. The air cleanliness is obtained by a bank of filters,
installed under the clean room; filtered air is injected from
the ceiling of the room through a distribution of diffusers and
taken back at the ground level, along the walls.

Around FOCAL 5, a class 100 enclosure of 500 cubic meter has
been built inside the clean room with a laminar flux bench which

318



blows HEPA-filtered air throughout the vacuum chamber (horizontal
air flux). The class 100 assembly also comprises a double airlock
for personnel (GORETEX garments are extensively used) and a
preparation/cleaning/storage area, also of class 100, which serves
as an equipment airlock.

Figure 4 : general view of the clean room. From left to riaght :
class 100 enclosure, FOCAL 5 chamber, FOCAL 2 chamber

In the course of a test, all equipments (apart from the main
air circulation in class 10000) are connected to a no-break power
supply, in order not to loose data or stop the activities in case
of mains breakdown. Anemergency fuel generator can take the relay
of external mains within 30 seconds.

5) CONTAMINATION CONTROL

5.1. Dust particles.

In the frame of the ISO activities, very stringent cleanliness
requirements were asked and lead to a careful monitoring of dust
particles. Indeed, the optical surfaces are gold coated and no
cleaning process has been considered; moreover, several tests have
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been scheduled on the same ocptical components at various levels

of integration (bare mirror, mounted mirror, assembled optical

combination, whole telescope with experiments). This testing

philosophy leads to a maximum required contamination level of 15

ppm per test (fallout obscuration factor, expressed in parts

per million). In order to achieve this requirement, the air dust

contents is regularly measured by means of a HIAC/ROYCO dust

counter, in order to ensure that the class 100 airborne level is
kept at all times. In addition, a number of particle fallout
samples (PFO) are distributed all over the working area and
measured every day by a PFO photometer (URAMEC, Netherlands, under

ESA license).

The theoretical PFO rate is 1.5 ppm/day for a class 100 zone,
but this equivalence refers only to a normal distribution of dust.
When a large amount of equipment is handled by several people, the
above correspondance is lost and our actual results are around 3
ppm/day. Even to achieve this result, a stringent discipline is
mandatory in the clean room and during the test
- frequent vacuum cleaning of most equipment;

- limited use of wipers, which all produce fibers during the
cleaning of machined surfaces;

- use of GORETEX garments with a strict clothing procedure (other
garments produce small fibers and are not leak tight enough) ;

- frequent inspection of the hardware with ultraviolet light in
order to actually see the dust particles;

- during the vacuum sequence of the test, a very slow pumpdown is
mandatory, in order to avoid turbulences inside the chamber which
could move the remaining dust particles;

- at the end of the test, the return to ambient pressure is allowed
through an HEPA filter, at a speed similar to that of the pumpdown
for the same reason.

A number of further actions are constantly taken for still
improving the cleanliness levels towards the limit.

5.2. Molecular contamination.

Since the testsat IAL SPACE are mostly vacuum optical tests, a
number of equipment items have to be designed in order not to
outgas when in vacuum. In the case of ISO, the situation is still
more complicated, because the test specimen is cooled to cryogenic
temperatures and it can trap any released contaminants.
The requirement is down to 2.10-8 g/cm2 for a complete test sequence,
as measured by witness samples which follow the temperature cycle
of the telescope.
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Nevertheless, the requirement has been fulfilled, mainly by means

of the following precautions

- preliminary chemical cleaning of the cleanroom plastic walls,
in order to remove the volatile plasticizers;

- severe selection of all the vacumm-used materials;

- no paint except black CHEMGLAZE 2306 without primer;

— no lubrication except FOMBLIN 7Z25 grease and oil;

- in-depth analysis of the cool down and warm-up sequences, in
order to ensure that the test specimen is never the coldest
point in the setup;

- use of a cold trap which catches most of the released
contaminants;

- repressurization of the chamber only with clean gaseocus nitrogen
(taken from the main nitrogen tank and filtered).

6) PRODUCT ASSURANCE AND QUALITY CONTROL

Since IAL SPACE is a coordinated facility of ESA, all testing
activities are managed under a product assurance organisation
which is compliant with the ESA system (PSS : Procedures, Standards
and Specifications). The administrative position of IAL SPACE
within of expertise (chemical analysis,...), whereas its autonomy
can cope with the management and planning aspects of space
programs.

7) CONCLUSION

The TAL SPACE facilities represent a major tool for thermal
vacuum testing of satellite payloads. They are able to cope with
simultaneous requirements regarding temperature, optical
stability, experiment volume, vacuum and cleanliness. The
necessary ground support equipment is essentially designed and
manufactured, either in-house, oOr in a series of neighbouring
companies with a high expertise.
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The experimental test setup is presented elsewhere in this
conference. The purpose of the present paper is to give a review
of the main test facilities at IAL SPACE.

Three vacuum simulation chambers are currently operated at
IAL SPACE, with a regular upgrading to high performances. Their
uniqueness is due to the integrated optical benches with a very
low vibration level (in the 10-6 g range), giving access to
interferometric measurements under vacuum. Thanks to a Memorandum
of Understanding with ESA, all the facilities are continuously
kept to the state-of-the-art by a highly experienced team.

All the chambers bear the name of FOCAL (acromym of "Facility
for Optical Calibration"), with a figure corresponding to their
diameter. Depending on the required volume and specifications,

a given test can be run with the optimum cost and duration by
choosing the appropriate chamber. A strong effort has been made
on the modularity and flexibility of the chamber systems, together
with the standardization of components.

FOCAL 1.5

This small chamber (1.5 meter diameter; 0.7 meter height;
horizontal axis) has been extensively used for HST-related

activities. It is made of stainless steel in 3 parts : a baseplate,
a main cylinder and a 1id, giving a very high transportability.
The chamber is connected to a vacuum monochromator (range : 120

to 650 nm) by means of an imaging telescope assembly. Hence it is
possible to project the monochromatic images of a test pattern
inside the chamber, or to supply a flat field illumination.

Inside the chamber, specimens up to 100 kg can be remotely
aligned by means of 3 crossed-axis translators and 1 rotator. The
whole test setup in the chamber can rest directly on one of the
existing seismic blocks, by means of columns which pass through
the baseplate via bellows without touching anything else.

The temperature regulation can be ensured between -40C and
+ 60C, both at the specimen level by means of fluid feedthroughs,
and arcund the specimen by a set of removable shrouds which cover
the inner skin of the chamber. Within the temperature range,
stable values or programmed cycles can be controlled by a process
software, together with the data recording and retrieval.
Recently the temperature range has been extended by a liquid
nitrogen connection and internal heaters, in order to allow fast
(15 minutes) cyclings to be applied on specimens between -120C
and +200cC.
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CONTAMINATION CONTROL PROGRAM FOR THE COSMIC _BACKGROUND EXPLORER:

NASA/Goddard Space Flight Center

1. ABSTRACT

Each of the three state-of-the-art
instruments flown aboard NASA's
Cosmic Background Explorer (COBE)
(2) were designed, fabricated, and
integrated using unique contamination
control procedures to ensure accurate
characterization of the diffuse radiation
in the universe. The most stringent
surface level cleanliness specifications
ever attempted by NASA were required
by the Diffuse Infrared Background
Experiment (DIRBE) which is located
inside a liquid helium cooled dewar
along with the Far Infrared Absolute
Spectrophotometer (FIRAS). The
DIRBE instrument required complex
stray radiation suppression that defined
a cold primary optical baffle system
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surface cleanliness level of 100A.**
The cleanliness levels of the cryogenic
FIRAS instrument and the Differential
Microwave Radiometers (DMR) which
were positioned symmetrically around the dewar were less stringent ranging from level 300A to 500A.
To achieve these instrument cleanliness levels, the entire flight spacecraft was maintained at level S00A
throughout each phase of development. This paper describes the COBE contamination control program
and the difficulties experienced in maintaining the cleanliness quality of personnel and flight hardware
throughout instrument assembly, spacecraft integration, flight environmental qualification, and launch
site operations.

2. INTRODUCTION

Figure 1. Cosmic Background Explorer

The COBE spacecraft was launched on a Delta Rocket into a 559 nautical mile polar orbit on
November 17, 1989 to study the dynamics of the origin of the universe. Figure 1 shows a schematic
drawing of the spacecraft's deployed on-orbit configuration and relative locations of the DIRBE, FIRAS,
and DMR instruments inside the Radio Frequency (RF)/thermal shield. The deployable mechanisms
aboard the spacecraft include the omni-antenna, three solar array wings, RF/thermal shield with attached
DMR contamination covers, and the dewar aperture cover that protected the FIRAS and DIRBE
instruments from particulate and molecular contamination during the first 72 hours of orbital operations.

** Surface Cleanliness Levels and Air Quality Class results are stated according to Federal and Military
Standards (References #1 & 3)
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Both the FIRAS and DIRBE instruments operate at temperatures below 2 Kelvin inside the dewar.
This required innovative contamination control measures to prevent condensation of outgassing materials
on critical cold optical components. FIRAS is a modified Michelson interferometer that operates in the
wavelength range from 0.1 to 10 mm to determine the spectrum of the cosmic background radiation.(2) It
utilizes a polished aluminum input skyhom to direct cosmic radiation into the optical system. Particulate
or molecular contamination in excess of level 300A would decrease off-axis rejection performance of the
skyhorn and possibly destroy tiny elements inside the bolometer detectors at the base of the skyhorn.

The DIRBE is located above FIRAS inside the liquid helium dewar and is currently measuring the
diffuse galactic radiation in the wavelength range from 1 to 300 microns. The first optical element in this
off-axis Gregorian system is a super polished, gold-coated aluminum parabolic mirror that was cleaned
and maintained at level 100A to minimize radiation scattering.(5) DIRBE was assembled in a Class 100
vertical flow clean room, and completely sealed with the exception of a 70 micron pore filter positioned in
the optical baseplate under the primary mirror. This filter allowed pressure equalization between the two
instruments inside the COBE dewar during vacuum pump down procedures.

The final instrument flown aboard COBE was the DMR which has three individual receiver heads
positioned symmetrically around the periphery of the dewar to determine whether the cosmic background
radiation is equally bright in all directions. The DMR antennas operate at wavelengths of 3.3, 5.7, and
9.6 millimeters respectively to map the entire sky.(2) The internal surfaces of the corrugated horns were
protected from particulate contamination at all times to preserve the cleanliness of the horn throats and the
switching mechanism that is used to calibrate each receiver on orbit. A particle of 180 microns in length
would cause blockage in the horns and interrupt signal throughput.

3. CONTAMINATION CONTROL SPECIFICATIONS

During early design phases, cleanliness specifications for the COBE instruments described above were
established to protect critical components such as the DIRBE optics and detectors from unknown
contamination. They were based on theoretical instrument performance degradation studies performed
early in the project's design phases and contamination data obtained from previous successful satellites
such as the Infrared Astronomical Satellite (IRAS). However, this data did not describe the effects of
molecular depositions and particulate debris on the performance of the unique COBE instruments. There
was also limited data defining the contamination transport mechanisms in a space environment that could
coat critical cold optics with molecular layers of contamination from high energy atomic oxygen
bombardment or particulate contamination from micrometeriod collisions with the spacecraft. Based the
lack of scientific data, the COBE design team defined cleanliness specifications as stringent as possible
based on the availability of state-of-the-art cleaning procedures, cleaning facilities, clean room garments,
and clean room operating procedures.

COBE flight hardware was cleaned and certified to the design phase specified cleanliness levels at the
component level prior to spacecraft integration. Once flight integration started, it became extremely
difficult to maintain these cleanliness levels due to fabrication and integration operations that took place
after the instrument components were originally cleaned. Additional contamination control analytical data
was obtained using flight-like breadboard instruments and experimental techniques such as white light
scattering photography, detector Non-Volatile Residue (NVR) analysis, and Bidirectional Reflectance
Distribution Function (BRDF) measurements which describe the scattered radiance produced by
particulate or molecular contamination on optical surfaces. These analyses showed that the strict
cleanliness levels defined during the design phase of the COBE project were only required on critical
optical surfaces such as the DIRBE primary mirror and forebaffle, FIRAS sky horn, and DMR corrugated
antennas. As a result of this data, new flight hardware was designed to protect critical areas such as the
DIRBE input aperture and DMR antennas, and contamination control specifications for less-critical
instrument surfaces were relaxed to more achievable levels as shown in Figure 2.
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Figure 2. COBE Amended Contamination Control Specifications

4. CONTAMINATION CONTROL FLIGHT HARDWARE

Due to the stringent COBE contamination control specifications, sensitive surfaces of the FIRAS,
DIRBE and DMR instruments were protected by deployable contamination control covers during launch
and the early orbital outgassing period. A dewar aperture dome was the primary protection device that
covered the FIRAS and DIRBE instruments inside the dewar. This dome was installed prior to
pumpdown operations and remained attached to the dewar until the spacecraft had orbited the earth for
72 hours. The primary contamination concern during this time period was the possibility of water
condensing on the primary optical surfaces of the cold instruments. Outgassing characteristics of the
COBE were determined utilizing data obtained from the thermal vacuum qualification test that essentially
baked out the entire spacecraft for 3 days then exposed it to both hot and cold orbital simulations. Since
the thermal vacuum chamber contributed to the dissipation of water and other volatiles, it was necessary
to compare the actual thermal test data to a statistical spacecraft outgassing model based on theoretical
flux data. Outgassing data from multi-layered thermal blankets was used to evaluate the outgassing
characteristics of the COBE thermal shield and top deck blankets. Once the outgassing model was
established, other factors such as the dewar temperature profile, spacecraft orientation on orbit (90
degrees off velocity vector), and redistribution probabilities were factored in to arrive at the 72 hour safe

outgassing period.

A secondary DIRBE contamination cover was attached to the inside surface of the dewar aperture
cover to protect the primary mirror from contamination generated inside the dewar during spacecraft
vibration testing, launch site transportation and launch. An optical scatterometer was mounted to the
viewed aluminum surface of the oval DIRBE cover to measure the amount of radiation scattering
produced by particles on the gold coated primary mirror. This scatterometer was activated throughout
ground testing and just before deployment of the dewar aperture cover to measure the contamination
generated during launch. Figure 3 shows the position of the scatterometer and contamination cover
inside the dewar aperture cover.
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Contamination Cover

DIRBE Forcbaflle

Figure 3. DIRBE Contamination Control Cover Skirt

Additional contamination control covers were also designed to protect the DMR antennas from
particulate debris until the covers were deployed with the thermal shield approximately one hour into orbit.
Although the Delta Rocket fairing halves were cleaned and verified to Level S00A for the first time in the
history of Delta projects, debris generated during launch could dislodge and migrate into the corrugated
homns effecting the switching mechanism that allows on-orbit calibration. Therefore, light weight covers
were fabricated to protect the horns. Silicon foam was sealed with aluminized kapton and hinged from the
stowed thermal shield panels. The covers rested 0.3 inches above each set of DMR horns on a honey comb
support plate that contacted each radiometer in the center section throu gh a smooth delrin rail. When the
thermal shield deployed, the delrin guide slid across a kapton track that was attached to the center of each
radiometer. This provided a relatively particle free interaction between the delrin and kapton. Figure 4
shows the DMR contamination covers in the stowed position. The covers were successfully deployed with
the thermal shield and each DMR is functioning as planned.

Delrin Guide

Sealed Foam
Covers
Corrugated EMR
Antenna ousing

Figure 4. DMR Contamination Control Covers
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5. CLEANING and INSPECTION TECHNIQUES

All COBE surface cleanliness levels were maintained throughout fabrication, integration,
environmental qualification, and launch operations. These cleanliness levels were achieved through
initial component level cleaning in the COBE Precision Cleaning Facility (CPCF) along with routine
cleaning of the entire spacecraft. The CPCF is a Class 10,000 vertical laminar flow clean tent equipped
with an exhaust bench for chemical cleaning, ultrasonic cleaning station, and contamination inspection
stations. During spacecraft integration, a Quadrex Precision Cleaning Unit was installed in the CPCF.
It uses a high pressure Freon spray to remove surface contaminants from compatible materials. The
CPCF was continuously supported by two contamination control technicians who cleaned and inspected

each piece of COBE flight hardware prior to integration to the spacecraft.

Standard cleaning procedures included a combination of thermal bakeouts, solvent rinsing,
vacuuming, gaseous nitrogen blasting, vibration testing, and ultrasonic techniques. Each of the COBE
flight components were required to undergo a thermal bakeout to reduce potential contamination due to
outgassing. The thermal vacuum chambers were equipped with a cold finger and Quartz Crystal
Microbalance (QCM) to measure outgassing rates and amounts.

The COBE Contamination Control Group and Quality Assurance (QA) personnel utilized three
different inspection techniques to verify the levels of cleanliness of COBE flight hardware. First, the
component was visually inspected using a minimum 100 foot-candle intensity White Light and a Long
Wave Blacklight (365 nm) to determine the presence of molecular and particular contamination. Second,
a tape lift sample was taken and analyzed to provide a statistical estimate of the total number and size
distribution of particles per square foot that was present on the sampled item. If the item failed this tape
test, it was recleaned according to the steps identified in the cleaning procedure. Third, if molecular
contamination levels needed to be verified, a solvent wash was taken and analyzed using infrared and
mass spectrometry techniques. By utilizing these contamination inspection techniques, we were assured
of launching a COBE spacecraft that met the functional contamination performance requirements.

6. FLIGHT QUALIFICATION CYCLE

The COBE flight environmental qualification cycle was designed to ensure survivability and
functional performance of each spacecraft subsystem during launch and orbital operations. Flight
hardware was environmentally qualified at the component level as well as the fully integrated spacecraft
level. The qualification sequence included thermal vacuum cycling, three axis vibrations, acoustic
bombardment, microphonics, electromagnetic capability (EMC), and radio frequency interference (RFI)
tests. Special precautions were taken during each test to minimize contamination of the instruments and
spacecraft.

During each test, the spacecraft was located in a <Class 10,000 clean room environment and all
testing hardware was cleaned per COBE cleaning procedures. For example, the spacecraft was double
bagged in a clean antistatic Nylon film during transportation to the vibration, acoustic, thermal vacuum,
and RFI chambers. Once inside the thermal vacuum and RFI chambers (both are Class 10,000), the
outer bag was removed and the environment was stabilized prior to removal of the inner bag and
exposure of the spacecraft. The vibration and acoustic chambers were not clean rooms and the bags
remained on the spacecraft throughout testing. The bags were purged with Class 100 air conditioned
atmospheric air to maintain thermal specifications on the instrument electronics. The 18X8 feet diameter
bags used during the environmental qualification cycle were fabricated and cleaned at GSFC using a
bagging fixture designed and built by the COBE Contamination Control Team.
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6.1 Component Level Qualification Testing

The critical FIRAS, DIRBE, and DMR components were individually flight qualified prior to
integration to the instrument and spacecraft module. Throughout this testing, maintaining the
cleanliness level of the DIRBE primary mirror was the major contamination control goal. The DIRBE
baffle system as first assembled, was painted with Chemglaze Z-306 black paint filled with
microballons to decrease optical scattering. However, these microballons flaked and collected on the
primary mirror during both ambient and cryogenic vibrations. To alleviate this problem, the baffle
system was stripped of paint and black anodized. After completion of additional ambient and cold
temperature vibration tests, tape lift samples from the center of the primary mirror were analyzed using
an energy dispersive spectrometer and scanning electron microscope. The tapes showed no evidence
of anodized aluminum flakes on the post vibration tape samples. The corresponding cleanliness levels
met the Level 100A COBE specification.

Although the anodize surface was adequate for the DIRBE baffle system, FIRAS experienced
flaking of it's anodize outer shell portion of the skyhorn during contamination certification. Long (400
microns) strips of anodize material were lifted off the skyhomn by the tape samples used to test flight
components for particulate contamination. An anodized test sample was chosen that exhibited similar
tape test results and vibrated to the same levels as the anodized DIRBE forebaffle described above.

Upon completion of the vibration testing, the test sample was visually inspected and several tape
samples were taken from the clean bag that surrounded the sample. Final materials analysis showed
the anodize material was not shedding from the test piece due to vibration. The long strips of anodize
material seen on the previous tape tests were definitely not found in the post vibration particle analysis.
Therefore, it appears that the only way to cause the anodize material to shed is to physically remove it
with tape. The FIRAS skyhorn was qualified and flown with the original anodized outer surface.

6.2 Thermal Vacuum Testing

To simulate thermal environmental conditions imposed on COBE during launch and mission
operations, the spacecraft was thermally cycled in a Space Environmental Simulator (SES) at GSFC.
During the thermal vacuum portion of the simulation test, spacecraft temperatures averaged 5-10 C
above and below the predicted flight temperature extremes. Figure 5 profiles the thermal vacuum
chamber average temperature throughout the duration of the test.

The primary contamination control objective for the thermal simulation test was to determine the
possibility of the spacecraft self-contaminating its instruments either during launch or on-orbit.
Secondary objectives were: 1) bakeout the entire spacecraft during the first three days of hot soak
conditions 2) measure the amount of condensed contamination throughout each phase of the test, and
3) determine the chemical makeup of the residue collected on cold surfaces in the chamber. All of this
data was combined with a statistical on-orbit outgassing model of the COBE spacecraft to determine an
optimum outgassing period prior to dewar aperture cover deployment.
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Figure 5. COBE Thermal Vacuum Cycle Temperature Profile

6.2.1 Contamination Monitoring Techniques

Three quartz crystal microbalances (QCM) were spaced symmetrically around the spacecraft and
initially cooled with liquid nitrogen to provide a real-time means of measuring the quantity of outgassing
contaminants throughout testing. A QCM displays the difference between beat frequencies of two
10Mhz crystals in Hertz which can be analytically converted to a quantitative amount of outgassing from
the spacecraft. The QCMs were placed symmetrically around the spacecraft and two feet from the flight

hardware.

Along with the QCMs, a residual gas analyzer (RGA) was used to measure the ratio of mass-to-
electric charge of gas molecules in the thermal vacuum chamber. The gasses and vapors
isolated for the COBE test included water, oxygen, nitrogen, and helium. RGA scans were
recorded each eight hour shift, and the data was reduced to profile outgassing rates as a function of

chamber pumping time.

In addition to outgassing rates, the quantity and chemical background of condensed material was
determined using a cold finger, scavenger plate, and six polished aluminum mirrors. The mirrors were
mounted to the DMR support ring to collect condensed residue from the most contamination sensitive
portions of the spacecraft. The cold finger and scavenger plate were attached to the chamber and
actively cooled with liquid nitrogen so outgassing molecules from the spacecraft would stick to the cold
surfaces. The 4 foot diameter aluminum scavenger plate was flooded with nitrogen throughout the
duration of the test, whereas, the cold finger was actively cooled for the last eight hours of the test.
Upon completion of the thermal cycling test, the mirrors, cold finger, and scavenger plate were rinsed
with a solvent, and the residue was analyzed using Infrared and Mass Spectrometry techniques.
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6.2.2 Thermal Vacuum Test Results

QCM

Once the QCMs stabilized, temperature and frequency data was recorded hourly to establish trend
profiles. The frequency data was further reduced by calculating the difference between two subsequent
frequency readings to obtain a delta (A) frequency value. A representative graph of the QCM
temperature versus A frequency profiles is shown in Figure 6. The erratic amplitude spikes occurring
throughout the scan are the result of the instability in the QCM temperature controller which
occasionally varied by more than 5 C and caused delta readings to vary up to 100 Hz/Hr.
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Figure 6. QCM #1 Delta Frequency Profile

Despite lowering the QCM temperature to -60 C, the final A frequency results successfully met the
specifications outlined in the COBE Contamination Control Plan Phase IT which calls for the QCM A
frequency to be < 200 Hz/Hr, for five consecutive hours,

RGA

The RGA trend data was compiled for water, nitrogen, helium, and oxygen. A representative RGA
trend profile for water is shown in Figure 7. The initial spikes on the graph at the end of the first day
are the result of a helium leak in the dewar pump lines. The diffusion pumps were turned off, and the
chamber was brought back to ambient conditions before the leak was isolated and controlled.

Once the chamber was pumped back down to 10-7 TORR, the outgassing rates of helium, oxygen,

and nitrogen decreased to the 10-9 scale. Water dissipated at a slower rate, stabilizing after 50 hours of
hot soak conditions. The temperatures of the spacecraft during this first hot bakeout phase averaged 10
C higher than mission temperature predicts. Thus, outgassing rates should be slower on orbit than
seen in the thermal vacuum tests.
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Cold Finger

The cold finger was activated during the last eight hours of the thermal vacuum test, and the residue
was rinsed into a petri dish for analysis which showed 1.3 mg of contaminants. This unusually low level
of contamination included Caprolactam, Tributyl Tin Chloride, Triallyl Cyanurate, Benzoic Acid, DC
704, and Phthalate Esters. With the exception of DC 704 diffusion pump oil and Phthalate Esters, the
other materials that condensed on the cold finger are frequently used in the insulation of electrical
harnesses. The most abundant condensed material was Caprolactum which is the anti-static agent in the
Richmond Corporation Anti Static (RCAS) 2400 Nylon bagging material. COBE eliminated this
contamination source by changing the bagging material that was used after thermal vacuum testing to a
mylar type material known as Llumaloy-HSC (Martin Processing). The components that were extracted
from the cold finger rinse are acceptable according to the flight levels specified in the COBE
Contamination Control Plan Phase IL

Scavenger Plate

Residue from the scavenger plate showed essentially the same chemical characteristics as the
contamination rinsed from the cold finger. The amount of residue was 3.3 mg, however it was rinsed
from a surface area of 12.5 square feet which is 10 times the area of a cold finger. This residue contained
normal chamber and spacecraft materials.

Witness Mirrors
The witness mirrors were strategically placed on the DMR support ring to collect contamination that

would condense on the most critical external surfaces of the dewar and DMR instruments. The post test
chemical analysis of the witness mirrors showed no detectable organic residue.
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6.3 VIBRATION/ACOUSTIC TESTING

The COBE flight spacecraft was also subjected to acoustic testing along with a 3-axis sinusoidal
vibration sweep. It was double bagged and purged throughout the duration of the tests because the
vibration and acoustic cells were not clean rooms. Primary contamination control objectives were to
measure the generated debris and spacecraft self-contamination, analyze the effectiveness of the DMR
contamination control covers, and asses the possibility of debris created during the launch reaching
sensitive areas around the DMR heads and cryogenic dewar.

Prior to vibration and acoustic testing, machined witness plates containing mylar disks coated with
transfer adhesive were mounted to the DMR honeycomb support ring in the same locations as the
witness mirrors used during the thermal vacuum tests. The witness plates were designed to gather the
contamination generated between the external surfaces of the DMR blanket material and the painted
dewar. Upon completion of the tests, the mylar disks were removed and analyzed.

6.3.1 Vibration Test Results

The level of contamination measured on each witness plate met the level 500 COBE mission
specification. These results are shown in Table 1 below. The debris seen on the mylar plates was a
combination of metal particles and small polyester fibers generated by clean room garments. The fibers
are removed during the routine spacecraft cleaning shifts and will not contaminate the spacecraft during
launch or in orbit.

There were also many tape lift samples taken at various locations on the spacecraft after it returned to
the clean room. A majority of the tape lifts were from the upper deck regions close to the DMR
instruments. Aluminum and black anodized particles of various sizes were found on the top portion of
MLI attached to the bottom deck. Additional tape samples showed migration of the debris from inside
the cowling to the solar arrays and other portions of the bottom deck. The particles were generated by a
scrapping interaction between the backside of the cowling and the spacecraft frame during testing. A
layer of isolating Nylon material was added between the spacecraft and the painted flight cowling panels

to provide a smooth surface that would not shed during launch.

Witness Plate # Location Results

1 Left side of the 90 GHz DMR head Level 500

2 Right side of the 53 GHz DMR head Level 300

3 Left side of the 31 GHz DMR head Level 300

4 Right side of the 90 GHz DMR head Level 500

5 Right side of the 31 GHz DMR head Level 500

6 Left side of the 53 GHz DMR head Level 300
* All measured contamination levels on the witness plates meet the functional performance
specifications outlined in the COBE System Performance Specifications for a Delta Launch.

TABLE 1. Post-Vibration Contamination Witness Plates Results
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7. TRANSPORTATION TO LAUNCH SITE

A unique COBE transporter trailer was built to control the temperature, pressure, humidity, and
cleanliness of the environment that surrounds the spacecraft while protecting it from induced vibrations
and stresses. The filtration system used in the transporter enabled the pressure to stabilize at
equilibrium inside the clean container during both takeoff and landing of the C-5 transport plane that
carried the spacecraft from Andrews AFB in Maryland to Vandenburg AFB in California. This
transporter is shown schematically in Figure 8.

Prior to mounting the spacecraft to the transporter, large Llumaloy-HSC bags were fabricated and
fitted with 70 micron pore filters mounted symmetrically around the center and top of the bags. These
bags were fabricated at GSFC because the estimates from various contractors around the U.S. were
extremely high and they could not meet the required delivery schedule. The final acceptance testing of
the bags consisted of particle counts, rinse samples (to test for non-volatile residue) and tape lift
samples. The particle counts and tape lift samples inside the bag were all <level 500, and the rinse

sample residue was < 1mg/sq. ft. which is the COBE molecular contamination specification.

Once the bags were completed, they were sealed around the spacecraft and it was mounted vertically
to the transporter using an engineering model of the 6019 Delta adapter ring. A breathable air purge line
equiped with a desiccant and 2 micron particulate filter was inserted into the inner bag to provide
positive pressure between the inner bags and the air inside the outer hard shell which was insulated and
isolated from the skid base. A thick outer bag equiped with three HEPA filters was then placed around
the double bagged spacecraft and supported by a cage to add further weather protection. The outer bag
was a two piece design with zippers to provide sudden decompression relief. The HEPA filters
protected the spacecraft from the incoming air supplied by the HVAC system which consisted of dual
air conditioners and heaters and was powered by a diesel generator. The design supply air flow rate
was 800 cubic feet/minute (cfm) with a fresh air flow rate of 100 cfm which provided two air changes
per minute inside the outer hard box. The HEPA filter system and the outer bag ensured a < Class 1000
environment around the spacecraft throughout transportation.

Contamination measurements were taken once the spacecraft was unbagged at VAFB to verify
surface cleanliness levels. During the application of tape samples and solvent wiping, technicians
noticed moisture on the bottom deck multi-layered-insulation (MLI) under the vent lines from the helium
dewar. Although the humidity was controlled by the transporter, the venting of helium caused moisture
to condense onto the vent tube next to the spacecraft which increased the humidity inside the inner bags.
A thin layer of contarnination was also noticed on the top deck thermal shield standoffs, MLI, and
aluminum panels. Extensive analysis showed that the contamination was Caprolactum which is the
monomer that the RCAS 2400 clean bags were made from. Caprolactum becomes a contaminant at
room temperature when an acceptor substrate such as silicon based paint or potting material is present
and the relative humidity is around 50% or more.

The presence of caprolactam was realized early in the integration phase of the spacecraft and the
solution called for a complete thermal bakeout prior to TV/TB testing because the rate of volatilization is
diffusion controlled and recondensation can occur on cold surfaces such as the thermal shield. An
effort was made to remove the Caprolactam from the spacecraft through thermal vacuum testing, but
apparently, some still remained absorbed to the polyurethanes (paint, potting, conformal coating and
staking material). The moisture (condensation) attracted the Caprolactam from the vapor phase, since it
is hygroscopic. All of these facts were verified using IR and mass spectral analysis in the laboratories.
The Caprolactam was removed with absolute (200proof) ethyl alcohol and the spacecraft showed no

further signs of contamination due to the transporter environment.
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Figure 8. COBE Launch Site Transporter Clean Environmentally Controlled System

8. DELTA FAIRING CLEANING PROCEDURE

The Delta rocket fairing halves were submitted to the same contamination levels and inspection
techniques as the external surfaces of spacecraft because the spacecraft was not adequately protected
from contamination generated during fairing installation and launch.

The COBE/Delta fairing “super cleaning” task began with an initial inspection of the building 1610
white room (VAFB) (Class 10,000 at best) and both fairing halves by representatives from McDonnell
Douglas, Kennedy Space Center, and GSFC. During this inspection, all parties noticed loose sections
of silicon sealant that was used to seal gaps between machined aluminum flanges and the fairing skin in
the upper nose cone. By sealing these areas, the debris between the flanges and fairing skin is trapped
which eliminates the possibility of metal particles redistributing on the spacecraft during launch. This
section was the most critical portion of the fairing because it was directly above the COBE dewar and
DMR instruments during launch. Therefore, materials experts from McDonnell Douglas were
summoned to VAFB to inspect the silicon adhesion. The material was physically stripped from the
fairing, and new silicon was applied with emphasis on proper surface cleaning and preparation.

Once the new silicon had cured for seven days, it adhered strongly to the aluminum fairing skin and
the super cleaning procedures continued. These procedures which were developed by the COBE project
combined high pressure freon spraying with tedious vacuuming and wiping techniques to achieve the
final cleanliness level of SO0A. This level was ultimately reached despite inefficient equipment and
facilities and the fairings were double bagged for transportation and storage on the gantry.

The final cleanliness levels of the fairings were verified by visual inspection under both UV and white
light. Thirteen tape lift samples were taken to document the effectiveness of the newly developed super
cleaning techniques. These levels were comparable to the external cleanliness level of 500A on the
COBE spacecraft.
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9. LAUNCH SITE OPERATIONS

Once the spacecraft arrived at the launch site, it was positioned in a horizontal laminar flow clean
tent that ranged between Class 100 and 1000 depending upon the amount of activity and number of
personnel workingin the area. Cleaning stations and a garment changing area was built adjacent to the
large opening of the tent and a curtain that covered 60% of the opening was added to increase the
airflow velocity to 300 feet/second in the change room and 150 feet/second in the clean tent. This tent
proved to be a stable environment that maintained the cleanliness of the spacecraft throughout final

launch integration prior to transporting to the gantry.

The gantry was a Class 100,000 facility located on the shores of the Pacific ocean. We were
extremely concerned about maintaining the cleanliness levels on the spacecraft during Delta rocket
mating and fairing installation. Several unique measures were incorporated into the standard
procedures to maintain the cleanliness of the spacecraft in such a dirty environment. First, the gantry
was cleaned a several times by the McDonnell Douglas technicians, however, the resulting air class
levels were still unsatisfactory for our spacecraft. Further cleaning by our technicians lowered the
contamination levels from around Class 300,000 to 10,000 as shown in Figure 9. Second, the
spacecraft was double bagged and purged with Grade C gaseous nitrogen during transportation to the
gantry, then the purge was changed to conditioned air provided by a portable A/C unit that was
positioned on level five of the gantry until the fairings were installed. Third, the clean bags and
purging hoses remained on the spacecraft until just before the fairings were installed to protect the
spacecraft as long as possible. Finally, a "shower” cap was installed on the spacecraft to protect the
exposed DMR instruments and cryogenic dewar until just before the second half of the fairing was
installed.

Once the spacecraft was securely inside the fairing, a HEPA filtered A/C hose was connected which
was certified to Class 100 and provided positive air flow (100 cfm) through each stage of the Delta
rocket. The air flow inside the fairing was routinely sampled for 20 minute time periods to measure the
air quality around the exposed spacecraft. A sample of the data is shown in Figure 10. Although the
gantry environment was dirty, the air quality data showed a clean environment inside the fairings and
gave us confidence that the strict cleanliness specifications outlined earlier were met.
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Figure 9. Delta Gantry-Level 5 Cleanliness Certification Particle Counts
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Figure 10. Delta Fairing Cleanliness Certification Particle Certification

10. FINAL CONTAMINATION RESULTS

The final contamination levels of all flight hardware were verified at different times throughout
spacecraft integration, launch site operations, and Delta fairing installation. These verifications
consisted of visual inspections, tape test readings, and solvent wipe analysis. All contamination
verification occurred at the last possible time that we had access to the flight hardware. For example
the FIRAS and DIRBE flight contamination verification was completed during integration into the
cryogenic dewar, whereas, the DMR instrument and thermal shield readings were taken on the gantry-
fifteen minutes prior to fairing installation. A representative sample of the tape lift data taken just prior
to launch is shown in Table 2. All measured contamination levels from the flight instruments and
spacecraft met or were below the required levels as stated in the COBE Contamination Control Plan.

11. CONCLUSION

The stringent cleanliness specifications required by the FIRAS, DIRBE, and DMR instruments
were initially met and maintained by implementing strict clean room operational procedures, routine
cleaning and inspections of flight hardware, and unique environmental control systems that protected
the spacecraft from contamination during transportation and launch operations. Flight instrumentation
was initially cleaned and certified to specified levels at the component level prior to instrument
integration. These cleanliness levels were amended during integration because new flight hardware
was designed to protect contamination sensitive instrument components, and additional analytical data
was obtained that justified relaxing the specifications to more achievable levels.

These levels were maintained throughout environmental qualification, transportation to the launch
site, and launch operations by protecting contamination sensitive hardware, performing routine
cleaning of the spacecraft, and controlling daily operations of support personnel in the clean rooms
(which proved to be most effective means of maintaining a clean spacecraft). The spacecraft was
located in a Class 10,000 clean room environment which consisted of either a clean room, purged
double bagged assembly, HEPA filtered transporter or purged Delta fairings. The GSFC
Contamination Control Team was consistently developing new cleaning, inspection, and
contamination monitoring techniques that are now being used by other clean satellites such as EUVE
and ROSAT. Private companies such as McDonnell Douglas have also benefited from the COBE
contamination control program by incorporating our clean room operation and hardware cleaning and

336



Location
Panel 2-Black Painted Surface of Transponder Electronics Box
Panel 2-MLI Surface of the Battery Wall
Panel 2-Bottom Deck MLI Surface next to the Batteries
Cowling Panel #1-Bare Aluminum Surface
Cowling Panel #1-2-Bare Aluminum Surface
Panel 1-Bottom Deck MLI
Panel 1-Black Painted Surface of the PSE Electronics Box
Panel 1-Black Painted Surface of the SCU Electronics Box
Panel 3-Black Painted Surface of DMR IPDU Electronics Box
Panel 3-Black Painted Surface of FIRAS IPDU Electronics Box
Panel 3-Bottom Deck MLI
Payload Attach Fitting Surface on the Delta Second Stage
Shunt Panel Surface
Sun Sensor MLI Surface
DMR 90 GHz CC Covers
DMR 31 GHz CC Covers
DMR 53 GHz CC Covers
Omni Antenna Aluminum Surface
Kapton MLI Surface of the Thermal RF Shield
Silver Teflon Surface of the Thermal RF Shield
Solar Array Aluminum Surface S/N 05
Dewar Sun Shade Painted Surface
Solar Array Aluminum SurfaceS/N 08
Earth Scanner MLI Surface
Delta Fairing Iso Grid Surface
Delta Fairing MLI Surface

Result
Level 300
Level 300
Level 300
Level 500
Level 300
Level 200
Level 500
Level 300
Level 300
Level 300
Level 500
Level 300
Level 500
Level 300
Level 300
Level 300
Level 300
Level 500
Level 500
Level 300
Level 500
Level 500
Level 300
Level 300
Level 750
Level 500

TABLE 2. Final Flight Tape Lift Sample Results
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inspection techniques such as the fairing cleaning procedures into their launch preparation documents
for future contamination sensitive spacecraft. The COBE contamination control program briefly
outlined in this paper can be applied to future "clean" spacecraft projects to obtain stringent cleanliness
levels that until now have been unachievable.

Early observations from COBE show the instruments are operating nominally and optical scattering
principally caused by particulate and molecular contamination is an order of magnitude smaller than
originally budgeted with the spacecraft's contamination specifications. Although we do not have an
active means of measuring on-orbit contamination, scientific data suggests that the FIRAS, DIRBE,
and DMR instruments have not suffered any performance degradation due to presence of particulate or
molecular contamination.

12. RECOMMENDATIONS

1. Contamination sensitive projects should develop a detailed cause and effect contamination analysis
during the design study phase, and establish the Contamination Control Team early in the hardware
phase to reduce innefficiencies and logistical problems.

2. The Contamination Control Team must design, build and operate efficient flight hardware cleaning
and inspection facilities. A little creativity can go along way in designing cost efficient facilities.

3. A materials study and early orbital outgassing model of the spacecraft should be developed during
the design phase to determine realistic contamination control specifications.

4. Real-time contamination monitoring devices should be mounted next to sensitive hardware to
measure on-orbit outgassing rates. COBE was baselined with flight QCMs that were supposed to
operate at 4 Kelvin, however, the technology was not developed and the instrumentation was
removed.

5. The Contamination Control Team must isolate super clean operations from the standard clean room
environment with the use of clean tents, separate change areas, and GSE cleanin g stations.

6. Contamination sensitive hardware must be protected at all times throughout each phase of
spacecraft development and launch---Do not rely on the cleanliness of the surrounding
environment.

7. Leamn from COBE!! We have generated a wealth of contamination control data that should be
utilized by future projects to prevent them from making similar mistakes.
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A UNIQUE APPROACH TO SPACE THERMAL SIMULATION
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ABSTRACT

The Space Systems Laboratory of McDonnell Douglas Space Systems Company, Huntington
Beach, developed several innovative techniques to perform the DELTA Star System thermal
vacuum test. Test design constraints included an accelerated test schedule and an ambitious
test plan focusing on cyclic absorbed orbital flux simulation. Test design and fabrication was
completed in only 4 months, producing a 21-zone computer-modeled refectorless lamp array
system. Array zone control was based on discreet absorbed flux measurements, provided by
adiabatic coupons conceived to eliminate the need for conventional radiometers. Test require-
ments, methodology, and test thermal model- flight data correlation are presented.
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THERMAT,/VACUOM VS. THERMAL
ATMOSPHERIC TESTING OF

SPACE FLIGHT ELFCTRONIC ASSEMBLIES

By: Mark Gibbel
GELTHT

ABSTRACT:

For space flight hardware the thermal
vacuum envirormental test is the best
test of a system's flight worthiness.
Substituting an atmospheric pressure
thermal test for a thermal/vacuum test
can effectively reduce piece part
temperatures by 20°C or more, even for
low power density designs. Similar
reductions in test effectiveness can
also result from improper assembly level
T/V test boundary conditions. The net
result of these changes may reduce the
effective test temperatures to the point
where there is zero or negative margin
over the flight thermal envirorment.

INTRODUCTION

Assembly level thermal testing on
hardware intended for space flight is
the most perceptive test for uncovering
design deficiencies and workmanship
flaws. It can also be effective as a
reliability demonstration indicatorl.
However, there are many opportunities to
compramise the effectiveness of the test
starting in the design definition phase
of the program. Some compromises can be
so bad that the pertinent temperatures
during the test are less than what they
would be wunder flight allowable
corditions. Compromises which relate to
performing thermal testing in an
atmospheric pressure envirorment (T/A)
in lieu of thermal testing in a vacuum
envirorment (T/V) for electronic systems
intended for space flight will be
addressed.

This work focuses on introducing the
tools necessary to support a technical
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risk evaluation of performing a T/A test
in lieu of T/V test. Results of several
analyses and tests for the effect of
performing a T/A test in lieu of a T/V,
are also presented.

BACKRGROUND

In 1985 a client began the process of
revaluating their technical rational and
methodology for choosing between
performing thermal testing in a vacuum
enviromment (T/V testing) or in a
ambient pressure environment (T/A
testing). Their pre 1985 assembly level
thermal test rational was to always
perform T/V testing unless two
conditions were met. These conditions
were that the hardware was not sensitive
to "pure vacuum" effects AND the watt
density of the assembly was low (0.04
watts/cm? or less). By mid 1987, it was
demonstrated that the old rational was
suspect. New ratiocnal and methodology
were developed to quantify the
temperature effects (level/gradients).
Research performed on failure physics of
space flight electronic assemblies from
1985 to the present has been used in-
conjunction with the temperature effect
data to evaluate the new approach
recommended in 1987.

A survey of industry on assembly level
"thermal” testing on space flight
electronic hardware, was performed in
19902. One of the questions on the
survey was, what are your criteria for
subjecting a box to a vacuum
enviromment? The survey found a wide
difference of opinion as to when and why
the substitution of a T/A test for a T/V
test was appropriate. One
organization's decision criteria is
based on thermal analyses and failure
physics factors. Another organization
uses a checklist of conditions to be met
via analyses before the substitution is
allowed. At the other end of the
spectrun it was found that only boxes
that were known to be sensitive to "pure
vacuum" effects (corona, multipactoring
etc.) are vacuum tested. Furthermore,
this company believed that "digital and



low voltage analog boxes" do not need to
be T/V tested at the assembly level.
Moreover, the survey found many
misconceptions and invalid rule-of-
thunbs in use.

The background information necessary to
perform an evaluation of the technical
risk arising from performing a T/A test
in lieu of a T/V test includes:

(1) an overview of the effects of
performing T/A testing in lieu of
T/V testing

(2) The goals of assembly level thermal
testing

(3) A sumary of reliability theory,
failure physics for electronics
assemblies and reliability
demonstration theory

(4) Definition of the appropriate
thermal analysis methodology,
assunptions and boundary conditions

(5) Definition of the proper

implementation of the T/V test based

on the results of the piece part
thermal analysis.

A synopsis of these topics along with
analyses and test results are presented.

vacuum Effects — An Overview

Their are two different physical
phenomenon/effects that result from
substituting a atmospheric pressure
envirorment for a vacuum envirorment.
They are "pure vacuum" phenamenon and
tenperature level/gradient effects.

The "pure vacuum" phencmenon include
corona and multipactoring. Corona is of
concern in the pressure region from
about 0.1 to 0.001 torr. Multipactoring
can occur starting from the middle of
the corona region all the way to near
hard-vacuum conditions. These
phenomenon are most often associated
with RF or high voltage circuits and
devices.
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The addition of an ambient pressure gas
alters Kkey ture levels and
gradients. For a conductively coupled
(baseplate to S/C) design the prime
thermal path is from the parts to the
baseplate via the boards and housing.
The addition of a gas into the
Wsimilated" flight envirorment results
in two significant thermal alterations.
First, the dominate thermal path from
key elements of the assembly (plece
parts, solder joints, etc.) are altered
because the gas adds a parallel path
from these elements to the chamber
anbient via the total housing skin.
Secondly, artificial parallel paths from
the key elements to the flight heat
sinking surface are added. These short
out any of the high flight thermal
resistance paths. The net result of
these alterations is the reduction in
temperature of key elements at both test
temperature extremes. This test
temperature reduction is refereed to as
the 4 T effect.

ANALYSES & TEST RESULTS

Table 1, presents a summary of analyses
and test results supported by the author
over the last 5 years to evaluate the d
T effects of performing T/A testing in
lieu of T/V testing. Performing T/A
testing in lieu of T/V testing reduces
the temperature rise from the thermal
control surface to key elements (boards,
solder joints, parts, etc.) internal to
the assembly. Observe that this effect
reduces the operating temperatures of
the key elements over the whole
temperature range i.e. hot testing
becomes less severe while cold testing
becomes more severe. Reductions in the
temperature rises can be on the order of
15°C to 20°C or more. In many cases T/A
test reduces temperatures rises by a
factor of 2 to 4.

Table 1 also presents power density and

hardware type (analog, digital, RF,
power supply, etc.) data. Note that
neither of these are appropriate

"yardsticks" for gauging the sensitivity
of a particular design to the effects of



performing T/A testing in lieu of T/V
testing. Reference 3 discusses the
implications of the packaging design
(housing type, board attachment method
piece part mounting method, etc.) as
they relate to the box level thermal
design. It illustrates the synergistic
nature of the thermal design parameters
on the vacum flight conditions. This
would also be true for a T/A test
environment but the additional
convection effects must be considered.
Therefore, a piece part thermal analysis
which includes all parts is required to
make a quantitative risk assessment by
analyzing both conditions.

OB'J'E!ZI'IVE‘SOfASSE!BLYIEVEI.’IHERdAL
TESTING

The abjectives of an assenbly level
qualification "thermal envirormental
test" should be:

(1) Design Verification.

Both electrical and mechanical
design verification over the
expected flight temperature range
with margin should be demonstrated.
The objective of design verification
goal is to verify that the design is
not marginal. This is achieved
typically by requiring in
specification operation in the
qualification environment.
Moreover, the hardware must still
perform in specification after
exposure to the non-operating
qualification temperature range.

Mil Handbook 1540 qualification test
requirements are intended to
"verify" the design and workmanship.
Moreover, it is intended to be an
indication of mission reliability
from launch thru "on orbit"
spacecraft system checkout. For
earth orbiters this process usually
requires less than 45 days.
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(2)

(3)

A workmanship screen.

Space flight electronic assemblies
(black boxes) are becoming more and
more camplex. For example, conplex
circa 1970 boxes typically
contained on the order of 500
semiconductors. A vintage 1980 box
(a Command Data assenbly) contained
approximately 10,000
semiconductors, 150,000 to 200,000
hand made solder joints and upwards
of one hundred million junctions.
This trend to more and more camplex
designs can be expected to
continue. As a result workmanship
flaws will be impossible to avoid.
Mil Handbook 1540 acceptance test
requirements are primarily intended
to be a workmanship screen.

Reliability demonstration.
In an era where custamers from

congress on down are demanding more
cost effective programs, it becomes

increasingly important to
incorporate a reliability
demonstration goal into the

envirormental test program. In the
commercial instrument world where
companies are very concerned about
warranty costs, prototype testing
would be performed to reveal the
weakest link. This weak link would
be eliminated and testing would
continue until the next weakest
link was revealed, and so on until
the desired 1level of reliability
was demonstrated. The Mil 781
AGREE testing, used in the aircraft
industry predominantly as low cycle
fatigue life test, is performed on
not-to-be~flown hardware. For one-
of-a-kind or first-of-a-design
protoflight spacecraft, the test to
failure approach of the MIL 781
AGREE fatigue testing violates the
protoflight concept. Thus a
different approach is necessary for
this class of spacecraft.



FATIDRE PHYSICS

Reference 1 presents a detailed
derivation of the tools required to
evaluate the temperature effects of
performing T/A testing in lieu of T/V
testing. In particular, it presents
current reliability theory and derives
reliability demonstration models for
failure mechanisms found in today's
space flight electronic assemblies. A
synopsis of these topics will be

presented herein to maintain continuity.

Current Reliability Theory

0ld reliability theory* (the Bathtub
Curve, derived from vacuum tube theory)
held that once thru infant mortality,
additional testing would not reduce the
hazard rate for flight. Current
reliability theory (the Roller-Coaster
curved/6) ‘indicates that the longer an
envirormental test program is, the lower
the in flight hazard rate will be, up to
wearout. In Figure 1, both theories are
illustrated. Individual bumps in the
Roller-Coaster Curve can be thought of
as being caused by failure mechanisms of
a given activation energy. Their order
of occurrence is from highest activation
energy mechanisms first to lowest last.
This weak 1link elimination continues
until wearout.

Semiconductor Failure Mechanisms

semiconductors are produced by a series
of complex chemical, diffusion and
metallurgical processes. The failure
mechanisms of these processes are
related to imperfections in the
manufacturing processes and are most
often accelerated by increasing the
temperature and/or electrical stress
levels (voltage and/or current). The
equation which Jest describes the
failure mechanisms for piece parts is a
chemical reaction rate equation where,
temperature and activation energy are
the key parameters. This equation is
called the Arrhennius Rate Equation.
Figure 2, illustrates the relationship
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between reaction rates, temperature
level and activation energy. For common
piece part failure mechanisms,

activation energies range from’ 0.3 eV
to 1.5 eV with 1.0 eV the most
frequente. For an activation energy of
0.6 eV, a 10°C increase in temperature
(25°C to 35°C) increases the failure
rate by a factor of 2.l. For an
act‘iivation energy of 1.4 eV the
reaction rate increases by a factor of
5.7.

Table 2, presents reductions in relative
reaction rates associated with various d
T effects and activation energy levels.
The assumed shearplate (thermal control
surface) hot test temperature level is
65°C. The mmbers are an indication of
the reduction in demonstrated
reliability that would vresult from
performing a T/A test in lieu of a T/V
test, given the d T effects values
shown.

Semiconductors can also have non
Arrhenious reaction rate failures.
These are most often packaging related
and due to low cycle fatigue. However,
for most mature device technologies
Arrhenious reaction rate type of
failures tend to dominate.

Piece Part burn-in tests are designed to
screen for Arrhenious types of failure
mechanisms. Reference H data for DoD
satellite programs found that 30 to 40
percent of the problem/failures reported
during assembly level thermal testing
(of all types) were due to piece part
failures. From this data it is obvious,
that burn-in testing does not eliminate
all "weak" piece parts. The
manufacturing process builds-in
workmanship problems AND Arrhenious
failures-.

Thermal fatigue (as a result of thermal
cycling) is another failure mechanism
which occurs in electronic assemblies.
This mechanism is also wused to

precipitate out many workmanship flaws



(solder joints, PCB shorts/opens,
fastener torquing, etc.). Thermal
cycling is an accrued damage failure
mechanism because failure only
surfaces/occurs after exposure to a
nmber of strain cycles. In Figure 3
the log-log relationship between strain
and cycles is illustrated. Current
solder joint theory indicates that the
stiffness of the solder joint/lead
system, hot/cold extreme temperatures
and the rate of temperature transition
affect the rate of strain in solder
joints. Moreover, these factors act
synergistically?slo, For campliant
PCB/solder-joint/lead systens,
temperatures below room temperature may
not strain the joints, assuming that the
cold test temperatures are above the
glass transition temperature for all
materials involved. For stiffer joints,
0°C is currently thought to be the lower
limit of the strain rangel®,

Workmanship screens operate on the
assumption that a screening strength of
S 1is required to precipitate the
required number of latent failures. A
specific screening strength is expressed
as N cycles of magnitude y, in a given
envirorment (T/V or T/A). For a given
temperature range the screening strength
varies linearly with N; for example, 8
T/V cycles over the range of -24°C to
+45°C (shearplate). Performing a T/A
test in lieu of a T/V test reduces the
upper temperature level obtained.
Therefore, to achieve the same test
effectiveness would require performing X
times N cycles. Table 3, presents these
"X" factors for various d T effects and
upper test temperature levels assuming
compliant "joints". Note that for a 45°
C shearplate upper test temperature
level and a 10°Cc A T effect, more than
twice as many cycles would be required
to achieve the same test effectiveness.
A 20°C d T effect would require more
than four times as many cycles. Thus, a
reduction in the hot solder joint
temperature can significantly reduce the
test effectiveness.
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PROPFR TEST SETUP

Choosing the proper test setup is
fundamental to performing a thermal test
which truly delivers the desired level
of demonstrated reliability and/or
screening strength. Most often, the
assembly level envirormental tests are
performed by a different group than the
one that designed it. Moreover, the
thermal implications of the design are
not transmitted in a sufficient manner.
As a result, comprises often go
unrecognized until spacecraft level T/V
testing. A brief discussion of the
typical T/A envirorment and the proper
T/V test setup for a space flight design
which is to be conductively coupled to
the S/C thermal control surface, is
presented.

T/A Envirorment

To maintain a stable envirorment within
an environmental chamber, small
temperature differences air-to-box-skin
are required. Thus, chamber
manufacturers employ large mass flow
rates. This in turn translates into
high air velocities inside the chambers.
Unit's under test are usually placed on
a stand inside the chamber. As a
result, the "skin" temperature is nearly
uniform and about the same temperature
as the inlet air. Inside the unit
significantly large free convection and
gaseous conduction paths exist. Because
these paths are added in parallel to the
"natural" (conduction and radiation) T/V
test envirorment paths, they short out
any "nmaturally" high thermal resistance
paths. High power parts are by
necessity almost always well
conductively coupled to the housing and
therefore they are seldom affected
significantly by substituting a T/A
envirorment. However, piece parts that
have high thermal resistance case-to-
board and board-to-shearplate can be
significantly effected. Therefore, the
piece part thermal analysis must be
performed on all piece parts in both
enviromments.



T/V_Envirament

For a unit which was designed to be
conductively coupled to the external
erviromment, the unit should be coupled
to an isothermal heat sink in the same
mamner as in flight i.e. same size and
mmber of fasteners, and torqued the
came as in flight. If the box level
thermal analysis indicated significant
gradients in the S/C mounting surface
then an isothermal heat sink would not
be an adequate representation of the
mounting configuration. If the test was
performed anyway the result would be
lower temperatures and smaller gradients
than in reality. Recent test
experiences has shown that the effect of
not properly simulating the mounting
configuration can result in
substantially reductions in key
temperatures. VWhere the fight surface
can not be presented as iscthermal, a
prototype of the flight interface (for
example a honeycomb panel) should be
used such that the baseplate of the unit
would have gradients and temperature
rises similar to flight conditions. In
either case the unit should be blanketed
to force all the heat to be conducted to
the baseplate of the unit and then
corducted across the interface and
ultimately into the isothermal heat
sink.

Furthermore, the other external surfaces
should be blanketing so that all heat is
transferred by conduction to the thermal
control surface. Not blanketing can
significantly compramise the test just
as substituting at TA envirorment for a
T/V enwvirorment can.  For designs which
are to be tested in a vacuum envirorment
without a blanket, the external radiant
ervirorments must be specified and
specifically designed for. The extra
costs of specifying and designing for a
radiant enviromment are considerable.

other Findings

Flight telemetry sensors are almost
always located near these well
conductively coupled parts which are the
least likely parts to be effected. Thus
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using the flight sensors "inside" the
unit to evaluate the effect of
performing a test in one
erviromment/mounting configuration vs.
ancther is a poor measure of the effect
in general.

An ervirormental test program can be
tailored to compensate for the hot level
campromise created by performing T/A
testing in lieu of T/V testing. This
can be done by increasing the mumber of
cycles performed, raising the hot test
level or some combination of these.
However, this would require extensive
thermal mapping testing in a vacuum
i on the first unit

the temperature effects.
campromises in temperature gradients can
not be compensated for by any practical
means.

One clients current rational is to
always perform T/V testing. However ,
if it can be that a unit is not
sensitive to pure vacuum effects and the
d T effect for all piece parts is less
than 5°C a T/A test may be allowed.

OONCIIISTONS

A T/V test is clearly a more effective
test since it is a flight 1like
envirorment. The material presented in
this paper allows the increase in risk
associated with performing a T/A test in
lieu of a T/V test to be quantified.
The temperature level effects of
performing T/A testing in lieu of T/V
testing reduces the hot temperature
margin, screening s and test
demonstrated reliability. Hot
temperature margins can be compromised
to the point where there is zero or
negative margin between envirormental
test levels and the flight allowable
level (e.g. a test with a planned 10°C
margin and a T/A effect 15°C to 20°C
would result in negative test margin).
Screening strengths can be reduced by a
factors of 2 to 4 or more. Test
demonstrated reliability can be reduced
by factors of 2 to 15 or more.



Decision criteria based on power density
or hardware type is suspect. Piece part
thermal analyses for both T/A and T/V
environments is required. These
analyses must include all parts/joints,
etc. before a quantitative risk
assessment can be made.

Using the Roller-Coaster reliability
concept of Figure 1, T/V testing should
eliminate more weak 1links than T/A
testing. Therefore, hardware which was
T/V tested should have a lower hazard
rate in flight than T/A tested hardware.
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TABLE 1. SUMMARY OF ANAYLSES & TEST RESULTS FOR THE d T effect
ASSOCIATED WITH PERFORMING T/A TESTING IN LIEU OF T/V TESTING

|  ASSEMBLY | TYPE | POWER |d T effect Deg C |
| | | DENSITY |====-eeemeemmmmeeeo |
| | | W/CM*CM | Analysis | Test |
| =mmmm e | == mem e | =====-=m- | === | ====mmme- |
| _ | | | | |
|Radar Transmitter ] R. F. | 0.04 | 16 | (1) |
I I | I | I
| Radar Transmitter | Power Supply | 0.04 | 9 | |
| I | I I I
|Radio Reciever | R. F. | 0.10 | < 9 | |
| I I | I I
| Power Distribution | Analog | 0.01 | < 5 | |
I I I I I |
| Data Formater | Digital/analog | 0.15 | 10 | 10 (2) |
| I | I I I
|Range Dispersion | Digital/analog | 0.19 | 10 | |
| I I | I I
|Command Data Bay 3 | Digital/analog | 0.02 | 21 | |
| | | | I I
|Command Data Bay ¢4 | Ditigal | 0.01 | 16 | 18 |
I | I I I I
|Science Instrument | Digital/analog | 0.03 | 22 | 20 |
I | I I I I
| Output Network | R. F. | 0.01 | 3 | |
| | I I I I

Notes:
(1) Unit not blanketed during initiall T/V test. Estimates for

the effect of this indicated that the load on the heat exchanger
was approximatly twice that dissipated by the unit.

(2) Test performed for the d T effect part case-to-housing. Full
d T effect shown is a combination of test and analysis.
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TABLE 2. ARRHENIOUS REACTION RATE REDUCTION
FACTORS FOR VARIOUS d T effects &
ACTIVATION ENERGIES

|
| S e
|

Deg. (C) | .6 | 1.0 | 1.4

| ==mmmmmmm s |==-=-m--- |--=-=---- |=-=mmmo-
I I | |

| 20 | 3.1 | 6.5 | 14.7
I I I [

| 10 | 1.8 | 2.6 | 4.0
I | I |

| 5 | 1.3 | 1.6 | 2.0
I I I |

* Assuming a 65 C shearplate.
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TABLE 3. SCREENING STRENGTH REDUCTION FACTORS
("X" FACTORS) FOR VARIOUS d T effects
& SHEARPLATE TEMPERATURES

| SHEARPLATE | d T effect Degrees C (*) |
| TEMPERATURE | =======em e m e |
I

Deg ¢ | 5 | 10 | 20 |
e | == | -==—mmv | ====-mmms |
I I | | |
| 45 | 1.5 | 2.2 | 4.1 |
I | | | I
| 55 | 1.4 | 1.8 | 3.0 |
| I I I |
| 65 | 1.3 | 1.6 | 2.5 |
I I I I I
| 75 | 1.2 | 1.5 | 2.2 |
| I | I |

* For compliant solder joints and cold test
temperatures above the glass transition
temperature for all materials involved.
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PROPOSAL FOR A CONCEPTUALLY NEW COMPACT
COLLECTING OPTICS FOR POWERFUL LIGHT SOURCES

oo

G. Saenger z; é; o
European Space Research and Technology Centre (ESTEC)

SUMMARY

Testing of a S/C under simulated outer space conditions is the best guarantee
for a successful mission, and for almost all of the parameters a good match (to
within a few %) may be reached in relevant test facilities (e.qg. I.R.
background, earthshine and albedo radiation, residual atmosphere, intensity
stability, - distribution and spectrum of the solar radiation).

The collimation angle of the sun (32 arc min.) is, however, a drastic
exception, here only + 1.5 to + 2° are achieved which means a relative deviation by
nearly one order of magnitude.

The main reason for this is the presently used collecting optics having
unnecessary large diameters. Here a lens - mirror combination is proposed which
allows to reduce the diameter by nearly a factor of two and to achieve with the
present Xenon arc lamps a collimation angle of + 0.8°.

SCOPE

The best guarantee for a successful mission of a S/C project is a careful
testing on the ground, and since the S/C’s became even more sophisticated requiring
more stringent specifications, one must assume that this remains also valid for the
future.

The most important tests are the thermal balance tests; however, because of
the costly simulation of the solar radiation they are also the most expensive ones.

Present solar simulators show an intensity stability better than 1% and a
uniformity of the intensity distribution in the test volume within + 3 to t 5%;
hence they match in this aspect to a high degree the real solar radiation. The
spectral intensity distribution is simulated actually by the Xenon spectrum,
sometimes the high Xenon peaks in the range from 0.8 to 1.0 are filtered to
achieve a better match with the solar spectrum. Certainly there are numerous peaks
left which do not agree with the solar spectrum but because most materials do not
show a great selectivity within these spectral ranges, also this less good
simulation of the solar spectrum satisfies most customers so far (Fig. 1).

As for the collimation angle, there was for thermal balance testing neither a
serious demand nor is there a technical possibility to match the sun’s collimation
angle (32 arc min.) to a similar degree as the previous parameters. The solar
simulators today have collimation angles of + 1.5 to *+ 2° in the test volume, hence
there is a deviation with the real one by a factor of 6 to 8.
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For the near future, however, one has to expect a demand for a better
simulation of the collimation angle, since on the light weight structures already
short shadowing and half shadowing effects will influence considerably temperature,
temperature gradient and temperature profile as function of time and hence cause
thermal stress and/or degradation on these structures, which are a vital and
substantial part of the future S/C generation.

BOUNDARY CONDITIONS

The Light Source

Of course, when using a powerful light source of high plasma temperature,
there is no problem anticipated to achieve also a small collimation angle.
Considerable effort was spent in the past to develop powerful lamps, and the
outcome is the high power Xenon arc lamp with watercooled electrodes allowing an
arc power of 25 to 35 kW dependent on the lifetime requirements. This lamp reached
technical maturity, is commercially available, and for the near future no other
powerful 1ight source is expected to replace this type of Tamp.

The radiation intensity distribution of a Xenon arc is typically shown in
Fig. 2 and the polar radiation characteristics in Fig. 3 (here a Durotest 1lamp)
[Ref. 1],

Because Xenon and solar spectrum show a fair agreement (Fig. 1), also the
plasma temperature of the arc must be approximately the same as at the sun’s
surface. Therefore, a considerably better match of the collimation angle should be
achievable in case the collecting optics is properly adapted; even when considering
the 1ight losses due to absorption and/or surface reflections of & 12% on each
optical element, an improvement by nearly a factor of three is feasible in case the
most intense part of the arc is used. The mean arc temperature as function of
radius is shown in Fig. 4.

The Projection System

The principle of the projection system is illustrated in Fig. 5. The condensor
- or collecting mirror - (C) directs the more or less spherically emitted light of
the Tight source towards the projection lens (F) and the projection lens focusses
the condensor plane into the reference plane (P). Optimum performance is obviously
achieved in case the condensor is designed such that also the light source is
focussed onto the projection lens since then there is no loss of light due to spill
over and the lens may have minimum diamter. Naturally one may add in the same way
another optical element (e.g. field Tlens) with the consequence that not the
condensor plane but the Tight source (via an image) is focussed in the reference
plane, of course also with the corresponding intensity distribution (Ref. 2, 3, 4).

In order to achieve a high intensity, one should keep the radius (R) of the
reference plane (P) as small as possible which requires a small exit angle (ol );
this exit angle, however, cannot be made smaller than the entrance angle (ot )
because then part of the collector would not be covered, hence severe light Tlosses
would be the consequence.
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On the other hand is the collimation angle (€) given by the ratio of the
projection lens diarfter to the distance of the reference plane (D). Thus for a
small collimation at a high intensity level (2 small beam diameter) one should
keep both exit (= entrance) angle and the image of the 1ight source as small as
possible. The first demand means a small diameter of the collecting optics, the
second a small but intense light source (and, as mentioned before, the best one can
use is the high power Xenon arc lamp).

When using such a Xenon lamp one could capture and lead the emitted light to
the field lens plane e.g. by means of optical fibres, clustered around the Xenon
bulb; the spheric ]ight emitting surface (4-7C-R2 bulb) is then converted into a
circular plane (JC-R¢ plane) with the same exit angle of the light, in other words
the smallest achievable diameter of the collecting optics is twice the diamter of
the Tight source:

R ptane = 2.R bulb

The Xenon lamps have a bulb diameter of 133 14 cm, therefore it seems likely
to reduce the diameter of the collecting optics from presently 56 - 60 cm to
30 cm, which means an improvement by nearly a factor of two.

Since in addition the polar radiation as well as the intensity across the arc
is highly non-uniform, a further improvement s feasible when only the most
intensive parts are used; of course this will be on account of the overall
efficiency.

Review of Presently Used Optics

The parabolic reflector

The well-known and by far mostly used parabolic (or shaped close to a
parabola) mirror is mechanically the simplest solution; from the optical point of
view it is, however, a bad one. It is actually an optical element where the focal
lTength varies.

Close to the optical axis is the focal length short and increases steadily for
larger mouth angles (see Fig. 6). Consequently the rays of small entrance angle
(close to the optical axis) produce a large image in the field lens plane and vice
versa produce the light rays of large entrance angle ( 2 at large mouth angles)
small images; thus, in order to capture a high percentage of the emitted 1ight with
a parabolic mirror, both a large entrance angle and a large image of the Tlight
source in the field lens plane results. In addition the percentage of captured
light for large radii is relatively low (2~ per cm radius), see figs. 6, 7.

Of course, one could use a small spherical secondary mirror so that the Tight
leaving the upper part of the bulb (to the anode) will be reflected back through
the arc, hence a considerably smaller mouth angle (2 smaller collector diameter)
would result. The efficiency of such a mirror is, however, rather low; according to
Kirchhoff’s law a good emitter is also a good absorber. We measured at ESTEC on our
HBF3 space chamber when operating the solar simulator with a secondary mirror, 2
contribution of only 15 < 20%.
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The Koehler Collector

The less applied Koehler integrator (Ref. 5) is mechanically more complicated,
from the optical point of view, however, a better solution; actually two lens +
defiecting mirror arrays (2 x 7) are clustered around the light source (Fig. 8).
Since the distance to the 1light source centre is for all lenses the same, all the
individual arc images are of the same dimensions. When looking from the field 1lens
plane into the collector along the optical axis, one will see a shining area
composed by 2 x 7 circular areas arranged in a circle around the Xenon lamp
(Fig. 9).

It is a pity that from the total cross-sectional area only the outer part is
used, making the entrance angle unnecessary large. Of course one could place the
upper deflecting mirrors closer to the centre, but there is no way to reduce the
overall diameter since the lower deflecting mirrors will have to be kept in their
position. (When using instead of a 2 x 7 lens array one of 2 x 6 it seems feasible
to achieve a hexagon arrangement which would have a higher package density for
clustering of lamp units.

Naturally various constructions are possible to fill up the gap 1in the
cross-sectional area using additional deflecting mirrors; however, all these
solutions will be highly complex and costly and do not allow standardisation of a
lamp module.

COMPACT COLLECTING OPTICS

General Considerations

As outlined in the foregoing paragraph the requirements for achieving a small
collimation angle boil down to:

1. To capture the 1ight leaving the 1light source as soon as possible, that means
to align it parallel and avoid further expansion of the light beams.

2. To use optical elements of identical focal length.

3. To convert the spherical 1light emitting area into a circular or hexagonal
plane of preferably the same area.

The Koehler integrator meets only the first two requirements; on account of
the third one instead it was designed relatively simple; the lenses are identical,
they have both the same focal length and the same diameter, hence also the lens
plane may be superimposed and projected into the reference plane because the
optical orientation is ruled out, and since the intensity distribution across the
lens plane is considerably more uniform than across the arc image one may achieve a
fair intensity distribution without integrator or mixer.

The fact that the arc images are of the same dimensions (requirement 2) allows
to make effective use of the most intense part of the arc (above the cathode tip,
Fig. 2). In Fig. 10 the emitted Tight is shown as function of the arc diameter
used, and obviously it is unfortunate to go for more than ~6 mm arc diameter,
since here already ~ 66% of the emitted 1ight is captured and for larger radii the
gain of Tight is substantially reduced.
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Three Lens Array

In order to reduce the overall diameter of the collecting optics one has to
disregard the advantages of the simplicity of the Koehler integrator, since only
with a third lens array one may make use of the inner parts of the circular plane.
The beams of the equatorial lens array (Fig. 11) may be deflected by the inner
circle of deflecting mirrors, whilst the beams of the upper (anode) and Tower
(cathode) lens array will be deflected by mirrors positioned at the same radius,
one in the gap of the other, naturally at different height. The diameter of such_a
collector unit would be ~ 33 cm and hence only 60% of the parabolic reflector. The
amount of captured light is 80%, which is approximately the same as for the
parabolic reflector (Ref. 4). The 1ight losses, however, are higher due to spill
over and surface reflections on the Tenses. A detailed breakdown of the 1light
losses is given in Table 1, see also Fig. 11 a, b and Fig. 9.

The gaps between the deflecting mirrors of the inner circle may be used for
the supporting structure for lenses and mirrors, thus they are not only a
disadvantage. Compared with the Koehler integrator this design has considerably
more elements and is more complicated. However, the lenses have a smaller opening
requiring less refractivity and may therefore be provided with normal spherical
surfaces which is substantially cheaper than for parabolic ones.

Considering the arc utilisation, the 1light losses, the diameter of the
collecting optics and the optimum arc image, it should be possible to achieve at
1 S.C. level with a 25 kW Tamp a collimation angle of t1°.

Four Lens Array

The three lens array leaves mainly two fields open for improvement:

1. the inner part of the light emitting area is not used (smaller than bulb
diameter)
2. the spill over losses are relatively high.

Naturally, when more optical elements are used to convert the spherically
1ight emitting surface into a circular plane, also a higher package density 1is
possible. However, when using more optical elements, also the spill over losses
will increase, besides the fact that the arrangement will also become more
complicated and more costly. A four lens array seems to be sufficient to achieve
the desired improvements mentioned without complicating the whole arrangement too
much. The main difference compared with the three lens array is that on the top (to
the anode) two deflecting mirrors are required (Fig. 12 a, b and Fig. 9).

The breakdown of the 1ight 1losses and the resulting overall efficiency is
given in table 2. For 1 S.C. Jevel this should allow a collimation angle of t 0.8°,
(only the lower intense part of the arc is used) with sufficient margin (Fig. 13).

CONCLUDING REMARKS

In general one may say that the high power Xenon arc lamps allow to achieve a
smaller collimation angle in case a properly adapted collecting optics is used. The
widely used parabolic reflector is for this purpose not applicable.
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Certainly the proposed collecting optics is very expensive due to the high
number of optical elements and beyond that it will be a total loss in case of a
Tamp failure (explosion). On the other hand one should keep in mind that most Tamp
explosions occur after shutdown (during cooldown of the quartz bulb) and may
therefore be avoided in case the Xenon gas is frozen out after operation in a small
stainless steel bottle which is cooled down to LN2 temperature and then valved off;
thus in case of a thermal crack there is no longer a gas pressure in the quartz
bulb (Ref. 1).

Another critical issue is the cooling of the quartz bulb, and the question may
come up to mind whether the closely clustered lens arrays are not a serious
impedance for the cooling. Considering, however, the fact that most critical for
cooling if the upper part of the bulb (above the equator) where turbulent flow
dominates, the contrary is to be expected: the lens arrays force the cooling gas to
keep in close touch with the quartz bulb and to guarantee a steady and uniform
cooling flow also above the equator.

Obviously there 1is a real possibility to reduce the risk of lamp failure
(explosion) drastically and to avoid major damage during operation. Irrespective,
such a collecting optics will be a costly investment and will contribute to the
besides expensive space simulation facilities. Compared, however, with a single
major S/C project the costs are often within the contingency; reliability and
accuracy would be considerably improved.

OTHER APPLICATIONS

The proposed collecting optics may of cause be used for any other 1light
source. Compared with the parabolic reflector it is much more complicated; however,
the high number of optical elements allow besides the compactness:

1. a better directivity of the beam

2. a better uniformity of the intensity in the reference plane

3 to illuminate an area of special shape by individual adjustment of the
deflecting mirrors.

In the car industry there is in recent years a demand for more compact
collecting optics; here the high production number would reduce the production
costs per unit substantially.
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TABLE I: III LENS ARRAY, EFFICIENCY

OF COLLECTOR

(48% of emitted 1ight, 24.9% of arc power)
ANGLE | INTENSITY|LOSSES ON LENSES |LOSSES ON MIRRORS EFFICIENCY
RANGE PER LENS
REFLECTION|OVER- |REFLECTION{OVER- ARRAY
° % % SPILL % % SPILL % %
Lens array I 50- 75| 8 - 30 10 3.3 15 25 12.2
Lens array II | 75-105| 30 - 61 10 3.3 15 5 21.8
Lens array I11/105-135| 61 - 88 10 3.3 15 30 14
TABLE II: IV LENS ARRAY, EFFICIENCY OF COLLECTOR
(59% of emitted 1ight, 30.6% of arc power)
ANGLE | INTENSITY|{LOSSES ON LENSES |LOSSES ON MIRRORS EFFICIENCY
RANGE PER LENS
REFLECTION|OVER- |REFLECTION|OVER- ARRAY
° % % SPILL % % SPILL % %
Lens array I 45- 70( 5 -22.5 10 3.8 2 x 15 20 10.15
Lens array II | 70- 95/22.5-48.5 10 3.3 15 5 20.3
Lens array III| 95-120148.5-75 10 3.3 15 10 17.6
Lens array IV |[120-145|75 -93.5 10 3.8 15 20 10.9
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Figure 8. The Koehler Collector of BBT; 2 x 7 Lens-Mirror Combination
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View into Collecting Optics; the Shining Area of the Koehler Collector and

Figure 9.
the Collectors with Three- and Four-Lens Arrays

371



100 =4

(%]

80

L T e A - o N
. f,,_ . " .,,Z?.., - SN UG S SR — abSs SERES EEP - —_ o .?,

1 i | : ! .

’ i : ,
e R N UETE SNE0N IR S PSSt N O cidedi]

H N . N H i

. i ‘ B ]

R j ! i

NP ; i

R G P

) i L {

s P S !
NN - ot

e . l l

: : i
b - ¢ _+_

H T
—_ . Sfed L S

i : i i

: ! JEOUSN URUS SV SSURS S S

60

~| OPTIMUM ¢ AT ~

6mm,

CAPTURED LIGHT ~ 66%

40

20

!
‘
IDURE TN R RS IOTES RN CERR g DOSRS i AR i
! p ol | | 1 i
NEEE RN
T T T
I r ! ] ]
RS Febos Stod chube bt otntt iies fovte MuIOOR R
! i ;
[ N ’
A SRS A Sl
N 1 . - .
{ NN t i
. L N 1
i1 | ;
T T
! ]

Figure 10,

—» ARC DIAMETER

10

[mm]

Light Output of a Xenon Lamp a Function of Arc Diameter Used

372



6 9In31,] OS[E 995 { WD £¢ IAWRI(] "X { ABIIY SUST-03IY], ‘sondp Sunosqo) [ SIndrg

SHOHHIN

M3IA 3QIS (e

S3ISNIT SHOHUYIW

M3IIA dOL (d

373



\ 6 2In31 ] OS[R 998 ‘WD | € I3]2WEI(] "XBJ ¢ ARLIY SuUdT-Ino4 ‘sondQ Junos[o) -z[ aIndig

- N

<0
=~ V L M .._.,___,...
}

/

A
\/ N
—
~
_ n
N~
SHOHHIN
"
- -

/

N

NN

N sHOoHHIW

|

M3IA dOL (4

374



SECOND DEFLECTING
MIRROR
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MIRRORS

Figure 13. General View of Four-Lens Array Collector
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ABSTRACT

Dust elevated in local or global dust storms on the Martian surface could
settle on photovoltaic (PV) surfaces and seriously hamper their performance.
Using a recently developed technique to apply a uniform dust layer, PV surface
materials were subjected to simulated Martian winds in an attempt to determine
whether natural aeolian processes on Mars would sweep off the settled dust.
Three different types of dust were used; an optical polishing powder, basaltic
"trap rock", and iron (I11) oxide crystals. The effects of wind velocity,
angle of attack, height above the Martian surface, and surface coating mate-
rial were investigated. It was found that arrays mounted with an angle of
attack approaching 45° show the most efficient clearing. Although the angular
dependence is not sharp, horizontally mounted arrays required significantly
higher wind velocities to clear off the dust. From this test it appears that
the arrays may be erected quite near the ground, but previous studies have
suggested that saltation effects can be expected to cause such arrays to be
covered by soil if they are set up less than about a meter from the ground.
Particle size effects appear to dominate over surface chemistry in these
experiments, but additional tests are required to confirm this. Providing
that the surface chemistry of Martian dusts is not drastically different from
simulated dust and that gravity differences have only minor effects, the mate-
rials used for protective coatings for photovoltaic arrays may be optimized
for other considerations such as transparency, and chemical or abrasion resis-
tance. The static threshold velocity is low enough that there are regions on
Mars which experience winds strong enough to clear off a photovoltaic array if
it is properly oriented. Turbulence fences proved to be an ineffective strat-
egy to keep dust cleared from the photovoltaic surfaces.

INTRODUCTION

In the past few years there has been a growing consensus that the United
States will, perhaps in the next 30 years, send a manned spacecraft to land
on the surface of Mars. Because of the length of the journey, astronauts
will probably stay on the surface for an extended period of time, perhaps sev-
eral weeks. During their stay there will be power requirements which will
exceed those of present spacecraft (ref. 1), and an important component of
that power will no doubt be supplied by photovoltaic arrays.

Photovoltaic arrays will be subjected to an environment unlike those in
which they have heretofore been used. The atmosphere of Mars consists of COjg
(95.3 percent), Ny (2.7 percent), Ar (1.6 percent), Os (0.13 percent), CO
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(0.07 percent), Hy0 (0.03 percent), and ppm or less of 03, Ne, Kr, and Xe
(ref. 2). Natural environmental conditions on Mars such as high velocity
winds, dust, ultraviolet radiation, rapid temperature changes, soil composi-
tion, and atmospheric condensates (H,0 and C0y) may pose a threat to photo-
voltaic arrays. Results of the soil analysis experiments on board the Viking
landers suggest the presence of highly oxidizing species in the soil (ref. 3).
Although 99.9 percent of the wind measurements from the Viking landers showed
velocities of 20 m/s or less (ref. 4), dust storms were observed to move at
higher velocities (up to 32 m/s) (ref. 5), and aeolian features (sand dunes,
etc.) suggest that on occasion there are very high winds (»>100 m/s) (ref. 6),
albeit at low pressure (5 to 8 torr). The surface temperatures range from

135 to 300 K (ref. 7), and daily temperture swings ranging from 20 to 50 K are
not uncommon {(ref. 8).

One of the possible threats comes from local and/or global dust storms
which engulf the planet nearly annually. Infrared spectra from the Mariner 9
spacecraft suggested that the dust is a mixture of many minerals (granite,
basalt, basaltic glass, obsidian, quartz, andesite or montmorillonite), and
that the average particle size in the atmosphere is about 2 pm (ref. 9). A
significant amount of dust may be deposited on the array surface during a dust
storm (ref. 10) which could occlude the light and significantly degrade the
performance of the array. It is not known at this point how serious a problem
dust accumulation might be or whether the tenuous but high velocity winds
would blow the dust off of the array. Perhaps the photovoltaic array can be
designed so as to maximize the ability of the array to be self-clearing.

The purpose of this study is to determine whether dust will be removed
from photovoltaic arrays by natural aeolian processes, and how the composition
of the dust, the shape and the orientation of the array can affect this
process.

The authors would like to thank R. Leach of Arizona State University and
the support staff at NASA Ames Research Center for their thought-provoking
discussions and essential assistance with the MARSWIT facility. We would like
to acknowledge the contributions of S.K. Rutledge of NASA Lewis Research
Center, J. Mihelcic of Cleveland State University, and M. Kussmaul of Sverdrup
Technology, Inc. for their assistance in preparing the optical coatings.

J. Tillman and R. Greeley provided us with helpful discussions and expertise
on the Martian environment.

METHODS AND MATERIALS

There are a variety of variables which could effect dust removal from a
photovoltaic surface on Mars. In these tests we evaluated the effects of pho-
tovoltaic cell surface, angle of attack, wind velocity, height from the plane-
tary surface, and turbulence. In addition, we used three different dust types
to determine the effects of particle size and composition.

Glass coverslips 2.54 cm2, and 0.13 mm thick were used for the sample

substrates. These were left bare or ion beam sputter deposited with a coating
of Si0y, polytetrafluoroethane (PTFE), 50 percent mixture of SiOs and PTFE,
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indium tin oxide (ITO), or diamond-like carbon (DLC). Table I summarizes the
coatings. These coatings were chosen because they are candidate materials
for protective coatings for photovoltaic arrays. The substrates were thin,
both to minimize turbulence and for low mass, to improve the accuracy of
weight determinations of the dusted substrates.

The samples were mounted in specially designed sample holders by means
of foil tabs which stretched across two corners, and held down by a foil tab
attached to a removable pin (see fig. 1). Samples were held at a tilt angle
of 0°, 22.5°, 45°, 67.5°, or 90° from horizontal. The sample holders could
also be held horizontally for dust deposition and optical transmittance
measurements.

Initially, the sample holders were tilted so that the samples were held
horizontally, and then subjected to a dusting which simulates dust accumula-
tion in the aftermath of a dust storm. The method of dusting and the result-
ing dust distribution are discussed in detail elsewhere (ref. 11).

The composition of the Martian dust is not well understood. The elemen-
tal composition was determined by the Viking landers (ref. 12), and based on
optical properties developed from terrestrial minerals, analogs have been
proposed (ref. 9). The Viking biology experiments, however, dramatically
showed that the chemistry of the dust is unique to Mars. Three different
types of dust were chosen for preliminary experiments to determine how large
a role the chemical composition might play in dust clearing from power
surfaces.

The first dust used in these experiments was 1800 grit optical grinding
powder from American Optical Company. It is principally an aluminum oxide
powder which is not greatly affected by moisture in the air. This powder
showed the least tendency of the three to agglomerate, and so gave us the
cleanest distribution of particles on the surfaces.

The second dust was a basalt known as trap rock which is thought to be
similar in properties to the Martian dust. This material, while our best
approximation of Martian dust, did show some agglomeration. The fact that the
dust is a grey-green color also indicates differences from the orange Martian

dust.

The third dust was iron (III) oxide. Higher oxides of iron have been
invoked to explain the Viking biology experiments, and are thought to be
present in Martian dust. The particle size of this material was an order of
magnitude smaller than that of the other two materials.

The elemental composition and particle size of the three dusts used in
this experiment are compared to that of the Martian dust in table II. How-
ever, it should be noted that the purpose of this experiment was not to try
to accurately simulate the Martian soil, but to try to determine how sensi-
tive dust clearing is to composition. Also, although “he values for dust
clearing wind velocities on Mars may differ from those in these simulation
experiments, the order of magnitude and the trends in angle and height from
the surface are expected to be similar.
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Because of size limitations imposed by the dusting apparatus, no more
than four sample holders could be dusted at once. The amount of dust which
accumulated on the samples was difficult to control, being critically depen-
dent upon the amount of dust in the chamber, the height to which the dust is
elevated, the pressure, and the time allowed for larger particles to settle
out. Thirteen dusting runs were required for this study, and the resulting
samples had ratios of transmittance of the dusted samples (Tq) to transmit-
tance of the pristine samples (T,) which were as low as 0.18 and othersas
high as 0.89. The spatial uniformity of each dusting operation was much
better. The T4/T, for each sample is shown in figure 2.

The winds on Mars were simulated using the Martian Surface Wind Tunnel
(MARSWIT) at NASA Ames Research Center. The MARSWIT is a low pressure (down
to a few hundred Pa) wind tunnel 14 m in length with a 1 by 1.1 by 1.1 m test
section located 5 m from the tunnel entrance. This flow-through wind tunnel
is located within a 4000 m3 vacuum chamber. The windtunnel injected either
COp (for the aluminum oxide samples) or air (for the basalt and iron oxide
samples) to create the windflow. Its characteristics are described in detail
elsewhere (ref. 13). The samples were placed in the MARSWIT and tested under
the wind conditions listed in table III.

The samples were weighed before dusting, after dusting, and after MARSWIT
exposure. However, the weight of the dust added to the optical surfaces was
below the sensitivity of the balance used (0.1 mg).

Optical transmittance measurements were made by sliding the transmittance
measurement device (TMD) over the sample. In the TMD a white light source is
suspended above the sample, and the sensing head of a Coherent Model 212 Power
Meter is beneath the sample. Specular transmittance measurements were made
before and after the samples were dusted (T, and T4, respectively), and
after the dusted samples were subjected to winds in the MARSWIT (Tg).

The amount of dust which was cleared from the samples was evaluated using
a dust clearing parameter, which was defined as the ratio of the transmittance
change on wind exposure of the dusted samples (Tf - T4) to that of the trans-
mittance change upon dusting (T, - Tq). This function is a transmittance
recovery fraction and is constrained to vary from zero to one. There is,
unfortunately, a dependence of the value of T4 used in different sample
dustings on this parameter.

The final transmittance (Tf) is a function of wind velocity, angle to the
wind, surface chemistry, particle size, and time. It may also be a function
of the amount of dust initially deposited assuming that the degradation of T¢
from T, arises solely from particles remaining on the surface. Typically,
the particles are sufficiently small that surface adhesion is stronger than
the forces that can be exerted by the dynamic pressure of the wind. The num-
ber of particles at the surface interface will increase as the total number of
particles dusted on the sample increases (i.e., as T4 decreases) up until a
monolayer is built up. Beyond that there is only particle-particle cohesion.
Thus, T¢ will be a function of Tq wuntil the monolayer is established, and
beyond that it will not. If Tf is a function of T4 then, for dusting runs
of low T4, the dust clearing parameter would take a higher value for the same
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dust clearance effectiveness. For dusting runs of high T4, the dust clearing
parameter should be independent of Tq.

Two different heights from the floor of the wind tunnel were used for
dust clearing tests using the aluminum oxide dust. Samples were placed at
about 2.5 cm, which should be within the floor's boundary layer, and at about
50 cm, which should be well above it.

A turbulence fence was constructed to increase the wind turbulence at the
sample. It was thought that the turbulent flow might be effective at clearing
the dust at wind speeds lower than those in the free stream. It was construc-
ted with a vertical array of eight 3.2 mm diameter horizontal rods spaced
every 9.5 mm.

RESULTS AND DISCUSSION

The two most important variables to dust clearing efficiency were found
to be the angle of attack and the velocity of the wind. Accordingly, they
will be discussed first, and turbulence and coating material will be discussed
as small perturbations on the effects.

Higher wind velocities are expected to clear photovoltaic surfaces more
effectively. It might also be suspected that there will be a threshold value
for the wind velocity below which there will be no clearing, and above which,
given sufficient time there will be significant, perhaps even total clearing.
The static threshold velocity is that velocity at which dust particles leave
the surface without impact from upwind particles. There are several factors
which will affect the static threshold velocity including particle size,
particle shape, and surface chemistry. In these experiments the particle size
was chosen to match that which it is believed to become suspended during a
global dust storm, but which would settle out under calmer conditions. Parti-
cles less than about 1 um in size will stay suspended for very long periods of
time, and those larger than about 50 um will never be transported far from the
site where they first become airborne. The particles used in this experiment
mimic the Martian dust size and shape (ref. 11), the surface chemistry of the
particles, however, is likely to be quite different from that found on Mars.

Soils on Mars are thought to be basaltic, and rich in iron oxides
(ref. 9). Further, the Viking results infer the possibility of peroxide and
superoxides which may be generated by the ultra-violet radiation that
constantly bombards the surface (ref. 5). Accurate duplication of the exotic
Martian surface chemistry is difficult at the present time due to the limited
understanding of Martian soil composition. In addition, the presence of much
more water vapor in the Earth environment would change the surface chemistry
even if we did know how to simulate Martian soil. The optical polishing
powder has been shown to dust the samples evenly with little particle
aggregation (ref. 11). Thus, this material is a reasonable starting point
for these studies, and that trends in angle, height, turbulence, etc. should
still be valid. In addition, results of experiments to determine the
threshold dust clearing values for the basalt and iron oxide, which have
different surface chemistries, were compared to evaluate its effect.
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Figure 3 shows the dust clearing as a function of angle for various vel-
ocities of simulated Martian wind using the aluminum oxide dust. The amount
that some of the data points lie below zero give some indication of the exper-—
imental error. There is a clear indication from figure 3 that the optimum
value was near 45°. Samples with an attack angle of zero showed virtually no
dust clearing at velocities below about 100 m/s, while those at 45° cleared to
about 92 percent of their original transmittance value at wind velocities as
low at 35 m/s. Samples held at angles of 22.5° and 67.5° cleared slightly
less efficiently than those at 45°. Samples held at 90° showed still less
clearing, but more than those held at 0°. This trend was found with veloci-
ties varying from 30 to 85 m/s. In the test with a higher velocity (124 m/s)
all of the samples were cleared comparably. In the test with a lower velocity
(10 m/s) none of the samples cleared appreciably. Note that the time exposed
to the wind was not the same in all cases (see table I), but the angular
dependence of dust clearing is not expected to be time dependent.

In one series of samples in the 85 m/s wind test, vertical (90°) sample
holders were angled at 0°, 30°, 60°, and 90° from the wind around a vertical
axis. This should be an equivalent configuration to having samples on 0°,
30°, 60°, and 90° tilts, provided gravity does not play a significant role.
The angular dependence was indeed consistent with the other experiments (see
fig. 3).

The threshold clearing velocity predicted by Iverson and White is con-
siderably below the measured values (ref. 14). Using the 0° data we find a
threshold velocity of somewhat less than 85 m/s, about an order of magnitude
higher than predicted. The experimental conditions, however, were not the
same as the theoretical assumptions. Iverson and White assumed a layer of
spherical particles laying on a bed of similar particles. In the experiment,
there was less than a monolayer of non-spherical particles on various sub-
strates. Intuitively, however, one might expect the threshold velocity to be
smaller in the experiment because of the smooth substrate.

Given the angular dependence of the dust clearing, one might suspect that
the mechanism of detachment would involve the rolling or sliding of dust part-
icles. For the most part, however, this did not appear to be the case. Pho-
tomicrographs of the dust layer remaining on dusted glass surfaces subjected
to 35 m/s winds at different attack angles showed no directionality to the
dust removal. Only on the samples with an attack angle of 22.5° could it be
discerned from the photographs the direction of the wind arrival. This was
further confirmed by the photograph of a half-round sample subjected to the
same conditions. Only as the attack angle became very low was there appre-
ciable streaking. Thus, turbulence at the surface must act to aerodynamically
lift the particles out in a direction which is approximately normal to the
surface. This view is supported by classical models of Bagnold (ref. 15) in
which aerodynamic lift plays a key role in particle motion from a surface at
the threshold velocity.

Given the cautions above, the static threshold velocity to remove dust
particles from the surface was determined. The data taken at 45° is of most
interest, because that will give us the minimum static threshold value. In
figure 4 it can be seen that the minimum threshold value for the optical
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polishing grit was between 30 and 35 m/s. Although this is higher than the
average daily maximum wind speed at the Viking landing sites of about 9 m/s
(ref. 16), it is not uncommon on some parts of the Martian surface (ref. 5).

The importance of turbulence in the clearing of dust from surfaces was
studied from two different sources: boundary-layer turbulence, and artifi-
cially induced turbulence. Turbulence will result in a lower mean velocity
(and so a lower mean dynamic pressure to move the particles) but it may result
in higher local velocities.

Identical samples were run at about 3 cm and about 50 ¢cm from the floor
of the MARSWIT. Figure S shows the approximate height of the boundary layer
(where the velocity becomes the free-stream velocity) at several different
velocities and the height of the samples. It can be seen that the lower sam-
ples were within the boundary layer, and the upper ones were not. As can be
noted from figure 6, however, there was no appreciable differences between
these two heights. In one experiment, in a 55 m/s wind, a sample holder was
placed on end so as to fix the samples nearer to the floor. The holder was
placed at a 45° angle to maximize the dust clearing. Figure 7 shows that in
this extreme case there may have been small boundary layer effects observed,
with the lower samples showing slightly less clearing.

Turbulence was also induced by placing a "fence" of cylindrical rods in
front of the samples at a wind speed near the threshold. The hope was that
the turbulence fence would lower the threshold wind speed, but the fence was
found to actually hinder the clearing slightly (see fig. 8).

A wide variety of photovoltaic cell coatings was tested to determine
which coatings would be most effective in shedding the dust. Because of the
probable differences in surface chemistry between the test material and actual
Martian soils this is risky, but perhaps some general surface principles can
be determined. Even though there was a wide variety of materials both con-
ducting and insulating, hard and soft, and high and low coefficients of fric-
tion, there were only slight differences among the ability of the coatings to
shed the dust. For a each angle of attack (0°, 22.5°, 45°, 67.5°, and 90°)
and for wind velocities of 55, 85, and 124 m/s, each coating was ranked on the
basis of dust clearing parameter from highest (1) to lowest (3 or 6, depending
on the number of samples). The average ranking over all of the angles at a
given wind speed for each of the coatings is shown in table IV. The last
column in table IV shows the average ranking for each coating over all of the
angles and all of the wind speeds. Although the error is probably large,
there may be some validity to the rankings. Glass and Si0p have nearly equal
scores, as do PTFE and PTFE/Si0Og. ITO was the easiest to clear, and DLC the
hardest. Surface adhesion tests are planned to test the validity of the
ranking.

The dust clearing using basalt instead of aluminum oxide produced similar
results, as illustrated in figure 9. The threshold velocity at 45° appears to
be between 30 and 40 m/s, within the same range as the aluminum oxide. From
this test it appears that surface chemistry (within limits) does not play a
large role in determining the dust clearing threshold velocity. Given the
uncertainties in knowledge of Martian dust, this is fortunate.
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However, when iron oxide dust was used the threshold velocity was much
higher, between 85 and 95 m/s, as shown in figure 10. The surface chemistry
of iron oxide differs considerably from either of the other two materials, and
that could certainly affect the results. However, a more important effect may
well be the particle size. The mean particle size of the iron oxide is an
order of magnitude smaller than that of the other two materials, and so one
would expect the threshold velocity to be between two and three times higher
based on particle size effects alone (ref. 17). Further studies are required
to separate particle size from surface chemistry effects in any definitive
way.

The angular dependences of the threshold velocity for the basalt and the
iron oxide raise some interesting questions. In the case of basalt in 30 m/s
winds it can be seen in figure 9 that there is more efficient clearing at
22.5° than at 45°. Streaks which indicate the wind direction are also visible
in the 22.5° case. It appears that at low angles the particles begin to roll
off the surface. The threshold velocity for this is evidently somewhat lower
than for the aerodynamic lift removal that is dominant at higher angles. It
appears then, that the aerodynamic removal is more efficient, but requires a
somewhat higher velocity.

Figure 10 reveals that iron oxide was most efficiently removed at 22.5°
at wind velocities even as high as 95 m/s. This could have two possible
explanations. The first is that this velocity is not high enough for the
aerodynamic lift mechanism to begin to dominate, or in other words, the aero-
dynamic threshold velocity still had not been reached. The second explanation
is that particle size effects cause the rolling dust clearing to dominate at
all velocities, that is, that even at much higher velocities the 22.5° samples
would have cleared more efficiently.

CONCLUSIONS

Even in this first preliminary study principles have been found which can
help to guide the design of photovoltaic arrays bound for the Martian surface.
Most importantly, if an array is to be self-cleaning it should be tilted at an
angle approaching 45°. Although there is wide latitude with this require-
ment, it seems most important that the arrays are not erected horizontally.
Although the angular dependence is not sharp, horizontally mounted arrays
required significantly higher wind velocities to clear off the dust. From the
perspective of dust clearing it appears that the arrays may be erected quite
near the ground, but saltation can be expected to cover the arrays if they are
set up less than about a meter from the ground (ref. 18). Providing that the
surface chemistry of Martian dusts is comparable to the simulated test dusts,
the materials used for protective coating may be optimized for other consider-
ations such as transparency, and chemical or abrasion resistance. Given the
same assumption, there are regions on Mars which experience winds strong
enough to clear off a photovoltaic array which is properly oriented, though
there are other regions where some other clearing technique will have to be
employed. Turbulence fences proved to be an ineffective strategy to keep dust
cleared from the photovoltaic surfaces.
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There seem to be two dust removal mechanisms at work. At low angles

(22.5° and less) the dust particles are rolled off of the surface, and at high
angles (45° and higher) the particles are aerodynamically lifted from the sur-
face. The threshold value for the rolling mechanism appears to be lower, but
the aerodynamic lift mechanism appears to be more effective.
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TABLE I. - PHOTOVOLTAIC ARRAY COATINGS TESTED

Coating Thickness Deposition | Substrate
None | ——-——— | = Glass
Si09 6504 Ion beam Glass
PTFE x1000& Ion beam Glass
50 percent/ ~1000A Ion beam Glass

510y
ITO x~1000A Ion beam Glass
DLC ~1000& Ion beam Glass

389




TABLE II. - COMPOSITION OF DUSTS
Percent by weight

Viking | Opt Grt | Basalt Fey03
8i0, 44,7 6.6 46.6 0
Feq03 18.1 0.6 13.0 100
Mg0 8.3 0.0 6.1 0
Al,03 5.7 89.0 16.6 0
Ca0 5.6 0.0 11.1 0
TiOg 0.9 3.0 2.0 0
Cro0j3 0.0 0.6 0.0 0
Na»0 ? 0.0 2.3 0
K20 0.0 0.0 1.1 0
MnO 0.0 0.0 0.3 0
COy ? 0.0 0.1 0
P50sg 0.0 0.0 0.1 0
Size, um 7 to 25 5 to 20 { 0.5 to 2.5
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TABLE III. — WIND CONDITIONS WITHIN THE MARSWIT

Velocity, Stat Pres, Dyn Pres, Temp, Time, Dust
m/s Pa Pa K sec
10 1000 1.2 290 600 Al,503
23 1000 6.3 290 600 Al003
30 1000 10.7 290 600 Al203
30 1000 10.9 285 300 Fes03
31 1000 11.4 290 900 Al903
31 850 9.9 285 600 Basalt
35 1000 14.5 290 300 Al903
42 950 20 285 600 Basalt
50 1000 30 285 90 Feq03
55 1000 36 290 120 Alo03
60 1000 43 285 600 Fep03
85 1000 86 290 30 Al,03
85 900 78 285 600 Fe;03
95 1200 131 285 600 Fep03
124 1000 182 290 45 Al003
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TABLE IV. - RELATIVE EASE OF DUST CLEARANCE FROM

PHOTOVOLTAIC COATINGS

Coating 55 m/s | 85 m/s | 124 m/s | Overall
ITO 1.0 1.6 2.5 1.9
PTFE/Si0y | 1.0 1.8 3.0 2.2
PTFE 2.0 2.3 2.3 2.3
5105 3.0 1.9 3.6 2.8
Glass 2.0 2.4 3.8 2.9
DLC 3.0 2.1 4.3 3.2
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Figure 1. Sample Holder Designed to Test Aeolian Dust Removal from
Photovoltaic Surfaces
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ABSTRACT ‘ Y
e o

The main objective of this work is to determine experimentally the thermal resistance
of the bolted joints of the first brazilian satellite (SCD1). These joints, used to
connect the satellite structural panels, are reproduced in an experimental apparatus,
keeping, as much as possible, the actual dimensions and materials. A controlled
amount of heat is forced to pass through the joint and the difference of temperature
between the panels is measured. The tests are conducted in a vacuum chamber with
liquid nitrogen cooled walls, that simulates the space environment. Experimental
procedures are used to avoid much heat losses, which are carefully calculated.
Important observations about the behaviour of the joint thermal resistance with the
variation of the mean temperature are made. All the experimental work is developed in
the Brazilian Institute for Space Research Thermal Control Laboratory.

INTRODUCTION

The determination of bolted joint thermal resistance is very important for satellite
temperature distribution calculations. In the first Data Collection Brazilian
Satellite (SCD1), where only thermal control passive methods are used, the bolted
joints between structural panels are of primary importance in the satellite thermal
design. The heat conducted by the satellite panels and/or their electronic boxes
depends on the joints' thermal resistance values, so they are projected taking into
account thermal and structural considerations.

The theoretical calculation of the thermal resistance is very difficult, because it
depends on a series of factors like:

- shape and physical properties of junction materials,

- type and material of bolts,

— materials and number of washers,

- joint aperture strength,

- thermal contact resistance between: washers, bolts and washers, bolts and panels,
washers and panels, etc.

The numerical determination of this thermal resistance, using nodal modelling
technic, is also hard to do because all the physical properties must be well known
before making the calculations (frequently these data, or the measurement equipment,
are not available).

An always useful procedure, that is adopted in this work, 1is to obtain this
resistance by experimental simulation of the bolted joints. The satellite junctions
are reproduced and tested in a vacuum chamber with liquid nitrogen cooled walls, in
the Satellite Thermal Control Laboratory of the Brazilian Institute for Space
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Research (INPE), Some series of tests were performed at INPE, but only the last one,
with the best results, is described here.

SATELLITE BOLTED JOINTS

There are several types of junctions in the SCDI satellite, but only the joints
placed between the external vertical and the central horizontal structural panels are
studied. In the central panel many dissipating equipment are installed. They are
connected to the external vertical panels by two types of junctions: one with blind
threaded insert (where the nut is fixed) and the other with a floating nut insert.
Their positions 1in the satellite and the studied junctions schematic views are shown
in the figure 1. Some electronic boxes are fixed to the horizontal panel by junctions
very similar to these ones, so that the resistance obtained in this work can be used
in the thermal control design of the satellite electronic equipment.

The described joints fasten two 2024 aluminum (ANSI standard) panel closing sheets
(thickness: 2 and ! mm, see figure 1), to the honeycomb panel inserts. For the
panels' thermal insulation, two 1.6 mm thick epoxy+fiberglass intercalated by a 0.4
mm thick stainless steel washers, are used between the insert and the aluminum sheet,
An epoxy+fiberglass washer is in contact with the insert, and a stainless steel one,
with the closing sheets. The epoxy+fiberglass and stainless steel washers are present
between the bolt head and the aluminum sheet either. The washers' materials were
chosen to satisfy the thermal (epoxy+fiberglass) and structural (stainless steel)
requirements. The washers have external diameter of 10 mm; their internal diameters
are 5 mm for the fixed nut insert joints, and 4.5 mm for the floating ones. As they
do not have standard sizes, they were fabricated specially for the SCDl1. The bolts
used are made of titanium and have two different sizes, according to the insert type:
##10 (see ASA standard) for fixed, and # 8 for the floating nut insert.

EXPERIMENTAL SIMULATION

The objective of the experimental work is to measure the thermal resistance of the
two types of bolted joints described 1in the previous section. So, the experimental
apparatus were designed to reproduce, in the laboratory, the same thermal conditions
found in the satellite. To enable data statistical treatment, ten similar joints are
mounted for each junction and tested simultaneously., The mean resistance values and
the associated standard errors (the range of values) are calculated. To study the
joints behaviour with the variation of the temperature, five levels of temperature
are adopted. All the tests are made in steady state conditions. It is supplied a
controlled amount of heat to each apparatus, the temperatures are left to stabilize
and heat flow and temperature measurements are done. The ratio between closing
aluminum sheets and insert temperature difference (see figure 1), and the heat flux
through the bolts and washers determines the thermal resistance of the joint,

The tests are made in the experimental facilities of the Brazilian Institute for
Space Research Thermal Control Laboratory. It 1s used an inside volume 1 meter X 1
meter vacuum chamber with 1liquid nitrogen (LN5) cooled walls. This chamber operates
in high wvacuum (10'7 Torr), with wall temperatures of =190 Centigrades. An
acquisition and control data system is wused to control the temperatures in levels
previously established, and to store the temperature and voltage data. A PC
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microcomputer program controls the experiment, through a GPIB interface and the data
is recorded in its hard disk.

APPARATUS DESCRIPTION

The joints' experimental thermal simulation is made by two types of apparatus,
corresponding to the two different junctions described in the previous sectiomn,

In the apparatus design, to reproduce the thermal and physical characteristics of the
actual bolted joints, it was first necessary to analyse the heat flow lines across
the junction components. Supposing the heat coming from the vertical panel to the
horizontal panel (see figure 1), there is first a concentration of heat flow lines in
the bolt direction. Then, the heat flows through two main paths: across the bolt and
across the washers. The heat arrives to the insert, passes through the silicone glues
that fastens the insert to the honeycomb panel, and finally reaches the horizontal
panel. The value of the effective honeycomb panel thermal conductivity is very low if
compared with the conductivity of the 1insert material, and, as all the external
insert surfaces are in contact with the epoxy glue, it is considered that the heat
flux rate is the same in all directioms. Note that, as the floating nut insert joints
have more surfaces in contact (see figure 1), it is expected a thermal resistance
value bigger than the fixed nut insert one. To force the heat to flow through the
washers and bolts, each apparatus has a heat source and a heat sink, with their
temperatures measured by copper/constantan thermocouples. figure 2 shows a schematic
view and thermocouples' localizations of the experimental apparatus for the fixed nut
insert joint, while figure 3, shows them for the floating one.

The washers and their arrangements are equivalent to the actual satellite joints. As
the titanium bolts were not available for testing, they are substituted by high alloy
steel ones.

The closing aluminum sheets, working as heat sources, are replaced by plan heaters,
made of two circular 80mm diameter 2024 aluminum sheets, 1 and 1.5 mm thick. Between
the aluminum plates there 1is a Nickel-Chrome resistive wire (resistivity of 30
Ohms/meter), rolled in a plan spiral, electrically insulated by two 25 microns thick
Polyester films. The total resistance achieved 1in each heater is between 15.5 and
19.0 Ohms. The heater aluminum sheets were chosen so that the total thickness value
is almost the same of the joints' closing sheets. The heater size and shape was
designed to simulate the effect of the radial heat flow lines in the direction of the
bolt, near the joint.

Only the inserts are considered in the simulation of the honeycomb panels, as the
stainless steel's conductivity is higher than those of the epoxy glue and of the
honeycomb panel. They work as heat sinks (coolers), and have some of their dimensions
different for the two types of the analysed junctions. They are made of the actual
joints' material (stainless steel) and have a 60 mm thin circular black painted base
(2mm thick) to favor the heat transfer to chamber environment. Without this base, it
would not be possible to generate a well measurable heat quantity, because this
dissipation would make the apparatus very hot, the difference of temperature between
the heater and the cooler very small, and the measurements' uncertainties too large.

The total cooler height is 9.5 mm for the fixed nut insert and the diameter of its
main body is 14.2 mm. In the center of the main body there is a screw thread hole for
a#10 screw. A thermocouple is installed in the heater to measure its temperature, in
a region where the heat flux has not reached the bolt and/or washers. The insert

399



thermocouple is 1installed in a point considered as the mean heat flux path (see

figure 2).

The floating nut insert is simulated by a 9.4 mm diameter cylinder with a#38 screw
thread hole and a 15.4 mm diameter (1 mm thick) larger basis that interacts with the
insert main body when the joint is fastened (see figure 3). The main body have a 17.4
mm diameter and a 9.4 mm height cylinder. Closing the main body, soldered in the top
of the cylinder, there 1is a thin plate with a central hole slightly larger than the
screw main body diameter, The heater thermocouple is in the same position as in the
fixed nut insert apparatus. The cooler thermocouple is positioned near the insert
base, in a region that is considered the mean heat flux path, since the heat
conducted by the joint must pass through the contact between the nut and the insert
body to reach the horizontal panel,

The ten similar apparatus constructed for the two types of bolted joints, are mounted
in a Celeron table (heat insulating material), according to the figure 4, They are
positioned in the table to avoid the interaction among the specimens in a way that
all the apparatus coolers can see the chamber environment with the same view factor,
i.e. around 1. The electrical wires of five apparatus heaters are connected in series
and the four resulting rows are connected in parallel. In these lateral junctions two
other big wires that connect the specimens' electrical wires to the vacuum chamber
wall feed through are soldered, feed all the specimens with only one power
generator,

to

MOUNTING PROCEDURES TQ AVOID HEAT LOSSES

Some past experiments showed that the heat losses must be well controlled to warrant
small experimental results' uncertainties.

To avoid the heat loss to chamber walls, and direct radiant heat exchange between the
heater and the cooler, multilayer thermal insulators (MLI) in heaters' both faces are
installed. The external (lower) MLI has ten layers and the internal one, that has a

central hole to fit the washers and bolt,

As the thermocouples and electrical wires
by radiation, they are wrapped up with

eight.

work as fins and dissipate part of the heat
aluminized mylar to lower the surface

emissivity. Their original surfaces emissivities were big, causing too much heat
losses.

All the external cooler faces are black painted to force the heat to pass through the
joint, excepting the internal face that is polished, to insulate the cooler and the
heater from the radiation exchange .

RESULTS

To study the joint temperature variation behaviour, five levels of heater and cooler
mean temperatures are used in the experimental tests. Some data resulting from tests
with detected problems like: breaking of thermocouples wires, bad positioning of the
copper—-constantan soldered junctions, bad electrical contact between the extension
wires and thermocouples or feed through, etc, were not used.

The thermal joint resistance is calculated by the following equation:
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R= AT (1)
Q
where:
R : thermal joint resistance,©C/W,
AT : temperature difference between heater and cooler,°C,
Q : net heat flux in the joint, W.

The net heat flux is calculated through the equation:

Q= 0Qp - Q (2)

QP = heater dissipated power, W,
summation of all heat losses, W.

fo)
£
Il

The heater dissipation power is determined by each heater electrical resistance and
the electrical current that flows through it. The electrical resistance is directly
measured (before the tests' beginning), and the current is obtained from the
electrical power generator output. The following equation is used:

Qp = (V/Req? Ro (3)
Where:

V = electrical power generator output, V

Req = equivalent electric resistance (summation of resistances connected in series),
Ohms,

Re = heater electric resistance, Ohms.

All the heat losses must be carefully calculated to determine the net heat flux
through the joint, as it will be discussed in the next section.

For the five temperature levels tested, the system was left for near one hour in the
steady state condition. During this period, more than one hundred data were obtained
at equal time intervals for each thermocouple, to verify the temperatures, presumably
with small variations around a mean value. This procedure reduces the experimental
errors in the results. To verify if there is electrical resistance dependence with
the temperature variation, the resistances were measured in the experimental
temperature levels, before the apparatus mounting. It was not verified any important
variation, so that the electric resistance values obtained for each apparatus, are
used in the data treatment.

Table 1 relates the following averages values for the equal apparatus: heater and
cooler temperatures, heater power, summation of all heat losses and the thermal
resistances, for the two types of bolted joints studied, in the five temperature
levels.
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HEAT LOSSES CALCULATIONS

Analysing the experimental apparatus, it is verified that there are four principal
ways of heat losses: through the thermocouples wires, through the electrical wires,
direct heat exchange between heater and cooler and through the MLI in the heater
outer face. Each one of these heat losses is considered separately.

Thermocouples' Heat Losses

The thermocouples wused in this experiment are made of copper and constantan wires.
Each one of them is considered as a radiant fin so that the following well-known fin
conduction and radiation equation are used to estimate the heat losses (see reference
).

Q, = (T, - T )tgh(mL) vV(h P K A) (4)
where:
m= V(h P) (5)
K A
and:
h=co (TR -13) (6)
Th- I
Where

vi= heat loss by the wire, W,

Ty= heater temperature,C,

P = wire perimeter, m,

K = wire thermal conductivity, W/m<C,
A = wire transversal section area, m<4,
L = wire length, m,

£ surface emissivity,

0 = Stefan-Boltzmann constant, w/m

24

Under the Celeron table, there is an aluminum platen where the experimental mounting
is supported. Tm (©C) is the environment mean temperature, or the mean value between
the wall chamber and the table or the platen temperature, depending on wether they
are under or over the Celeron table.

Electrical Wires' Heat Losses

The wires can be divided in two groups, according to their lengths: the short ones,
which connect the heaters, and the long ones, which connect the peripheral wires to
the chamber walls (see figure 4),

Studying the first group, it was verified that, in spite of connecting two heaters of
different temperatures, they work as heaters' fins, exchanging heat with the chamber
and the Celeron table, The fins length is the distance between the heater and the
point of minimum wire temperature; as this point is always near the wire middle they
will not be calculated.
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In the second group, the wires work as fins of the nearest heater. It is expected
that a larger amount of heat is lost by these wires, since they are connected to the
chamber walls that are cooled with LN . In both cases the heat losses depends on the
heater temperature. The same thermocouples' losses equations are used in these
calculations.

Heater External MLI Heat Losses

The heater external MLI is in physical contact with the Celeron table near its
external perimeter (see Figures 2 and 3). In the losses! calculation two mechanisms
are considered: conduction from the heater to the Celeron table, and radiation to the
platen.

In the radiant losses' calculation, the effective emissivity values obtained in
experimental works developed in this laboratory for MLI constructed with brazilian
components are used (see reference 2). The radiant area is the same of the Celeron
hole made to fit the mounted apparatus. The following Stefan-Boltzmann equation is
used in these calculations:

4 4
MpLIr=_tAr o(Th - Tp) (7)
l/geff + 1/ Ep -1

where:

QMLIIT= radiative MLI heat losses, W,
Ap = Celeron hole area, m2,
T, = platen temperature,OC,

p . i
IS = effective emissivity,
eff . e
= platen emissivity.
€p

Note that the expression in the denominator is the MLI and platen equivalent
emissivity.

The Fourier law is used to determine the conductive heat losses:

Qur,1c= KeffAc (Th Tg) (8)
t

where:

QMI,Tc= conductive MLI heat losses, W,

Kogg= effective thermal conductivity, W/m°C,
c = MLI and Celeron contact area, m§

Tg = MLI surface temperature,©C,

t = MLI thickness, m.

The effective thermal conductivity is calculated based on the effective emissivity
value, on the MLI surface, platen and heater measured temperatures.
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Direct Heat Exchange Between Heater and Cooler or Environment

The heat losses' calculation between heater and cooler and/or heater and environment,
is made through the Stefan-Boltzmann equation. The view factor is determined by a
finite difference program developed at INPE for satellite thermal designs., The
apparatus were divided into 32 nodes., To simulate the heater internal MLI, the
emissivity of the heater nodes was considered equal to the effective emissivity of
the superinsulator. The following expression is used:

4 4 4 4
Qraa™%ff 2arfhe °Th = Te )t %ff Aqr Fhen™Th - Fn ) (9)
where:

Qrad= heater losses by radiation, W,
: 2
Aqr= direct radiation area, m<4,
Fhe= heat-coocler view factor,
F = heat-chamber view factor,
hch
T oph = chamber walls temperature,©C,

T, = cooler temperature, O¢

Heat Losses' Values

Table 1 presents the mean heat losses values, for the similar apparatus, for the five
temperature levels tested.

EXPERTMENTAL ERRORS ANALYSIS

The calculation of the experimental standard errors is done based in reference 3.
There are two types of data: the measured ones, that include the temperatures,
voltages and electrical resistances, and the data obtained through mathematical
models, like the thermal resistance and losses.

Some procedures are adopted to minimize the first type experimental errors. The
heater, cooler, Celeron table and chamber temperatures are taken several times (about
100 measurements) so as to allow the calculation of mean value and the associated
standard deviation. As there are small temperature variations with time in some
measurements (the steady state conditions are not perfectly achieved, but in levels
considered satisfactory), a linear regression to calculate the standard deviation
values is wused. The voltage values are taken two times together with the first and
last temperature measurements. To improve results,a high precision voltmeter is used.
The same procedure is used to the electrical resistance measurements.

In the second case, where the results are obtained indirectly, it is necessary to
make some error propagation studies. It is considered that the experimental errors
have a Gaussian distribution around their mean. The associated wuncertainty is
considered as two times the standard deviation, that corresponds to the 95.4%
probability level. Considering that the experimental measurements are independent,
the following formulation, illustrated by a simple example, is used in this work:
suppose that a certain quantity U is obtained indirectly through the independent
measurement of three parameters with mean values u , v and w, and with the associated
standard deviation : ou, Ov and Ow. The experimental error is given by:

@ = o2 w?+o2 @u? s+ o’ (10)

Ju v aw
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The determination of the thermal resistance values, (see equation 1) is made by the
ratio of the temperature difference between the heater and cooler and the net heat
flow through the joint. The temperature difference uncertainty is obtained by the
square root of the heater and cooler temperature uncertainties squared summation:

MAT)= V(b TE + ATE) (11)

To the calculation of the net heat flow equation 2 to 9 are used. To the experimental
uncertainties calculations, a formulation similar to equation 10 is applied. Some
measurements like surface emissivities, component materials' thermal conductivity,
some temperatures, etc, useful in the heat losses calculation are not available,
being estimated (like their uncertainties), by literature data or some complementary
calculation.

Table 1 presents the mean uncertainties values, for the similar apparatus, forthe
five temperature levels tested.

STANDARD ERRORS' DETERMINATION

Ten similar apparatus for the two types of bolted joints studied (a total of twenty)
are tested in each temperature level, to allow statistical data treatment, and as a
consequence, the thermal resistance standard error calculation, given by the equation
(see reference 4):

standard error = v standard deviation (12)
similar apparatus number

Note that this value is different from the experimental uncertainties. The first
refers to the experimental measurements errors and the second to the actual variation
found among several similar actual bolted joints. The standard deviation is obtained
from the thermal resistance values calculated for each apparatus. The associated
standard error, together with the resistance mean values must be used in the
satellite thermal designs.

It was applied the Chauvenet Criterion (see reference 3) in the determination of
possible bad results, so that that the sample 11 thermal resistances results must be

rejected to the mean and standard errors calculation.

In table 1, the standard errors' values are compared with the uncertainties' averages
for all the temperature levels.

GENERAL REMARKS

The thermal resistance as a function of the heater and cooler mean temperatures, for
the two types of joints studied is presented in figure 5. The resistance values for
the floating nut insert are always greater than those for the fixed one. This effect
is expected because there are more surfaces in contact in the floating nut insert, as
can be seen in the Figures 2 and 3. In the floating insert, the heat coming from the
washers or bolt, must pass through the contact between the nut base (in disk format)
and the insert body, to reach the honeycomb panel. In the fixed insert the heat path
is simpler, since the insert and nut form the same body.
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Another important observed effect is the variation of the thermal resistance with the
temperature., It is more evident at low temperature levels: as the mean temperature
increases, the resistance tends to a constant value. This can be explained studying
the thermal properties' behaviour of the joints' components with the temperature
variation. The epoxy+fiberglass washers coefficient of thermal expansion is around 59
m/m/k; for the aluminum, this property is around 22 m/m/k, and for the stainless
steel this value is near 18 m/m/k. So, there are different contractions among the
several jolnts component materials, with the mean temperature decrease, causing a
relief in the contact pressure; the thermal contact resistance is highly dependent on
the pressure (see reference 5). Another explanation is the thermal conductivity
variation with the temperature; it is small for the metals (7% variation in 200
Centigrades for aluminum) and big for the epoxy+fiberglass material (100% variation
in 50 Centigrades).

In figure 6 the thermal resistance results are presented, with the associated
experimental mean errors (vertical bars) and the standard errors (dashed lines). In
both inserts, it is verified that the experimental and the standard errors are
equivalent for the same temperature levels. The experimental errors are always lower
than the standard errors, excepting the thermal resistance of the lowest mean
temperature level. This means that the experience was planned correctly; if the
experimental errors were bigger than the actual joint resistance variation, it would
not be possible to determine, with confidence, the mean value and its variation, to
be used 1in satellite thermal design. In the lowest temperature level resistance, the
experimental uncertainty is bigger than the standard error, so that the resistance
mean and its expected variation can not be well established.

An interesting point to note is the difference of the experimental errors for the
several calculated parameters. As 1is shown in table 1, the heat losses' calculation
presents the highest experimental uncertainty level, sometimes reaching 507 of the
total heat losses calculated. This happens due to the coarse estimation of some
physical and thermal properties. But, as the losses are small, this uncertainty has a
small propagation in the joint thermal resistance uncertainty (its value is around
0.5 to 3 7).

It must be noted that the joints thermal behaviour could be bether understood if more
thermocouples were installed in the experimental apparatus; this was impossible due
to the heat losses' increasing, and the consequent experimental uncertainty
increasing.

CONCLUSION

The main objective of this work, that is to measure experimentally the thermal
resistance of the first brazilian satellite bolted joints, was achieved. The
resultant data have been used in the satellite designs and the satellite thermal
model tests have confirmed the joints thermal resistance accuracy. The experiment
planning, the apparatus design, the number of similar bolted mountings, the
procedures to avoid heat losses, are good enough to give the expected results, so
that equivalent experimental works are recommended for future bolted joints' thermal
resistance researches,
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In spite of the fact that the experiment is specific for these junctions, its results
can be extended to other types of bolted joints, by some theoretical study.

The effect of the thermal resistance variation with the temperature suggests that
these joints can be wused as a satellite active temperature controller. It is
necessary to make more measurements in the curves' elbow regions (see figure 6) to
study this effect with more precision.

Some numerical analysis of the thermal resistance of bolted joints 1is always
important to do in these studies. An apparatus nodal division was made in past
experiments for use in a satellite thermal analysis program developed at INPE, but up
to date numerical data is not available. The numerical studies are simpler and
cheaper, and must be wused if they produce good results; the main difficulty is that
all the necessary physical properties and thermal contact resistances must be well
known before the numerical calculation. The main advantage of the experimental work
is that all the interactions between the components of the joints are reproduced, not
requiring theoretical studies, neither physical properties' measurements (if the heat
losses are kept low).

FUTURE WORK

These bolted joints thermal resistance studies are complex and has just begun. Some
suggested future work is planned to be done. First, it is suggested to make more
measurements, using this same experimental mounting, in low temperature levels (elbow
curves regions) to study the joints' thermal behaviour. A numerical analysis of the
experimental apparatus, would be interesting, and it is suggested here. Another
suggestion is the study of the influence of the bolted joints' individual components,
as washers, bolts, etc, in the joints' thermal resistance. This can be done with this
same apparatus, just varying, for instance, the number or material of washers and
comparing the experimental results.
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Figure 2. Fixed nut insert joint experimental apparatus
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Figure 3. Floating nut insert joint experimental apparatus.
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Figure 4. Final experimental mounting in Celeron table.
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ABSTRACT

Magnetic cleanliness testing has been successfully performed on the Tethered Satcllite as the last step of an
articulated verification campaign aimed at demonstrating the capability of the satellitc to support its TEMAG (TEthered
MAgnetometer) experiment. Tests at unit level and analytical predictions/correlations using a dedicated mathematical
model (GANEW programmc) arc also part of the verification activitics. Details of the tests are presented, and the
results of the verification are described together with recommendations for later programmes.

INTRODUCTION

Nowadays the complexity of earth magnctosphere and ionosphere rescarch by satellites is increasing; in this sense
new and more advanced and innovative rescach methods are necessary. An opportunity for improvement in the
knowledge of the Earth Magnetic Field at Low Earth Orbit altitude is provided by the Tethered Satellite System (TSS).

It is a joint project between the Italian Space Agency (AST) and the United Sates National Acronautics and Space
Administration (NASA). Its goal is to test the feasibility of deploying, controlling and retricving a Tethered Satellite
from the Space Shuttle, as well as to demonstrate the system’s usefulness for scicntific rescarch.

The TSS consists of an instrumented satcllite, a thin, flexible tether up to 100 km long, a deployer attached to an
enhanced Spacelab pallet in the Shuttle cargo bay, and scientific experiments on the satellite as well as in the cargo bay.

The Aecritalia Space Systems Group is the Italian prime contractor for TSS, responsible for the satellite. Martin
Marictta - Denver Aerospace (MMA) is the American prime contractor responsible for the deployer and furnishing the
tether. NASA is providing the pallet and an experiment carrier for the cargo bay. Both NASA and ASI will provide the
science ‘payloads being developed by selected experimenters.

The tether and satellite will be deployed from the Space Shuttle while it remains in orbit at an altitude between 230
and 300 km. In the first TSS mission, scheduled for the second half of 1991, the satellitc and an electrically conductive
tether 20 km long will be deployed above the Shuttle (spaceward) to study the electrodynamic magnetic fields and
plasma properties.

The first TSS Mission is shown in Fig. 1.

In particular, this mission will test the feasibility of generating electricity with the tether as it cuts through the
Earth’s magnetic field. This could demonstrate a new source of auxiliary power for future spacecraft and space stations.

During the second TSS mission, anticipated to follow about two years after, the satellite will be deployed on a 100
km tether below the Shuttle (Earthward). In this configuration it will be possible to lower the satellite as far down as 130
km above Earth to reach a region of the atmosphere that previously could only be studied for brief periods by sounding
rockets.

The TEthered MAGnetometer (TEMAG) payload is the cxperiment dedicated to the magnetic exploration of the
TSS-S flight mission environment, on a well-known satellite magnetic status base; in this sense a Magnetic Cleanliness
programme, to acquire knowledge of the magnetic properties of the satellite seen as a multipole, was necessary. In
particular, a Magnetic Cleanliness verification campaign, comprising unique analysis and test steps has been performed
at both unit and system levels.

The paper presents the Tethered Satellite characteristics and related magnetic cleanliness requirements, for the

proposed combined verification approach and the test methods/facilities/results at equipment and system level. Suitable
conclusions and recommendations for the next programmes are also included.
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TETHERED SATELLITE
CONFIGURATION

The TSS-1 Satellite (TSS-S) is a retrievable vehicle, capable of carrying and supporting various scientific payloads
simultaneously, up to 20 km away from the Orbiter.
The main characteristics of the TSS-1 satellite are:

* Current mass 518 kg and Diameter 1.6 m

* Spin-up/spin-down capability from 0 to + 1.0 RPM (Present baseline is + 0.7 RPM)
* Electrical connection between P/L and Tether, skin treated to allow current flow

* Telemetry Rate 16 kbps and Command Rate 2 kbps.

Fig. 2 shows the TSS satellite during integration activities at Aeritalia. Details on Tethered Satellite characteristics
and operations can be found in Refs 1 and 2.

The capacity of the TSS-1 is provided by a carrier approach and a modular concept of the Satellite configuration
which comprises: an auxiliary propulsion module, a service module and a payload module.

Propulsion Module

The propulsion module has one subsystem, the auxiliary propulsion subsystem (APS) which includes the GN2 tank, the
in-line, in-plane, out of plane and yaw control thrusters, piping and valves to allow yaw attitude, yaw spin and Satellite
translational position control.

All the APS parts except for the in-line thrusters are located on the equatorial floor. The APS is a cold gas (nitrogen)
propulsion system so as not to contaminate the sensitive payload or the satellite external environment.

Service Module
The service module includes the following subsystems.

® Structure and Mechanism Subsystem (SMS) - The basic concept and the main components of the TSS satellite
structure are shown in Figure 3.
The satellite has two fixed booms, for mounting the S-band antenna and science instrumentation respectively and
two deployable/retrievable booms carrying science instrumentation,
Four access doors are provided for battery installation at KSC in the Orbiter bay in the vertical position. The
tether attachment is the mechanism provided to allow mechanical and electrical tether connection to the satellite.

o Electrical Power and Distribution Subsystem (EPDS) - The internal power source of the TSS-S is a battery
system, consisting of four silver-zinc (Ag-Zn) batteries, arranged in series/parallel.
A power command distribution assembly (PCDA) basically performs the distribution of the power to the
subsystems and the conditioning of some commands dedicated to the activation of relays and valves.
The payload power distribution assembly (PPDA) is a distribution unit dedicated to the payload and is in the
payload module.

® Harness Subsystem (HRNS) - The HRNS provides electrical interconnections for the distribution of the
electrical power and signals between all satellite units, units to EGSE skin connector, and units to umbilical
connectors.

¢ On-Board Data Handling Subsystem (OBDH) - The OBDH S/S consists of the following units: Central Terminal
Unit (2 microprocessors - 1 dedicated to AMCS processing), Memory Bank Unit, Remote Terminal Unit
Service, Remote Terminal Unit Payload (mounted within payload module), Decoder and OBDH Busses.
The OBDH is immediately powered as soon as the PCDA reccives power from the batteries or from the
TSS-Deployer.
Upon power-up, the OBDH will automatically perform a sell check providing the results in the TLM page and
then the software programs to support the mission will resume. In addition, the OBDH will be ready to
execute/distribute commands coming from the umbilical hardline sent through Radio Frequency (RF) link.
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o Attitude Measurement and Control Subsystem (AMCS) - The AMCS determines the TSS-S attitude and
provides telemetry on Satellite vector yaw, pitch and roll measurements. The AMCS controls the yaw attitude
and the TSS-S spin rate. The AMCS processor is part of the OBDH subsystem. The AMCS includes the TSS-§
gyroscope package, sun sensor package and earth sensor package.

® Telemetry and Telecommand Subsystem (TT&C) - The TT&C provides the S-band link between the satellite and
orbiter when the TSS-S is in the detached mode.
TT&C functions include telecommand/data reception, tclemetry data transmission, and subsystem housekeeping.
It consists of the S-band antenna, S-band transponder and RF cable.

o Thermal Control Subsystem (TCS) - In order to guarantee a suitable thermal environment for the satellite, the
TCS makes use of the following components/materials: paints on external skin, Multi-layer Insulation blankets on
equipment, fillers, heaters and thermostats for heater control.

e Engineering Instrumentation Subsystem (EIS) - In order to verify that the satellite thermal environment
remains within the allowed limits during the mission phases, the EIS provides monitoring by means of redundant
thermal switches and sensors.

Figure 4 shows a TSS-S synthetic block diagram showing the interfaces with Deployer, Orbiter and Payloads.
Payload Module

The payload module provides accommodation for the four scientific payloads. Experiments/sensors are located inside
the payload module, on the external Satellite skin, on an external dedicated fixed boom and on the Deployable
Retrievable Booms. The payloads on the Satellite for TSS-1 are:

e Magnetic field experiment for the TSS missions (TEMAG) by University of Rome

e Rescarch on Electrodynamic Tether Effects (RETE) by Institute Fisica Spazio Interplanctario, CNR
e Rescarch on Orbital Plasma - Electrodynamics (ROPE) by Space Scicnce Laboratories, MSFC

o Satellite Core Equipment (SCORE) by Acritalia

In particular the TEMAG Experiment consists of the two magnctomceters and their electronic package.

Each FluxGate Magnetometer (FGM) unit contains three monoaxial fluxgate sensors in a mutually orthogonal array
measuring the vector magnetic field in the frequency band from DC to 8 Hz. One unit (FGM/O) will be mounted at the
tip of the Satellite fixed boom and the other (FGM/I) on the same boom close to the Satellite (see Fig. 2).

VERIFICATION AND TEST PROGRAMME

On the basis of the programme’s industrial architccture, the overall design and performance requirements relevant
to the TSS-Satellite are contained within a set of dedicated spccifications and Interface Requirement/Control
documents.

The levels through which verification of the above Tethered requircments has been performed incrementally are:
system, satellite, payload, subsystcm, unit. The verification methods established for the TSS are: Similarity, Analysis,
Demonstration, Validation of Records/Design, Test.

The test effectivencss is for qualification of acceptance; development tests are not considered valid for formal
verification close-out.

The definition of the applicable verification methods for each satellite requircment originated a cohcrent model
philosophy as summarised in Fig. 5.

The correspondent system Integration and Test Programme foresees: a Structural Model on which a complete
structural qualification test campaign (i.e. Physical Propertics, Model Survey, Acoustic, Alignment and Leak tests) has
been carried out at IABG’s laboratories in Munich; an Engincering Model on which a functional test campaign (i.e.
Magnetic Cleanliness Measurements, Service Module Test, Payload Module Test and Satellite Integrated Test) has been
performed in Aeritalia; a Flight Model, subjected to functional and environmental acceptance tests (i.e. Functional,
EMC, Physical Properties, Alignment, Thermal Vacuum/Balance, Acoustic, Leak and Magnctic Cleanliness Test) at the
IABG facilities.

Ref. 3 contains details of the TSS Satellite Intcgration and Verification philosophy.
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MAGNETIC CLEANLINESS VERIFICATION
Requirements and Verification Approach

Magnetic cleanliness requirements have been specified on TSS-S with the objective to know and possibly limit the
magnctic contamination of the TEMAG experiment measurements due to the satcllite magnetic field.

In fact, the satellite background has to be subtracted from the experiment measurements, performed at LEQ
altitude, in order to get rcliable data of TEMAG magnetic exploration. The level of "cleanliness” for the satellite
magnetic environment has been specificd as a design goal in terms of 20nt at FGM/O location, associated with an
acceptable degree of magnetic stability (+ 1nt).

The verification of the satcllitc compatibility to the above requirements and the associated evaluation of its
magnetic emission and susceptibility was performed using a combined analysis/test verification approach as shown in
Fig. 6.

In particular the approach used dcvelops test activitics at both unit and satellite levels associated with iterative
analysis campaigns worked out by means of a suitable software programme.

The system analytical modcl has been developed by using test results of the majority of the satellite units and has
been used to predict the system test results. Final validation of the system model, including the contribution of the parts
not tested at unit level (for example the structure), has been performed corrclating the system test results,

In addition, the choscn incremental verification approach allowed a better control of the TSS-S Flight Unit
magnetic cleanliness because the verification campaign at unit level provided early evidence of difficulties in meeting the
system cleanliness requirement and suggested useful recommendations for system design and test.

Model and Analysis

The tool used to perform the magnetic cleanliness analysis is an ESA programme called GANEW (sce Ref. 4). It is
based on a multiple dipolar modelling of the test object; this method is derived from the postulate that a given magnetic
field configuration around a test object can be represented adequately by a finite sct of discrete dipoles within the test
object at a distance where the multipolar field components can be neglected. Unfortunately, the problem is in general
conditioned in the sensc that a unique solution identical with the real source involved does not necessarily exist;
nevertheless, in some particular cases the approximation to have a dipole model can provide useful information about
the real source.

A very effective optimisation procedure of the Gauss-Newton type is used in the programme to determine the
dipole positions and moments of thc model which reconstitute the magnetic ficld measurements.

The GANEW programme is associated with a suitable test procedure in the sensc that, on the basis of unit test data
results, it is able to calculate the magnetic field contribution individually of cach unit, and totally of the complete satellite
at specificd points - for instance FGM/O location for TSS-1.

An important parameter in dipole modelling is the distance between the test object and the measurement probe
which has a dircct influence on the magnetic ficld momentum value. In this sense the GANEW programme is used to
perform iterative analysis Lo optimise the test set-up and provide good cstimation of the measurement errors.

This shall be possible, before starting with a test, comparing a sct of ficld data gencerated by a well known magnet
(position and moment) in the test object measurcment position w.r.t. the probc data results of the coil facility used.
After the sct-up optimisation process, the results of the measurement performed on the test object rotating around a 360
degree coil turntable plane, claborating the drift cffccts by computer, provided alrcady formatted input data for the
GANEW programme (sce typical data for TSS in Fig. 7)

The programme operates with the above input of rotational measurcment to calculate a best fit dipole as unit dipole
model in unit coordinates which contributes to the S/L modelling by vectorial superposition of the unit models in S/L
coordinates, finally to produce the Synthetic Satellite Model (sce TSS cxample in Fig, 8).

Once a representative and minimum dipole model in the Form of the number of dipoles, their position coordinates
and their moment vectors have been found, the S/L model can be used to calculate the magnetostatic field configuration
around the test object at virtually any point but no closer to the test object than the nearest measurement point. This is
possible by means of the dircct mathematical summation of the moments.

By using the cstablished analytical model, it is therefore possible to predict the relevant individual field at FGM/O
location provided by one single unit, and the integrated ficld originated unit by unit (sec Fig. 9 for TSS FU Perm phase)
for each systcm test phases of a unit magnetic characterisation. Typical representation of the GANEW programme
elaboration using the synthetic Satellite Model for TSS is sketched in Fig. 10 (plane representation) and in Fig. 11
(tridimensional representation). At the end of the system test activitics, the analytical model is validated by comparing
analysis results with respect to the test results; the final picture of the model represents the satellite configuration to be
used for in-flight data evaluation.

418



Test at Unit Level

Dedicated Magnetic Cleanliness tests have been performed on TSS-S FU units as part of the overall verification
campaign, with the objective to provide inputs for the satellite model definition for the following interested conditions:
50 GAUSS Deperm state, 5 GAUSS Perm state and Stray ficld contribution in the power-on state.

As part of the cleanliness control programme, rules for the design of magnetically clcan hardware were established
and advice given to TSS-S expcrimenters and all unit subcontrators. The unit level test campaign has been carried out in
AERITALIA Space Systems Group’s Integration arca in Turin using a mobile coil facility, provided by Technical
University of Braunshweig, in which about 41 boxes were automatically mapped through the following test phases (see
Ref. 5 for details):

e Initial state

e Initial Deperm 50 GAUSS
® Perm 5 GAUSS

e Final Deperm

Measurements were performed on cach box axis on a rotatling non-magnetic platform, at the centre of the mobile
coil facility, in which a compensating carth magnctic ficld down to about 0.1 nt is provided by using 2 vertical and 2
horizontal compensation coils.

To Perm/Deperm the unit placed at the centre of the facility as shown in Fig. 12, another 2 lateral Perm/Deperm
coils were used, and for mcasurement a 3-axial-probe was positioncd to originatc an orthogonal axes reference system
on one side of the test object. The probe x-axis pointed towards the centre of the turntable and the z-axis in the
direction of the turntable rotation axis (see Fig. 13).

Measurements were taken with the test object turned over 360 degrees by a manual angular resolver of the
turntable, and automatically taken in steps of 10 degrees for a total of 36 measurements for each test phase at the end of
magnetic field application (Fig. 7 shows the results).

To evaluate stray field contribution due to electric current, the box was powered and mcasurement taken after
performance of the Deperm ficld, with the unit in OFF and in ON condition.

Quite an important paramcter for testing is, of course, the distance between probes and test object; the distance must be
chosen reasonably in such a way that a ficld is mapped approximately on a sphere around the test object, and optimised
by means of a calibration magnet before starting the tests.

For correct test results, cvaluation was also necessary to specify and provide box Center of Gravity (CoG) geometry
w.r.t. the Unit Coordinates System (unit reference hole); the box reference hole geometry rclative to Satellite Coordinate
System .(SCS) and the CoG gcometry relative to the centre of the turntable (UCS), as input data for the GANEW
programme.

It was important to know the position of each single unit within the Satellite reference system because it was
necessary to allocate the magnetic dipole moment representative of the unit, to these positions, to define finally the
model of the S/L’s global moment. The early verification at unit level was also uscful to point out, before the system test,
some criticalities, especially for DRBD/A FU cxperiments.

In fact, interest focussed on the cleanliness investigations of these last items of the model detected that a simple
Deperm at Boom stowed, as foreseen during unit level characterisation, was not efficacious, but it was mandatory to
effect a dedicated local degaussing to estinguish some hot spots present on accessible Boom parts in Deployed
configuration only. In this way it was possible to reduce the otherwise compromised DRBD/A residual magnetic field to
the required value.

This was a classic example of positive iteration that made it possible for the system test to evaluate the corrective
solution to the problem; in fact an additional dedicated local degaussing of the DRBD/A Boom in deployed
configuration was required at the final stage to guarantce the minimum value of residual field to reduce the S/L
magnetic emission at FGM/O location.

Therefore, despite incomplete cleanliness (i.e. because of size limitation it was not possible to test structure, APM
and Harness) during S/L integration, the results shown in Fig. 8 and in Fig. 9 have been of extreme importance for the
overall cleanliness verification. The TSS-S magnetic cleanlincss programme performed at unit level can be considered
fully accomplished at this point.
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Test at System Level

On completion of the overall TSS-S FU cleanliness verification campaign, the magneltic cleanliness test at system
level was carried out at the IABG MSFA II coil facility in Munich-Ottobrunn. The test has been developed with the
objectives to simulate the S/L in orbit as much as possible to obtain reliable characterisation of the TSS-S FU magnetic
behaviour in space flight condition.

A testing of Satellite magnetic emission and susceptibility was mandatory with a complete marking of this influence
on the space magnetic environment to be explored by the TEMAG experiment; this is to realise a defined requirements
verification on a test method base in terms of: compatibility to the TEMAG environment, and validation of the system
analytical model by correlation with the system test results.

The main test objectives pursued during system test were:

* §/L characterisation of emissivity as received

S/L Deperm measurement and Stray ficld contribution in the power-on state
S/L characterisation of susceptibility as Perm state
* S/L characterisation for Induced Fields and Eddy Current effects

*
*

The system test was performed within IABG’s special Magnctic test facility (Fig. 14) with the satellite installed on a
rotating "column" of non-magnctic adaptors positioned at the centre of the coil system, with the S/L x axis aligned with
the Probes facility x axis, (measurement position).

During the test, a value of 20NT at FGM/O location was continuously monitored by 4 probes in the vicinity of two
FGMO/T and together with a set of strip-charter analog recorders.

Four 3-axial fluxgate magnetometers were used for rotational measurement: complete 360 degrees around S/L z axis
for 36 intervals of 10 degrees each one (partial mapping), and * 20 degrees around S/L z axis for 10 intervals of 5
degrecs each one (partial mapping), except the last one which equals the starting measurement (-20 degrees), w.r.t. the
S/L measurement position.

The 4 MFSA probes were placed near the FGMO/I magnetometers, 2 vertically (5 cm up and 10 cm down from
FGM/I) and 2 horizontally as near as possible to the FGM/O x plane, sec Fig. 15.

The test objective has becn reached through the following test conditions:

o Initial State - The complete 360 degree mapping in 10 degree steps of the S/L as received gives the most
important status result of the magnetic bchaviour of the TSS-S because, being moved to the ground field
environment after the test, it could be permed up as it will be during launch.

® Deperm state - The residual magnetic state of the satellite is tested alter demagnetisation provided by the
facility’s Perm/Deperm coils to get evidence of the stray magnetic field, to be kept to the minimum possible.
It should be noted that the same values could not be achieved in the different Deperm states because of physical
disorientation imparted to the magnetic parts. Magnetic effects could be increascd, however, without risking
stability.

® Perm state - The Perm shows the susceptibility of the Satcllite to external fields, like earth field (0.5 Oe),
structures, cranes, trucks, and launchers, which may show fields up to 1.5 Qe. Only S/L x axis was detected
particularly susceptible to Perm Field. Sec Run 12 Fig. 17.

e Stray - This is the only test which shows the Satellite in power-on condition. Each S/L unit will be switched on,
one after the other in the most powerful mode while TEMAG is watching. This is the only test to look for
current loops throughout the Satellite as well as possible grounding problems and interference by currents in the
structure.

The stray field test has been performed actuating equipment critical from a magnetic emission point of new as
DRBD/A boom motor and APS valves.

The contribution by test estimated at FGM/O location for stray field effects is about 1.7 nt as calculated with
lincar interpolation of data. Linear interpolation is the worst case in an approximation law representative of the
S/L magnetic field distribution in relation to the distance. In reality the S/L ficld distribution is representated by
a hyperbole law on a ratio 1 of 3, and hence the obtained results by modelling are better than with linear
interpolation.

® Temag Calibration and Induced Fields - Because the satellitc contains soft and hard magnetic material, the
ambient field (which should be measured) will be deflected if the satellite is moved into the field. Therefore the
Magnetometers measurement will show a combination of ambient ficld and azimuth dependent inductions.
This characterisation was also performed during system tests.
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e Eddy Currents - Any conductivc rotating or moving in an ambient field will cause eddy current and these will
produce a magnetic field. So any conductive skin shield should be made as thin as possible and be of high
resistance.

All conducting structural loops should be avoided. For this purpose, the test at system level has been conducted
suspending the S/L with nylon ropes and with two facility magnetometers in differential mode set-up, to detect
eddy current originated by S/L effect during a rotating magnetic fields application.

e Final Deperm - Final 50 Gauss Deperm field is mostly performed to get a Satellite as clean as possible
ready for launch.
Because the TSS-S FU will be moved, transported or stored in the earth field or in possible stronger field
environments, this test would not be representative if a dedicate magnetic cleanliness control campaign is not
conducted to ensure the required environment of no more than 1.5 Gauss of magnetic field.

On the basis of the above test objectives and conditions the following sequence was executed during the S/L
magnetic cleanliness test (see Rel. 6 for details):

* facility calibration (well-known magnet used)

* S/L as received measurement (partial mapping/mapping - RUN’s 3 and 2)

* DRBD/A deployment

* S/L sniff test and DRBD/A local degaussing

* DRBD/A retrieval

* Tnitial S/L measurement (partial mapping/mapping - RUN 7)

* First deperm

* First deperm measurement (partial mapping/mapping - RUN’s 6 and 7)

* TEMAG calibration

* Induced field

* Perm S/L on each single X,Y,Z axes at four different levels of Perm ficld - 1,2,3,5 Gauss - executing at the end of
cach field application a sniffing of the fixed Boom and a partial mapping. Mapping measurement was only
performed for the last 5 Gauss Perm ficld applications at S/L Z axis (RUN’s from 8 to 21).

* Second deperm 50 Gauss

* Measurement (partial mapping/mapping - RUN's 23 and 22)

* Stray ficld (measurement on S/L fixed position - RUN’s 24)

* Final deperm

* Measurement (partial mapping/mapping - RUN’s 26 and 27)

*

Eddy current

Sniff tests are included in most test phases to guarantee that the level of residual magnetic ficld is not disturbed by
local sources of magnetism (hot spot) that often were the most frequent causes of an increase in the S/L magnetic
contribution at FGM/O location. For example the ficld has been significantly reduced (sece RUN’s 4 and 7 of Fig. 17) by
local degaussing of some hot spot presence on the ROPE expcriment, positioned below the S/L FGM/O unit.

It is pointed out that to detect the hot spot a dedicated sniff test is needed, otherwise the usual rotational
measurement is not able to locate these local sources.

To get the best value resolution of the 20 nT verification, a range measurement has been adopted about each 5
degree around * 20 degree w.r.t. the Satellite measurement position. These data have been approximated to worst case
requirement evaluation by means of a lincar interpolation of the two probes data closed to FGM/O.

The local degaussing activity on DRBD/A boom, for hot spot extinguishing at boom deployed, decreased the value
of magnetic field from 32.5 nT to 27.1 n'T (RUN’s 3 and 6 of Fig. 17)

From data observation of partial mapping measurcment and mapping measurcment of thc same test phase, it is
possible to have an idea of how real the modelling claboration is w.r.t. to the lincar interpolation of the facility probe
data results. GANEW modelling elaboration and the facility test evaluation have revealed differences of about 2.5 nT
(sec RUN’s 4/7/29 of Fig. 17. This 10% of diflcrence between model and test results gives positive answer to the
validation of GANEW mathematical model.

With regard to the testing environment, the design goal of 20 nT has been acceptably approximed (25.9 nT, see Fig.
18) with a good degree of S/L magnetic field stability, only 1 Gauss of difference between the 1st and 3th deperm, which
is fundamental for the offset value to be subtracted from TEMAG reading performed in fMight condition.

The complete Magnetic Cleanliness campaign on TSS-S FU could be considered successfully performed at this
level. To prescrve the Satcllite Magnctic status until the launch date, only a detailed activity with interest of magnetic
cleanliness control is required, i.c. not to expose the TSS-S FU to a ficld excceding 1.5 Gauss.
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CONCLUSIONS

The Tethered Satellite Magnetic Cleanliness Verification Campaign has been successfully carried out through a
series of test activities at unit and satcllite levels involving unique test sct-ups and facilities. Those activities have been
combined with analytical evaluation using a specific programme which originated a magnetic model able to support
TEMAG flight measurements.

The Experience gained on Tethered Satellite supports possible improvements for future projects; the major
recommendations are:

e the verification campaign should be helped by a more stringent magnetic cleanliness control in terms of design
verification and magnetic cleanliness follow-on during manufacturing and integration

® a complete test campaign at unit level, including all the satellite parts as much as possible, is fundamental for
carly critical point discovery and fixing

o increasing sniff test exccutions during test at unit level will improve the knowledge of S/L hardware magnetic
propertics that is of cxtreme importance for implementation of the Magnetic Cleanliness control campaign

® an increasing of perm magnetic ficld on satellite level to values up to 10 Gauss should offer a suitable margin for
the susceptibility verification not only for the flight cnvironment but also for the ground environment

o final system test could not be recommended if the Satcllitc is not ready for launching after testing, but has to be
moved, transported or stored to earth field or a stronger field environment. In this case the final deperm should
be postponed.
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AER-TURIN 03/11/89 14:54:48
FUDEC
Test No.: 5 PERM
Rotaticon increment: 10 deg, 7Eata triplets
PHI(deq.) B iNA ¥ (nT) BZ(nT)
O > -6.3 -1.1
10 16.0 -11.7 -4.0
20 14,2 ~10.5 ~1.4
30 0.9 -6.9 0.0
40 -3.7 -4.0 -1.8
50 -6.9 ~3.4 -3.4
60 -4.,2 -2.0 -5.6
70 -17.7 3.5 -13.6
80 -12.8 4.9 -22.4
20 -12.5 5.3 -22.4
100 0.5 1.5 -7.0
110 -1.5 1.8 -3.1
120 4.0 -1.8 -5.0
130 4.7 -2.9 -4.0
140 0.5 -2.4 -2.9
150 -2.6 -3.4 -7.0
160 1.4 -7.3 -12.8
170 -1.5 -4.0 -13.6
180 0.9 -2.1 -9.0
190 6.0 -1.4 -5.2
200 2.6 0.2 -7.3
210 5.0 -2.4 -11.1
220 6.1 -2.3 -9.2
230 -3.7 1.1 -11.6
240 9.2 1.1 -5.3
250 -4.0 3.4 -9.2
260 8.9 1.2 -6.7
270 -0.2 3.2 -10.4
280 13.3 1.7 -6.1
290 6.0 3.1 ~-7.6
300 20.0 ~1.4 -6.6
310 15.3 -0.2 -2.9
320 23.8 -3.7 -4.9
330 15.9 -3.8 ~-3.5
340 21.1 ~8.4 -3.4
350 15.9 -8.4 ~-1.4
360 14,5 -10.5 -3.2
DUT-DIM. (CM): 24.90 22.60 11.20
DUI—MAS? 2GR;: 2627.0
DUTRH-S/C{CM}: -16.60 19.40 ~-44.40
DUT-ROT. §/C : 0.65 -0.65 -0.38
-0.27 0.27 -0.92
0.71 0.71 0.00
DUT-CG {cM) 0.00 0.00 5.50
DUT~RH {cm): -6.90 -10.30 0.00
DUT-LIMIT(CM): -12.6 12.3; -11.1 11.5; 0.0 11.2
DUT-ROTATION : 1.00 0.00 0.00
0.00 1.00 0.00
0.00 0.00 1.00
SENS-CT  (CM): 35.00 0.00 0.00
X-SENS. (CM): 0.00 0.00 3.00
Y-SENS. (CM): 0.00 0.00 6.20
Z-SFENS.  (CM): 0.00 0.60 10.50
OFFSET (NT): 2.98 -5.42 -4]1 .43
RES=FIELD(NI) : -728.76 16.56 38.22
O/NO NUYL (NT) 2 1B34.72 46,84 -524.14
O=-CHECK  (NT): 1843.11 46.69 -530.55

Fig. 7 - Rotational Inputs for GANEW
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MAGNETOSTATIC C INESS CO Date: 1310190
MSC41(FD)
Project ; TSS-1L
Hodel . FU
Magnetic Status: Final Deperm
Legend:
rms = Field Measurement Reconstitution Error (nT)
| = Global Dipole Moment (Gem3)
FGMI = Field at FCMI Location (-126.70 1.90 22.50 cm) (nT)
FGMO = Field at FGMO Location (-177.80 1.90 20.00 cm) (nT)
mod = Module of Vector (nT)
1 - x-Component of Vector (S/C Coordinates)
2 = y-Component of Vector (S/C Coordinates)
3 = z-Component of Vector (S/C Coordinates)
($pacecraft fields are vector sums of unit fields)
Unit Spacecraft
Unit Run rms M FGMI FGMO FGM1 FGMO
FUPCDA FINAL DEPERM 7 5. 61.5 1.89 0.82 1.89 0.82
9.5 -1.65 -0.54 -1.65 -0.54
-38.8 0.44 0.35 0.44 0.35
46 .8 -0.82 -0.51 -0.82 -0.51
FUPPDA FINAL DEPERM 5 4, 72.1 4,29 1.80 2.65 1.32
65.8 4.10 1.76 2.46 1.22
-5.3 -1.25 -0.37 -0.81 -0.02
28.8 0.24 0.02 -0.58 -0.49
3| FUWRA FINAL DEPFRM 7 3. 7.7 0.13 0.06 2.67 1.31
1.6 0.03 0.02 2.49 1.23
2.2 -0.04 -0.02 -0.85 -0.04
-7.2 0.11 0.06 -0.46 -0.44
4| FUDPCE FINAL DEPERM12 3. 12.8 0.75 0.31 2.40 1.21
-9.4 -0.17 -0.15 2.32 1.08
-8.2 0.72 0.27 -0.14 0.23
2.8 -0.13 -0.05 -0.60 -0.49

Fig. 8 - Elaboration of Synthetic Satellite Model
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Coordinate systen =

To obtain Spacecraft coordinates change &

ign of Bx and By

Only Probag 3 and 4 usod (probes adjacent to FGMO)
= Rotational Messurements )60 deg,
= Rotational Scan plus minus 20 deg, stap=5 deg

Rot
Scan
1i

= Linear Interpolation between Piecld Messurcmen

Model = Optimal Multiple Dipole Model

step=10 deg

ts of Probes 3 and 4

Field at FGMO location
IABG TSS Magnetic Mode | Data (nT)
State Source Bx By Bz B
Run 2 As Received 1 Rot Model 2 -25.8 12.) 5.2 29.1
before local
deperwn Data 1i -29.4 12.7 4.2 32.3
Run 3 | As Recsived 1 sScan | Data 1i | -29.6 12.8 4.1 32.5
Run 4 As Received 2 Rot Model 4 -25.8 12.3 4.8 20.9
atter local
depern Rot Data 1i -29.6 11.2 1.6 31.7
Run 6 Deperm 1 Scan | Data 14 -24.7 9.9 5.3 27.1
Run 7 Deperm 1 Rot Model 7 -22.1 10.0 5.2 24.8
agter Rope &xp.
cleaned Rot Data 1i -24.7 9.9 5.3 27.1
Run 8 Perm X 1 Gauss| Scan Data li -27.1 9.7 4.9 29.2
Run 9 | Perm X 2 Gauss| Scan | Data 1i | -27.7 10.2 5.1 29.9
Run 11| Perm X 3 Gauss| Scan | Data 11 | -28.8 9.7 4.7 30.8
‘Run 12| Perm X S Gauss, Scan pata 1i -32.6 9.2 4.1 34.1
Perm X Susc. SG Calcul. ~7.9 -0.7 -1.2 8.0
Run 13| Perm Y 1 Gauss| Scan | Data 11 -29.% 11.2 4.0 31.9
Run 14| Perm Y 2 Gauss| Scan Data i -29.1 11.9%5 4.6 31.6
Run 15| Pcrm Y 3 Gauss| Scan Data 1i -27.6 12.2 4.2 30.5
Run 16| Perm Y S Gauss| Scan pata 14 -25.6 14.9 4.5 29.9
Perm Y Susc. 5G calcul. ~0.9 5.0 -0.8 5.1
Run 17| Porm Z 1 Geussi Scan | Data 1i | -25.7 1 1.2 4.6 29.3
Run 18| Perm Z 2 Gauss: Scan | Data 1i | -24.9 12.6 6.0 28.5
Run 19| Perm Z 3 Gauss| Scan pata 1i -24.9 12.2 5.7 28.5%
Run 20| Perm Z 5 Gauss| 3can pata 114 -25.9 11.3 8.8 29.6
Perm 2 Susc. 5G calcul. -1.2 1.4 3.5 4.0
Run 21| Perm Z 5 Gauss| Rot Model 21f =23.7 11.2 7.2 27.2
Rot ~Data 11 -25.6 11.3 8.9 29.3
Run 22| Deperm 2 Rot Model 22] -22.2 9.2 5.7 24,7
Rot Data 1i -25.1 12.2 8.0 29.0
Run zi Deperm 2 Scan Data 1i -25.0 12.1 B.J 29.0
Run 24| Stray alone Scan pata 11 -0.7 -1.5 0.0 1.7
Deperm 2 + Sray Calcul., -25.7 10.6 8.3 29.0
Run 26} Deperm 3 Scan Data 1li -22.1 17.0 3.0 28.0
Run 27| Deperm 3 Rot Model 27| -20.% 13.2 4.8 25.2
Rot Data 1i -22.2 16.7 2.8 27.9
Run 29| Deperm 4 Rot Model 29| -22.0 12.8 4.8 25.9
ITZ;::EOHGGY Rot pata 11 -23.3 16.6 3.8 28.8
Run 30| Deperm 4 Scan pata 1i -23.2 16.4 3.5 28.7

Fig. 17 - TSS-S FU Magnetic Cleanliness Test Resuits
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A Flight Experiment to Determine GPS Photochemical
Contamination Accumulation Rates

A. C. Tribble and J. W. Haffner ) e )
Rockwell International P

ABSTRACT

It has recently been suggested that photochemically deposited
contamination, originating from volatiles outgassed by the spacecraft itself, may be
responsible for the anomalous degradation in power scen on the GPS Block 1
vehicles. In an attempt to confirm, or deny, the photochemical deposition rates
predicted, a study was undertaken to design a flight cxperiment to be incorporated
on the GPS vehicles currently in production. The objective of this study was 10
develop an inexpensive, light-weight instrument package that would give
information on the contamination levels within a few months of launch. Three
types of apparatus were investigated, Quartz Crystal Microbalances (QCM's),
modified solar cells, and calorimeters. A calorimeter was selected due primarily to
its the impact on the production schedule of the GPS vehicles. An analysis of the
sensitivity of the final design will be compared to the predicted contamination
accumulation rates in order to determine how long after launch it will take the
experiment to show the effects of photochemical contamination.

SYMBOLS
Q"L - heat loss due to thermal coupling
RA) . spectral reflectance
S - incident heat flux (W/m2)
- temperature (K)
X - thickness of contaminants (m)
Qs - solar absorptance of a clcan material
0s(X) . solar absorptance of a contaminated material

ad) . spectral absorptance (of an optical solar reflector)

oc(d) - spectral absorptance of contaminant layer

£ - emissivity

D) . solar flux

c - Boltzmann's constant
A - wavelength (m)
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INTRODUCTION

An analysis of the molecular outgassing rates from the GPS vehicles, Figurc
1, determined that there was a sufficient amount of matter being emitted by the
spacecraft that if a small fraction of matter which impinged upon the solar panels
were to stick this could account for the degradation in power production observed
on the GPS Block I vehicles, Tribble and Haffner, [1]. It was proposed by Stewart
et. al, [2], that a photochemical reaction initiated by the solar UV could be the
mechanism responsible for fixing the contamination onto the solar panels as
similar phenomena are known to occur in the laboratory, [3-5]. Subsequent to the
investigation of the GPS Block I contamination similar calculations were performed
for the GPS Block II vehicles currently being launched and it was found that there
should be a noticeable degradation in power, attributed to photochemical
contamination, on GPS Block II vehicles 13 - 21. GPS Block II vehicles 22 - 40
should be relatively immunc to this contamination as EMI seals employed on these
vehicles have effectively eliminated the outgassing paths from the vehicle to the
solar panels. The objective of this study is to develop a design for a flight
experiment, which could be included on one of the early GPS Block II vehicles, that
could confirm, or deny, the accuracy of the predicted photochemical contamination
accumulation rates.

The most obvious location for an experiment designed to measure the
degradation of the solar panel output is on the solar panels themselves. Tribble
and Haffner, [1], were able to predict the impact rate and accumulation rate of
contaminants for various locations on the GPS Block 1l solar panels. Conscquently,
by placing a monitor in an arca where high accumulation is expected and
comparing it with a monitor in an area where little accumulation is cxpected any
difference in readings should be attributable to contamination as the radiation
environments for each monitor would be identical. A major concern in the
development of a flight experiment is that any recommended design be able to be
implemented on a production vehicle with a minimum of integration problems
and/or scheduling delays. As was previously mentioned vehicles 22 - 40 have
EMI closeouts which reduce the outgassing onto the arrays, consequently vehicles
13 - 21 are the best candidates for a contamination experiment, with GPS 15
currently offering the most lead time. A major constraint is that a workable
design must be one that can be agreed upon, procured, and implemented into the
acceptance test flow without delaying the processing of the vehicle. (As a check
upon the effectiveness of the EMI seals on vehicles 22 - 40 the contamination
experiment could also be flown on a later vehicle, but these launches are far
enough into the future that time is not yet a significant factor.)

The sections that follow discuss some of the possible experimental methods
that could be used to obtain data on the contamination levels and the problems
involved in integrating these experiments into a production vehicle. It will be
shown that a calorimeter, utilizing optical solar reflector's (OSR's) backed with
thermistors, could be developed in time for inclusion on GPS 15. This experiment
would have the advantage of requiring minimal qualification testing as it is
essentially identical to one previously flown on GPS S and 6.

SPACECRAFT INTEGRATION REQUIREMENTS

GPS 15 is tenatively scheduled for launch in February of 1991. As the
spacecraft systems are all intact maintaining this launch schedule implies that
there can be no significant rewiring or telemetry changes. Since the most
favorable location for the experiment is on the solar panels themselves the
experiment must be light-weight and small enough that it not interfere with the
stowing or deployment of the panels, or affect the balance of the vehicle. There is

436



also the problem of bringing the data from the solar panels to the body of the
spacecraft.

All of the electronic leads to/from the solar panels are via slip rings on the
solar array booms. Bypassing the slip rings and hardwiring an experiment directly
into the body of the vehicle could conceivably cause interference with the
deployment or normal operations of the panel. Also, during eclipse conditions the
wiring could become so stiff that the torque supplied by the solar array drive
would be unable to rotate the panels. Obviously, this is unacceptable, so the
experiment is confined to the use of the slip rings.

GPS 15 currently has two spare slip rings per boom. The remainder of the
slip rings are used for power or data transmission into the spacecraft. There are a
number of thermistors located on the GPS solar panels which are used to record
the temperature of the panels during orbital insertion or to verify the deployment
of the panels,. Data from the first 5 GPS Block II launches indicate that there is no
problem with overheating of the panels during orbital insertion.  Consequently,
slip rings currently allocated to one thermistor (per boom) could be reallocated to
a flight experiment leaving at most four available slip rings per boom.

REVIEW OF AVAILABLE EQUIPMENT

A review of the experimental equipment that is currently available on the
market for use in determining contamination levels revealed three possible
alternatives:  Quartz Crystal Microbalance's (QCM’s), modified solar cells, and
calorimeters. Each of these alternatives is discussed individually in the
subsections that follow, with particular attention being paid to the data that each
experiment would yield and its ease of integration into the current spacecraft.

Quartz Crystal Microbalances

A QCM consists of 2 piezoelectric crystals which resonate at known
frequencies. One crystal is exposed to the environment and as mass accumulates
on its surface its resonant frequency is lowered in a predictable manner. By
comparing the beat frequency between an exposed crystal and a shielded crystal
one is able to determine the accumulated mass/unit area. The tempecratures of the
crystals, which are identical, may be controlled externally or allowed to float with
the environment in order to eliminate, or measure, the effect of temperature on
mass accumulation.

As QCM's are able to measure mass accumulation directly they have secen
extensive use on spacecraft contamination monitoring programs, Wallace, [6,7],
Hall, [8]. Unfortunately, QCM's require more supporting electronics than can be
accomodated by the 4 available slip rings.* Consequently, QCM's were dropped
from consideration as they did not meet the criteria for easy, quick integration into
the spacecraft.

It should be noted that even though QCM's will directly measure the
amount of mass collected, they yield no information about the transparency of the
material. Since a very thin layer of a highly absorptive material may have the
same effect on a solar cell as a thick layer of a more transparent material QCM's
would not yield a complete analysis of the solar panel contamination.

Modified Solar Cells

As it was the degradation of power of the GPS Block I solar panels that was

—

*QCM Research, Laguna Beach, CA.

437



the first indication of a possible outgassing problem it would seem logical to devise
an experiment that would measure the effects of contamination on solar cells
directly. A typical solar cell is construcied by combining about 0.2 microns of an
n-type silicon, (i.e., a type of silicon where there is an abundance of clectrons in
the conduction band, which can be obtained by doping silicon with phosphorous),
with about 200 microns of a p-type silicon, (a type of silicon having a depletion of
conduction electrons, which can be obtained by doping silicon with boron), Tada et.
al, [9]. As a result of the different properties of the two silicons, electrons from the
n layer will diffuse into the p layer and an electric field will be produced, typically
within 1 - 5 microns of the junction. As photons enter the n layer they will
undergo collisions with atomic electrons and, as a result, boost more electrons into
the conduction band. Blue light of wavelength 0.35 microns is 99% absorbed
within 0.2 microns of the surface, whercas red light of wavelength 0.94 microns
travels 200 microns before being 99% absorbed. As the electrons are liberated
within thc silicon the electric field in the vicinity of the junction will accelerate
clectrons tcward the iront surface. By placing electrical contacts on the front and
recar surface « f the n-p cells the electrons can be drawn off as a current and used
as a power scurce. (The voltage at which the current is supplied is related to the
strength of the electric field at the n-p junction.)

Obviously solar cells, like everything eclse, will not be 100% ecfficient at
converting the light to electrical power. When an electron undergoes a collision
with a photon and receives enough energy to escape the pull of the atomic nucleus,
the atom will be left with a net positive charge. As the liberated clectron moves
through the cell it will only be a matter of time before it passes too close to an
atom which is missing an electron and is recaptured. The time that an electron is
typically able to move through the cell is called the lifetime, T (s), which is defined
as the time before 1/c of the electrons are recaptured. During their lifetime the
electrons are able to travel a distance called the diffusion length, L (m), where L =
YD1, D (m2/s) being the characteristic diffusion coefficient for the silicon material.
Typically, diffusion lengths are on the order of 200 microns. Consequently, an n-p
solar cell is much more efficient at converting blue light to electricity than red
light, as the electrons produced by the red light must travel a distance on the
order of the diffusion length, and are much more likely to recombine with an atom,
before reaching the junction.

Similarly, it is seen that radiation, which decreases the diffusion length by
creating atomic displacements, site defects, etc., would chiefly reduce the cells
ability to convert red light to electricity by further limiting the fraction of 'red’
clectrons that are able to reach the junction, this is illustrated in Figure 2.
Conversely, contamination mainly affects a cells ability to convert blue light to
electricity, see Figure 3, by absorbing the blue light before it reaches the cell.
Consequently, it would be straightforward to develop two groups of 'modified solar
cells' to help determine the effects of contamination on the GPS solar panels. One
group of such cells would be designed to be sensitive to bluc light, by being
thinner than usual so as to allow fewer red light photons to liberate electrons. The
second group of cells would be designed to be sensitive to red light, by placing the
p-type silicon towards the sun as opposed to the n-type, i.e. a p-n type solar cell.
Since the majority of the conduction electrons produced by blue light originate
within 0.2 microns of the surface the 'bluc' electrons would then have a harder
time reaching the junction, 200 microns away. By flying groups of the special cells
on the GPS solar panels a reduction in power of the 'blue sensitive' cells would
indicate a degradation due to contamination, while a loss of power from the 'red
sensitive’ cells would indicate radiation damage.

The advantage of this type of experiment is that the special cells could be

used to supply extra power for the vchicle. Unfortunately, for the disadvantages
outweight the advantages. Due to the slow buildup of contaminants predicted on
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the GPS solar panels it appears as though it would take more than onc year for the
'blue sensitive' cells to show the cffects of contamination once on-orbit, much
longer than is desired. Also, more than one year would be required to
manufacture and test the special cells.* In addition, the special cells would require
significant rewiring and telemetry changes 1o the spacecraft which again implies
that it would be impossible to implement on GPS 15. Consequently, this concept
was not pursued further.

Calorimeters

A material that is in thermal cquilibrium with its surroundings will absorb
and re-radiate heat according to the rclation

aS =ecT? (1)

For materials carried into space, the incident hcat flux will be supplicd by the sun
and the absorptance is given by

ot = | @AY/ | DY, (2)

If a clean material becomes contaminated with a thin layer of contaminants
its absorptance is changed according to the relation

[[1-RQexp20-Mx|OA)IA
fomdr

os(x) =
, (3)
0c(A) has been measured experimentally for typical spacccraft contaminants, Hall,

[10], and references therein, therefore knowing R(?\.) will allow us to compute a(x).

The change in absorptivity is rclated to the measured temperature change
by the relation

Aoy = 40T AT + ST & AT

S S JaT . (4)
For high emissivity materials, such as fused silica, the emissivity will be
insensitive to both temperature changes and the presence of a thin contaminant
layer. Consequently, the last term may be neglected. Therefore, we see that a
change in temperature of a sample, can be related dircctly to the thickness of
contaminants,

AT:"_S"— s\X) - g
4e0T (6560 a]. (5)

Experimental apparatus based on this techinque are referred to as
calorimeters. A number of them have been flown as one method of determining
contamination levels, Hall and Fote, [11], and Hall, [8]. Of particular interest
however, is the calorimeter experiment flown on GPS vehicles 5 and 6, Pence and
Grant, [12]. These instruments consisted of thermal control coatings over an
aluminum substrate which was thermally isolated from the rest of the vehicle, see
Figure 4. A thermistor on the underside of the aluminum substrate was used 1o
infer the temperature of the thermal control coatings.

*Spectrolab, Sylmar, CA.
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A simplistic design such as this, if properly calibrated, is capable of yielding
information on the thickness of contaminants on the GPS solar panels. This design
has the advantage of being previously space-qualified and flown, relatively quick
and inexpensive 10 procure and assemble, and requires only 2 electrical leads per
calorimeter. Consequently, this design was selected as the leading candidate.

RECOMMENDED DESIGN AND CALIBRATION TECHNIQUES

The calorimeters flown on GPS vehicles 5 and 6 are small, the inner sample
itself measures 2.06" square and the outer holder measures 3.4" square, light-
weight, 0.45 1bs each, and require only two electrical leads per calorimeter. It
should be possible to include four of them, two per boom, on GPS 15. However,
since time is a major constraint it would be quicker to install only one calorimeter
per boom. In order to obtain the maximum amount of information in the smallest
time the calorimeters could be placed on the solar array boom, one inboard and
one outboard. This configuration would not offer redundancy in the case of failure
of one of the calorimeters but would have the advantage of requiring no wiring
changes.  The redundant thermistors would simply be disconnected and the
calorimeters would then be spliced into the existing wiring in a minimal amount of
time. The resulting data should indicate changes in the temperatures, and thus the
absorptances, of the inboard calorimeter within a few months. Since the outboard
calorimeter would be subjected to an identical radiation environment, ignoring any
shiclding effects from the GPS vehicle itself, which are expected to be minimal, any
differences in the absorptance of the inboard and outboard samples will be due
entircly to contamination. GPS structures personnel have analyzed the effect of
placing these calorimeters on the solar panel booms and have found it to be within
tolerances.  Consequently, once the authority to proceed has been given, the
fabrication and testing of the calorimeter could be accomplished in parallel to the
acceptance test flow for GPS 15. A brief discussion of the calibration of the
calorimeters is warranted in order to understand the sensitivities of the
experiment and the exact timescale that would be needed to obtain meaningful
data on the contamination deposition rates.

As discussed by Brosmer et. al, [13], in all realistic applications there will be
a heat leak, from the boundary to the thermally isolated substrate, affecting the
thermal performance of the calorimeter. Consequently, the change in absorptance
is more appropriately given by

o = (eoT* +Q'L)/S (6)

where Q"L is the heat loss due to thermal coupling. The relative uncertainty of the
absorptance is given by

Aas _ (Aefe) + (4AT/T) | AQLRQL As
ot 1+Q'L/eoT*  1+eoTYQL S (7)

Thus, the uncertainty in o5 depends on the uncertainty associated with
measurements of €,7T,S, and Q.

As was previously mentioned, the change in emissivity of fused silica, due
to a thin contaminant layer or temperature changes, is negligible. Brosmer et. al
list the maximum uncertainty at 1.3%. The incident solar flux, S, can be measured
to within 0.2%, Willson, [14], with daily fluctuations rarely exceeding 0.1%. The
uncertainty in temperature is dependent upon the noise level associated with the
slip rings and the calibration of the thermistor. This uncertainty is estimated at

about 5.0% over a 1709 C temperature range.* This can be greatly improved upon,
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to about 1.0% or less, by confining the measurements of temperature to a smaller
range. This will be the case with the calorimeters as variations in T during periods
of solar illumination should be small. The final source of error is associated with

the measurement of the heat loss term, QL The absolute value of Q"L will have to
be estimated during calibration tests, Brosmer ect. al, [13], and is typically the
largest source of error, being perhaps as large as 5.0%.

A few words are in order, concerning the values of O that we expect to
measure on GPS 15. The inboard and outboard calorimeters are predicted 1o
accumulate contaminant levels of 144 A and 72 A, respectively, at the end of 30

days. This would increase the value of O from 0.060, for a clean surface, to about
0.068, (0.064), for the inboard, (outboard), calorimeter. (A more realistic value for
the beginning of life absorptance would probably be 0.080, which would result in
end of life values of about 0.090 and 0.085, respectively, for the inboard and
outboard calorimeters.) As this increase, (13.3% and 6.6%, respectively), is well
within the accuracy we predict for our calorimeter, we would expect to see
measureable changes in O within 30 days of arriving on orbit. This has been
confirmed by the operation of the calorimeters on GPS 5 and 6.

SUMMARY AND CONCLUSIONS

This report has examined a number of potential experiments that could be
included on the GPS 15 vehicle in an attempt to directly measure the on-orbit
accumulation of contaminants. It was determined that an experiment consisting of
2 calorimeters, based on the GPS Block I design, could yield the desired
information and, at the same time, minimize the impact to the vehicles acceptance
test flow schedule. The experiment should indicate the effects of the
contamination within a few months of launch and would be an important in situ
test of a topic that is currently the focus of intensive research efforts throughout
the aerospace industry.

Unfortunately, as of 1 June 1990, authority to proceed with the installation
of calorimeters on GPS vehicles 15 was still pending. Not enough time remains
before the launch of GPS 15 to complete installation of a calorimeter on this
vehicle. It may still be possible to proceed with a calorimeter experiment on a
later GPS vehicle, however this decision has yet to be made.

*Herdt, B., Rockwell International, GPS Engineering, personal communication.
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Figure 2. The Response of a Typical Solar Cell Subjected to Increased Radiation
Fluences. (The units on @ are equivalent 1 MeV electrons.)
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Figure 3. The Effect of Contamination Upon Light Transmission.
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Figure 4. The Proposed Calorimeter Design.
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ABSTRACT

Future NASA space missions include the possibility of manned landings and
exploration of Mars. Environmental and operational constraints unique to Mars must
be considered when selecting and designing the power system to be used on the Mars
surface.

This paper describes a technique which has been developed to simulate the depo-
sition of dust on surfaces. Three kinds of dust materials were evaluated: aluminum
oxide, basalt, and iron oxide. The apparatus was designed using the Stokes and

Stokes-Cunningham law for particle fallout, with additional consideration given to
particle size and shape.

Characterization of the resulting dust films on silicon dioxide, polytetraflu-
orocethylene, indium tin oxide, diamondlike carbon, and other surfaces are discussed
based on optical transmittance measurements. The results of these experiments will
guide future studies which will consider processes to remove the dust from surfaces
under Martian environmental conditions.

INTRODUCTION

In the forseeable future, a manned mission will land on the surface of Mars.
Environmental and operational constraints unique to Mars need to be considered when
selecting and designing the power system to be used on the Martian surface.

The natural environmental characteristics of Mars, such as dust, ultraviolet
radiation, winds, temperature variations, atmospheric condensates and/or syner-—
gistic combinations of these, may pose a threat to the power systems established
on the Martian surface. Most of the current information on the characteristics of
the Martian atmosphere and soil composition was obtained from the Viking 1 and 2
missions in 1976. The Viking landers found that the Martian atmosphere is com-
posed of COo (95.5 percent), N (2.7 percent), Ar (1.6 percent), Og (0.15 percent),
and CO (0.07 percent) (ref. 1).

The Martian atmosphere contains suspended dust particles which result from many

local and global dust storms that occur each year. The information obtained from
the Mariner 9 and the Vikings missions suggest that the dust is a mixture of many
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materials such as granite, basalt, basaltic glass, obsidian, quartz, andesite, or
montmorillonite. Viking Landers' results also suggest the presence of highly oxi-
dizing species (ref. 2).

Space power system components such as photovoltaic arrays, radiators, and solar
concentrators are vulnerable to degradation in the Martian environment. Accumula-
tion of dust particles may reduce the transmittance of photovoltaic arrays or reduce
the thermal emittance of radiators thus permanently degrading their performance.
Abrasion of power surfaces could also result from dust blown by the wind.

This paper describes a technique which has been developed to simulate the depo-
sition of dust on surfaces on Mars. Characterization of the resulting dust films on
various surfaces will also be discussed. The results of these experiments will
guide future studies which will consider processes to remove the dust from surfaces
under Martian conditions.

The authors would like to thank Bruce Banks, Chief of the Electro-Physics
Branch at NASA Lewis Research Center for his constructive criticism and suggestions
in the design and fabrication of the dust box and Kim De Groh for helping with the
SEM pictures. Appreciation is also expressed to Robert Martineau from the Mate-—
rials Divison at NASA Lewis Research Center for providing the particle size analyses
of all our dust material.

APPROACH
Materials

The observations made by the Viking lander imaging cameras on Mars were used to
estimate dust particle size and composition. The fine-grained material in the atmo-
sphere is considerably less than 100 um in diameter. Three different dust composi-
tion materials were considered in this simulation. The first dust was 1800 grit
optical grinding material from American Optical Company. The particle size ranged
from 0.1 to 25 um with a particle size distribution as shown in figure 1, The com-
position is principally aluminum oxide powder (89 percent), with significant amount
of silicon dioxide (6.6 percent) and titanium dioxide (3 percent), and small amounts
of iron (III) oxide (0.6 percent) and chromium (III) oxide (0.6 percent). The part-
icles have a density of 3.67 g/cm3. The sample materials dusted included candidate
materials for photovoltaic arrays and radiators. The photovolataic arrays samples
were 1 in. (2.54 cm) square, 5 mil (0.13 mm) thick coverslips left bare or coated
with silicon dioxide (Si03), polytetrafluorcethane (PTFE), 50 percent Si0o - PTFE,
indium tin oxide (ITO), or diamond-like carbon (DLC). The radiator samples used
were 1 in. (2.54 cm) diameter discs of carbon-carbon composite, pyrolytic graphite,
or arc-textured copper.

The second type of dust was a basalt (trap rock) with the following composition
(percent by weight): Si0O» (46.6), Al903 (16.6), Feq03 (13.0), Ca0 (11.1), MnO
(0.3), Mg0 (6.1), Noy0 (2.3), K90 (1.1), TiOp (2.0), CO9 (0.1), and P05 (0.1).
Glass coverslips were dusted with the trap rock of 3.0 g/cm3. The particle size
distribution of this material is shown in figure 2.

Iron oxide (Fe03) particles (2.83 g/cm3) were the third dust type deposited
on glass coverslips. Figure 3 presents the particle size distribution of these

particles.
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METHOD

The forces of a particle falling through air are primarily those of weight in
the direction of motion and the aerodynamic drag opposition. Figure &4 illustrates
the forces acting on a spherical particle. The general solution of the equation in
terms of the terminal velocity (Vi) is:

2
ng(pE - pg) (1)
Ve = 18 u

where g is gravity, d, is particle diameter, u is viscosity of fluid, and pp,spg
are density of the particle and fluid, respectively.

This expression is known as Stokes' law. This equation is quite accurate for
spherical particles of diameters <50 um; for particles <5 um in diameter, a multi-
plicative correction factor (ref. 3), K., is often applied given by:

) 0.55 d
K, =1+ 5|1.257 + 0.40 exp| - —~—i——9 (2)

P

here X\ is the mean free path of the molecules in the gas phase defined by:

A= —B
0.499 uo

where up is the mean molecular speed, M is the viscosity of the gas, and p is
the gas density. Using the kinetic theory of gas uy is defined by:

1/2
8 RT
w = Cot 3

where M 1is the molar mass or molecular weight of the gas. This correction factor
is used because the mean free path of the gas molecules in the atmosphere approaches
the particle diameter for particles smaller than 5 um in diameter. These small par-
ticles tend to slip past the gas molecules causing the terminal velocity to become
greater than that predicted by Stokes' law. The relation used for these small par-
ticles is known as the Stokes-Cunningham law:

vc = Kth (4)

The above equations were used to determine an approximate and reasonable height for
the design and fabrication of a box to be used for the deposition of dust on sample
surfaces. Figure 5 shows the terminal velocity of particles in atmospheric air at
room temperature. A height of 0.7 m was selected, and the falling time for differ-
ent particle sizes was calculated. Figure 6 shows the falling time for different
particle sizes at the height of 0.7 m.

The dust particles were elevated by an air pulse blowing downward on the dust
material. In order to reduce the aggregation of particles due to moisture, a mois-
ture trap was inserted in the air line. The dust box was constructed of stainless
steel (fig. 7) and consists of a square pyramidal recirculating chamber, a dusting
chamber, a tray for samples, transparent windows, and the air lines. The purpose
of the conical shape is to ensure the collection and distribution of the dust in a
more uniform and efficient manner. In designing the recirculating chamber, careful
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attention was given to the selection of the required angle to overcome the friction
so the particles would slide and be collected at the bottom of the box. Theoretical
and experimental calculations showed that the required angle should be >40° and
<90°, so based on these results the cone box angle selected was 64°. The transpar-
ent closed windows at opposite sides of the dust box were used to measure optical
transmittance of the dust through the box.

Optical transmittance measurements were made using a transmittance measurement
device (TMD). The TMD is made up of a white light source and a sensing head of a
Coherent Model 212 Power Meter. Absolute transmittance measurements were converted
into percent transmittance measurements. Measurements were made of the occlusion of
light through the windows of the dust box at the beginning of each dusting simula-
tion and of the samples before and after dusting.

The samples were mounted in specially designed sample holders (fig. 8), which
tilt at different angles, 0°, 22.5°, 45°, 67.5°, or 90° from the floor. All the
sample holders were held horizontally and subject to a dusting which simulates the
aftermath of a dust storm.

The sample tray was inserted into the dusting chamber 30 sec after the dust was
elevated to avoid collecting particles >20 um (fig. 6).

RESULTS AND DISCUSSION

There are several factors which will effect the dusting process including par-
ticle size, particle shape, surface chemistry, amount of dust, and time. The par-
ticle sizes utilized in the dusting process were the ones which expected to become
suspended during a global or local dust storm, but when normal weather conditions
return, will settle out. It is important to note that Stokes-Cunningham fallout is
probably not the dominant mechanism leading to dust storm clearing at Mars. Parti-
cles between 1 to 10 um suspended in the Martian atmosphere are more likely suppor-
ted by turbulence with an eddy diffusion coefficient and do not experience the
Stokes-Cunningham fallout (ref. 4). It is thought that these particles are mixed
into the surface boundary layer where they impact the surface and fallout.

Examination of our experimental particles using the scanning electron micro-
scope (SEM), showed a nonspherical shape (fig. 9). Evidence suggests that dust
particles on Mars are also nonspherical (ref. 5), which makes our powder dust
appropiate for the expected size and shape of the Martian dust. The chemistry of
our dust, however, is not expected to be similar to Martian dust (ref. 4). The
settling time of about 8 min for Alj03 was selected in order to collect different
particle sizes and also to reduce the transmittance of the samples. The settling
time of 8 min for trap rock or iron oxide was not enough to get the same occlusion
of light obtained for aluminum oxide dusted samples. Two settling runs were needed
to obtain similar occlusion for samples dusted with trap rock and several runs were
needed for the ones dusted with the iron oxide.

The samples were weighed before and after dusting, however, the weight of the
dust added to the surface was below the sensitivity of the balance used (+0.1 mg).
Examination of the dusted samples using SEM analysis showed a very evenly distrib-
uted dust layer and some particle aggregation (fig. 10).
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The uniformity of the dust deposited on the samples as function of the number
of sequential dust elevation and depositions (dusting runs) are shown in figures 11
and 12. The transmittance of the samples after being dusted (Tq) divided by the
initial transmittance (Ty) was used to characterize uniformity of the samples. The
uniformity of dust deposition by materials (photovoltaic candidate materials), is
shown in figure 12. A variety of transmittance values were obtained for each sam-
ple batch. Several factors, such as amount of dusting material in the dust box
(initially 150 g were deposited in the box), type of dust, time of inserting the
samples, and duration of dust deposition in the box (which is directly related to
particle size collected) could account for the differences in transmittance.

CONCLUSIONS

The technique developed to dust samples was successfully tested. The process
was applied to candidate materials to be tested at MARSWIT for aeolian study. It
was found that dust is uniformly distributed over the samples, however the trans-
mittance values of the samples shows different values for different runs. This
difference is probably related to the fact that the amount of dust (grams) changes
slightly after each run. Additional material was added after each run to compensate
for the lost dust. Increases in transmittance loss might be related to the increase
in dust material and reduction could indicate loss of material inside the box when
compared occlusion by the same type of dust material. Also, exposure times are cri-
tically related to the particle sizes collected and consequently the light occlusion
obtained as is the case for iron oxide particles.
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Figure 9. Scanning Electron Microscopy (SEM) Showing Particle Shape
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Figure 10. Scanning Electron Microscopy (SEM) of Dusted Samples
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MECHANISMS THERMAL VACUUM TEST
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Martin Marietta Astronautics Group
ABSTRACT:

Martin Marietta recently conducted a systems level mechanisms test on the
Orbital Sciences Corporation's (0SC) Transfer Orbit Stage (TOS). The TOS is a
unique partially reusable transfer vehicle which will boost a satellite into its
operational orbit from the Space Shuttle's cargo bay. The mechanical cradle and
tilt assemblies will return to earth with the Space Shuttle while the Solid Rocket
Motor (SRM) and avionics packages are expended.

A mechanisms test was performed on the forward cradle and aft tilting
assemblies of the TOS under thermal vacuum conditions. Actuating these assemblies
under a 1 g environment and thermal vacuum conditions proved to be a complex task.
Pneumatic test fixturing was used to 1lift the forward cradle, and tilt the solid
rocket motor (SRM) and avionics package. Clinometers, linear voltage displacement
transducers (LVDT), and load cells were used in the thermal vacuum chamber to
measure the performance and characteristics of the TOS mechanism assembly.

Incorporation of the instrumentation and pneumatic system into the test setup
was not routine since pneumatic actuation of flight hardware had not been
previously performed in our facility. This paper presents the methods used and the
problems experienced during the design, setup and test phases of the TOS mechanisms
thermal vacuum test.

INTRODUCTION:

The TOS system uses mechanical actuators to open a forward cradle and tilt the aft
assembly which holds a satellite and TOS SRM and avionics package (figure #1).
Tests were conducted on the TOS system at ambient temperature and pressure
conditions, and worst case cold at vacuum. The TOS Mechanisms test had five
primary objectives:

1.) Measure the rotational resistance of the forward cradle hinge and the
aft cradle trunnions due to:

a. manufacturing tolerances

b. worst case cold temperatures (-65°F)

c. locked aft trunnion pins

d. stiffness of ASE/orbiter wire harness

2.) Demonstration of complete latch operation of the forward cardle including
the proper operation of system indicators. This also encompassed testing for
the latch grab envelope for the system which demonstrated stow capabilities
during a possible abort situation.

3.) Demonstrate overall system functionality, including MLI and structural
interferences during system operation.

4.) Verification of system indicators and microswitch operationi.e., aft
cradle tilt up, aft cradle full down, and forward cradle down indicators.

457

O-.



5.) Comparison of operation between ambient and worst case cold temperature
conditions.

To accomplish these objectives a unique test setup was needed with a number of
complex fixtures and special instrumentation.

TEST FIXTURING:

The test fixturing included:

1.) Two Pneumatic actuators in heated enclosures, mounted on an overhead
structure and attached to the chamber 1id hardpoints.

2.) Valve bank control assembly for the operation of the pneumatic actuators.

3.) Test support structure in which the vehicle was mounted horizontally
(x-axis) by its forward and aft trunnions. This structure mounted to the
chamber floor hardpoints, with allowances for thermal expansion and
contraction.

L.) Heated enclosures for test instrumentation and test tools, such as the
thrust vector control test tool (TVC), pneumatic actuators, trunnions, load
cells, LVDTs, and clinometers.

5.) Aft trunnion locking fixtures were built to hold the aft trunnion
bearings in place so the secondary rotation of the aft assembly could be
proven and the resistance measured. These were secured to the trunnions and
mounted to the vehicle support structure.

6.) A SRM Simulator was constructed. The actual SRM was to heavy to be used
for this test.

PNEUMATIC CONTROL SYSTEM

The rotation (lifting) of the flight hardware was accomplished with pneumatic
actuators which pulled cables that lifted the forward cradle and tilted the aft
assembly.

The pneumatic actuators were operated manually by adjusting hand valves which were
located on a system valve bank assembly (figure #2). This proved to be a simple
and effective method of operating the actuators.

The pneumatic actuators were special ordered with Buna-N seals for vacuum
compatibility. Functional tests were performed on the actuators to ensure their
integrity.

A full system verification was performed with the actuators on the support assembly.
During checkout, a frictional binding problem in the actuators was discovered. To
reduce the side loading on the piston, a swiveled pulley was attached to the end of
the actuator piston, allowing it to rotate freely (figure #3). The bolts which
mounted the pneumatic actuator to the support structure were loosened 1/4", to
allow the actuator to float, thus reducing the torsion acting on the actuator. The
tilt actuator was hung vertically and pinned at one end which allowed it to move
freely (figure #4). This setup reduced the friction sufficiently to allow the
hardware to be moved in a smooth manner.
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The system was proofloaded to two times the expected operating loads. The pneumatic
system applied the appropriate loads to pull the cable to mechanically proofload

the pneumatic test fixture. Both actuators were pulled simultaneously. Load cells
were used to verify the proper loads.

TEST INSTRUMENTATION:

Two hundred and thirty thermocouples were used to control kill and monitor tempera-—
tures on the unit, fixtures and chamber.

Four video cameras were used to monitor the actuation of the flight hardware.

Three were installed in the chamber and enclosed in cases where they were maintained
at ambient temperature and pressure. The first camera viewed the forward cradle
latch microswitch to verify complete latch operation. The second was located at the
aft cradle full up tilt microswitch to monitor its activation, the third viewed the
hinge actuator during its deployment. The fourth camera was mounted to a viewport
on the chamber 1id, outside the chamber. It was used to view the entire operation.
The valve bank operator used this monitor to control the 1lift and tilt operations.

Two load cells were used to obtain force vs angle data for post frictional analysis.
To obtain the accuracy required for the frictional analysis, a special calibration
was performed on the load cells. This special calibration gave a load cell accuracy
of +/- 2 1bs. One load cell was installed in line on the cable which lifted the
forward cradle. The second was installed in line, on the cable which tilted the

aft assembly.

Four clinometers were used to obtain force vs angle data, and rates of rotation in
degrees/minute. Two were attached to the forward cradle and two to the aft
assembly.

Two linear voltage displacement transducers (LVDT) were used to measure the initial
unlatch displacement of the top side of the forward cradle with respect to the
lower section of the forward cradle, and to verify the cradle returned to its
original position after rotation. They were also used to place the upper forward
cradle in the outer limits of the latch grab envelope, so the envelope could be
verified. These were attached to the latch side of the forward cradle on the lower
section. These too were heated and thermally isolated from the vehicle such that
they could be maintained at their ambient calibration temperature.

All load cells, clinometers, and LVDT's were maintained at ambient temperature to
ensure calibration integrity.

Redundancy was used for all critical test instrumentation except the load cells,

physical restraints prevented their redundancy. A bound spring on one LVDT limited
the plungers range. One of the aft assembly clinometers failed.
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VEHICLE SETUP:

The TOS was mounted horizontally in its support structure in the thermal vacuum
chamber (figure #5). The forward cradle flight hinge actuators and the aft cradle
flight tilt actuators, two each, were disconnected so they could be operated without
exceeding their zero g design limitations. The shuttle interface harness was con—
figured in a flight like manner to simulate harness stiffness during rotation.
Pneumatic actuator lifting interfaces were installed on the vehicle and the 1ift
cables and instrumentation connected. MLI was not installed on the top section of
the forward cradle for two reasons, first to help induce temperature gradients
between the forward and aft sections of the forward cradle, secondly, illiminate

MLI interference with the 1lift fixture.

MECHANISMS TESTS:

Deployment:

The test consisted of opening the forward cradle 60°. The full open position for
the cradle is 102°, but due to chamber size limitations, 60° was the maximum it
could be rotated. The full open microswitch activation for the forward cradle was
verified through floor tests, using an overhead crane.

The aft assembly was tilted 42° to activate the deployment microswitch. When the
activation of the microswitch was verified, the aft assembly was rotated to 45° to
verify full tilt capability. This is done because the primary and secondary tilt
actuators are offset, with the primary actuator capable of tilting 42°, the
secondary u45°,

Stowing: Latch Grab Test

Stowing is accomplished by lowering the forward cradle onto the aft cradle, then
latching the forward cradle, thus securing both the forward and aft sections. This
test was conducted to ensure the forward cradle and aft assemblies would stow and
latch properly under worst case conditions. The latching mechanism was designed
with a two inch latching envelope. Since the lateh actuators could exert enough
force to damage the test actuators, precautions were taken during this test to
prevent this occurrence.

The forward cradle was lowered within two inches of its stowed position. At this
distance the latches were required to open to their maximum range to grab the cradle
and pull it into a locked position. During latching operations, the test actuators
supported the forward and aft assemblies.

The full up deployment, and stowing routines were repeated three times at ambient
temperature and pressure and three times at worst case cold under vacuum conditions.
The data received from these tests was used to extract forces due to gravity and
rotation resistance.
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THERMAL VACUUM TEST RESULTS:

The predicted loads for a given
operation of the forward cradle

Degrees Rotation

angle vs the approximate actual loads for the
are shown below:
Maximum Allowable Load

Predicted Loads Actual Loads

Ambient 0° 1196 lbs 1220 1bs 1450 1bs
Cold (-65°F) 0° " " "
Ambient 60° 960 1bs 480 1bs "
Cold (—65OF) 60° " " "
The predicted loads for a given angle vs the approximate actual loads for the

operation of the aft cradle are

Degrees Rotation

shown: below:

Predicted Loads Actual Loads Maximum Allowable Load

Ambient 0° 1678 1bs 1740 1bs 1750 1bs
Cold (-65°F) 0° " #1927 1bs (max) "
Ambient 45° 1307 1bs 1376 1bs "
Cold (-65°F) 450 " " "

During lift and tilt operations, rates of 38.25 deg/min on the forward cradle and

15.75 degrees/min of the aft cradle were desired.

Due to the time required to

accelerate and decelerate, these rates were achieved only for a short period of time.

*During the first tilting operation of the aft cradle, the aft cradle would not move

at the allowable loading of 1750 lbs.

load by a maximum of 200 1lbs to

lower section of the forward cradle.

A decision was made to exceed the allowable
see if the aft cradle would free itself from the
The aft cradle came free at 1927 lbs, loads

through the remainder of the rotation returned to normal. The binding of the aft

cradle was caused by preloading

the forward cradle at cold conditions.
The last actuation was within tolerance at 1725 lbs.

maximum load at 1815 1bs.

SUMMARY :

in the forward cradle pads, and the contraction of
The second actuation also exceeded the

The mechanisms test successfully met its objectives by verifying the TOS's
operational envelope, and qualifying the vehicle's mechanisms in a worst case cold

environment.
cradle pads.

frictional analysis showed no major

They revealed a problem in the design and preloading of the forward
The two 10° pads were redesigned to prevent them from binding.

The
differences between the ambient temperature and

cold temperature friction for the forward cradle and only a slightly higher loading

for the tilting operation.
of the flight actuators.

These loads were acceptable and within the design range
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Figure 3. Forward Cradle Lift
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